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PREFACE 


There  are  several  static  aeroelastic  effects  and  related  problems  which  are  of  considerble  importance  in  the  design  of 
modern  high-performance  aircraft.  Static  aeroelastic  effects  are  manifested  in  the  form  of  changes  in  the  aerodynamic  load  or 
lift  distribution  on  the  aircraft.  These  changes  affect  the  structural  integrity  of  the  vehicle,  its  static  aeroelastic  and  flight 
stability,  the  effectiveness  of  control  surfaces,  and  the  overall  flight  performance.  The  characteristics  and  magnitude  of  these 
aeroelastic  effects  are  dependent  on  the  aerodynamic  shape  of  the  vehicle,  its  structural  stiffness,  and  the  particular  flight 
conditions  primarily  in  terms  of  Mach  number  and  dynamic  pressure.  For  optimal  structural  and  flight  control  system  design, 
all  these  static  aeroelastic  effects  must  be  taken  into  account  in  a  realistic  manner,  and  this  demands  coordinated  effort  in 
several  areas. 

In  this  Specialists'  meeting  on  “Static  Aeroelastic  Effects  on  High-Performance  Aircraft"  instances  of  these  problems  arc 
reviewed  and  it  is  demonstrated  how  modern  tools  for  structural  and  aeroelastic  analyses  can  be  successfully  applied  in  view  of 
structural  optimization.  The  individual  papers  of  the  Meeting  cover  many  aspects  of  static  acroclasticity  not  only  lor  military 
aircraft  but  also  for  modern  (runs [sort  aircraft.  The  various  papers  also  address  problems  and  recent  progress  in  windtunne) 
model  testing,  in  particular  measurement  of  static  deformations  on  windtunncl  models. 


H.Forsching 

Chairman.  Subcommittee  on 
AeroclastieiH 


ABSTRACT 


Modem  high  performance  aircraft  designs  tend  to  employ  very  thin  airfoils  having  a  degree  and  a  distribution  of  stiffness 
far  from  the  ideal;  in  consequence,  there  is  a  loss  of  control  effectiveness  and  manoeuverability.  Moreover,  the  introduction  of 
the  highly  forward-swept-wing  planform  poses  a  static  aeroelastic  effect  of  fundamental  importance;  these  effects  are  felt  at 
model  as  well  as  at  full  scale.  This  meeting  was  organized  not  only  to  review  instances  of  these  problems  but  to  see  how 
successfully  modem  tools  for  structural  and  aeroelastic  analysis  can  be  applied. 

The  individual  papers  of  the  meeting  cover  many  aspects  of  static  aeroelasticity  not  only  for  military  aircraft  but  also  for 
modem  transport  aircraft.  The  various  papers  also  address  problems  and  recent  progress  in  wind  tunnel  model  testing,  in 
particular  measurement  of  static  deformations  on  wind  tunnel  models. 


RESUME 

Les  avions  modernes  a  hautes  performances  ont  tendance  a  utiliser  des  voilures  tres  minces  ayant  un  degrc  de  rigiditc  et 
une  repartition  de  cette  rigidite  qui  sont  loin  de  (Ideal;  en  consequence,  on  observe  une  pcrte  d'cfficacite  des  commandos  et  de 
maniabilite.  En  outre,  ('introduction  de  la  forme  d  ailes  a  forte  fleche  negative  pose  un  probleme  d'effet  aeroelastiquc  statique 
d'une  importance  capitale;  de  tels  effets  sc  ressentent  sur  les  maquettes  aussi  bien  qu'en  vrai  grandeur  Cette  reunion  a  ete 
organises  non  .seulement  pour  passer  en  revue  des  exemples  de  ces  problemes  mais  aussi  pour  voir  dans  quelle  niesure  les  outils 
modernes  destines  a  1'analyse  structurale  et  aeroelastique  peuvent  etre  utilises  efficacement. 

Les  exposes  particulars  presentes  au  cours  de  la  reunion  traitent  de  nombreux  aspects  de  1‘aeroclasticite  statique  non 
seulement  des  avions  militaires  mais  aussi  des  avions  de  transport  modernes.  Les  different*  exposes  traitent  egalement  des 
problemes  recontres  et  des  progres  recents  enregistres  au  cours  des  essais  sur  maquettc  en  soufflenc,  en  paniculicr  en  ce  qui 
conceme  la  mesure  des  deformations  statiques  observees  sur  des  maquettes  en  soufflenc. 
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Abstract 

The  paper  first  describes  results  of  static  aeroelastic  calculations  for  a  recent  canard/cranked  delta 
fighter  project,  in  which  a  complete  aircraft  aerodynamic  and  structural  model  is  used  to  demonstrate 
fully-interacted  "free"  aircraft  deflection  modes  and  resulting  stability  effects.  The  significance  of 
these  results  is  illustrated  by  comparison  with  corresponding  "fixed  root"  calculations,  thereby 
Indicating  a  requirement  for  complete  aircraft  aeroelastic  modelling  at  the  earliest  possible  stage  in 
project  design. 

Aeroelastic  modelling  of  external  stores  in  the  context  of  store/aircraft  integration  is  also  discussed. 

Finally,  the  correction  of  high-speed  wind-tunnel  model  results  for  aeroelastic  distortion  is  addressed, 
indicating  those  parameters  which  are  likely  to  be  significantly  affected. 

Notation 

B  Moment  of  inertia  in  pitch 

Q  Free-stream  dynamic  pressure  »  ^ f V2 

^  Ambient  density 

V  Free-stream  velocity 

S  Wing  reference  area 

b  Wing  span 

7  Wing  mean  aerodynamic  chord 

CL  Lift  coefficient  -  lift/QSC 

Pitching  moment  coefficient  •  pitching  moment/QSC 
Cj  Rolling  moment  coefficient  •  rolling  moment/QSb/z 

oc  Aircraft  Incidence 

g  Acceleration  due  to  gravity 

n  Normal  acceleration  factor 

q  Pitch  acceleration 

C  Lift  derivatives  due  to «c ,  n  and  q  respectively 

L*,n.  i 

CM  Pitching  moment  derivative  due  to  * ,  n  and  q  respectively 

p  Steady  state  roll  rate 

^  Differential  flaperon  angle 

C|f  Roll  damping  derivative  «  >C|/>(pb/2V) 

C|^  Flaperon  roll  derivative  - 
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Notation  ctd. 


N  Store  normal  force 

Y  Store  side-force 

Roll  damping  aeroelastlc  efficiency 
Flaperon  aeroelastlc  efficiency 
Introduction 


> 
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Much  attention  is  paid  to  static  aeroelastlc  optimisation  of  combat  aircraft  structures  during  the 
preliminary  design  stage  with  the  aim  of  achieving  minimum  structural  mass  while  meeting  a  range 
of  aeroelastlc  design  requirements. 

This  paper  concentrates  on  the  aerodynamic  aspects  of  the  optimisation  and  Illustrates  the  changes 
to  stability  and  control,  and  loading  as  the  design  progresses  from  the  component  aeroelastlc 
assessment  to  the  full  aircraft  representation.  The  effect  of  aeroelastlcs  on  wind  tunnel  model 
design  is  also  discussed. 

Five  topics  are  chosen  to  illustrate  the  importance  of  static  aeroelasticity  on  aerodynamic 
design.  The  first  three 

*  Aircraft  Roll  Requirement 

*  Aircraft  Pitch  Effectiveness 

*  Effect  of  Aeroelastlcs  on  Aircraft  Longitudinal  Stability 
are  related  to  a  wing-foreplane  configuration.  The  fourth  subject 

*  Effect  of  Aeroelastlcs  on  Store  Design  Loads 

discusses  stores  mounted  under  a  variable  sweep  wing.  The  final  topic 

*  Aeroelastlcs  Considerations  in  Wind  Tunnel  Model  Design 

concentrates  on  the  complexity  of  modular  model  design  which  allows  versatility  during 
configuration  development. 

2.0  Aircraft  Roll  Requirement 

Conventional  combat  aircraft  have  historically  used  ailerons  or  spoilers  to  generate  roll  power. 
More  recently,  with  the  advent  of  all  moving  tail  surfaces,  differential  tailplane  has  been  used 
to  augment  roll  performance  particularly  at  high  speed  where  ailerons  are  prone  to  control 
reversal  while  the  all  moving  surfaces  maintain  reasonable  effectiveness. 

For  close  coupled  canard  configurations  differential  deflection  of  the  foreplane  produces 
negligible  rolling  moment  due  to  opposing  aerodynamic  interference  on  the  wing;  therefore  it  Is 
necessary  to  resort  to  wing  trailing  edge  flaperons  to  produce  ^ircraft  roll  power.  Because  the 
flaperons  are  therefore  the  only  means  of  producing  roll  control  ,  the  roll  requirement  generally 
dictates  the  structural  optimisation. 


Wing  twist  requirements  to  meet  aircraft  performance  at  cruise  and  combat  'g'  are  often 
compromised  by  the  primary  need  to  produce  rolling  moment  at  high  speed  (Ref  1).  Divergence  speed 
limits  and  flutter  frequency  separation  are  also  included  in  the  optimisation  requirements.  Other 
secondary  requirements  include  optimum  flap  twist  to  maintain  aircraft  performance,  and  limits  on 
wing  to  flaperon  deflection,  i.e.,  flap  bowing,  to  ensure  the  control  surface  remains 
aerodynamically  effective. 

The  roll  requirement  is  generally  defined  in  terms  of  aircraft  time  to  bank.  For  convenience  this 
is  then  interpreted  as  an  equivalent  maximum  steady  roll  rate  for  the  structural  optimisation. 
The  following  equation  defines  the  aeroelastlc  roll  effectiveness  given  the  maximum  allowable 
differential  flaperon  angle  and  required  steady  roll  rate. 

&  -  W 


Therefore  roll  effectiveness  i 

1,  2V  l 


*  Outboard  leading  edge  controls  have  In  the  past  been  used  to  augment  roll  control,  and 
increasing  aeroelastlc  effectiveness  with  speed  makes  this  an  attractive  option.  However,  because 
leading  edge  devices  are  primarily  a  means  of  controlling  flow  over  the  wing,  differential 
movement  can  produce  undesirable  aerodynamic  effects  and  should  only  be  used  as  a  palliative 
action. 


It  is  evident  that  rigid  aerodynamic  distributions  representing  both  roll  damping  and 
flaperon  roll  power  C|^  must  be  included  in  the  structural  optimisation  together  with  aerodynamic 
influence  coefficients  to  allow  the  change  in  aerodynamics  due  to  structural  distortion  to  be 
calculated.  Successive  iterations  within  the  optimisation  program  produce  an  Idealised  minimum 
weight  structure  to  meet  the  strength  and  aeroelastic  requirements.  The  idealised  structure  is 
subsequently  'engineered*  Co  respect  the  practical  aspects  of  structural  design.  A  trade  study 
including  the  flaperon  actuators  and  associated  hydraulic  systems,  controlled  by  actuation  load, 
ideally  produces  the  optimum  total  mass. 


The  flight  conditions  to  which  the  structure  is  optimised  are  dependent  on  the  aircraft  role  and 
defined  as  part  of  the  aircraft  specification.  For  an  interceptor  aircraft  this  includes  both 
subsonic  and  supersonic  high  speed  conditions,  for  example,  K  -  0.9  sea  level  (S.L.)  and  M  -  1.6 
at  the  design  diving  speed  (V^) .  However,  the  corner  point  of  the  flight  envelope,  i.e.,  V  at 
low  altitude  requires  consideration  because  experience  shows  minimum  flaperon  effectiveness  occurs 
at  this  flight  condlt.on.  Results  at  three  flight  conditions  are  therefore  presented  in  this 
paper,  namely  M  ■  0.9/S.L.,  M  -  1.2/V^  and  M  *  1.6/V^. 

2 . I  Flaperon  Roll  Effectiveness 


Figure  2  shows  the  variation  of  flaperon  roll  effectiveness  with  dynamic  pressure  at  the 
three  chosen  flight  conditions  for  the  configuration  given  in  Figure  1.  Three  points  to  be 
observed  are: 

(i)  Minimum  flaperon  roll  effectiveness  occurs  at  M  =  1.2  and  therefore  justifies 
Inclusion  in  the  optimisation  criteria. 

(ii)  Minimal  outboard  flaperon  effectiveness  is  available  at  M  *  1.2/V  .  Any  small 
variation  in  structural  properties  could  render  the  control  totally  ineffective  and 
therefore  any  apparent  roll  power  should  not  be  relied  upon. 

(Hi)  There  is  a  significant  reduction  in  effectiveness  between  fixed  root  wing 
representation  and  fully  flexible  aircraft.  It  is  important  to  take  this  effect  into 
account  during  the  early  phases  of  optimisation  when  it  may  be  necessary  to  consider 
the  wing  in  isolation  with  fixed  root  structure  because  the  configuration  is  otherwise 
not  frozen. 

2.2  Aircraft  Roll  Rate 


The  aeroelastic  effectiveness  already  described  is  interpreted  in  terms  of  percentage 
maximum  required  steady  roll  rate  in  Figure  3  for  the  wing  optimised  to  requirements  at  M  * 
0.9  S.L.  and  M  *  1.2/V^.  The  consequent  roll  performance  at  M  »  1.6/V^  is  also  shown. 

A  prohibitive  mass  penalty  results  if  the  maximum  required  steady  roll  rate  is  required  at 
the  M  **  1.2/Vl  flight  condition.  However,  this  condition  is  not  usually  included  in  the 
primary  operating  zone  and  therefore  the  requirement  can  be  relaxed  to  a  magnitude  which 
allows  the  aircraft  to  retain  control  particularly  at  low  level.  This  is  described  as  the 
minimum  allowable  steady  roll  rate. 

The  main  points  illustrated  in  Figure  3  are: 

(i)  Having  optimised  the  wing  to  requirements  at  M  *  0.9  and  M  ■  1.2,  excess  roll  rate  is 
available  at  M  -  L.6. 

Cii)  There  is  a  marked  reduction  in  rigid  roll  rate  between  wing  in  isolation  and  the  full 
configuration  particularly  at  M  -  1.2  where  the  increased  roll  damping  is  aggravated 
by  adverse  effects  of  flaperon  on  fin. 

(ill)  An  allowance  for  the  difference  between  the  fixed  root  wing  and  fully  flexible 
aircraft  should  be  included  in  early  optimisation  work. 

(iv)  The  small  contribution  of  outboard  flaperon  to  roll  rate  is  discounted  at  M  •  1.2'V 
because  of  its  potential  zero  effectiveness. 

The  trough  in  roll  performance  at  M  «  1.2/V  is  well  illustrated  in  Figure  4.  There  is  a 
marked  recovery  with  Increasing  altitude,  with  an  almost  constant  rate  being  available  at 
20,000ft.  over  the  full  Mach  number  range. 

3.0  Aircraft  Pitch  Effectiveness 


The  comparison  of  flaperon  roll  and  pitch  effectiveness  is  illustrated  in  Figure  5.  This  clearly 
shows  the  flaperons  to  have  much  greater  aeroelastic  effectiveness  in  pitch  than  roll  at  all 
comparable  flight  conditions  and  hence  why  generally  it  is  not  necessary  to  include  a  pitch 
effectiveness  requirement  in  the  structural  optimisation. 

The  aeroelastic  mechanism  is  different  for  the  two  cases.  An  aeroelastic  lift  loss  is  generated 
in  both  roll  and  pitch,  but  the  loss  occurs  predominantly  on  the  outer  wing  forward  of  the  rigid 
lift  centre  due  to  flaperon  deflection.  Hence,  with  roll,  there  is  an  Inboard  shift  of  centre  of 
pressure,  thus  aggravating  the  loss  of  rolling  moment.  In  pitch  there  is  an  aft  shift  of  centre 
of  pressure  which  enhances  the  pitching  moment. 
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Effect  of  Aeroelastics  on  Aircraft  Longitudinal  Stability 

In  early  design  phases  It  is  convenient  to  consider  separately  the  aeroelastlc  effect  on  load 
distributions  representing  different  aircraft  parameters,  for  example,  incidence,  sideslip, 
Inertia,  The  variation  of  rigid  non-dimensional  lift  distribution  with  aircraft  incidence. 
Integrated,  represents  C  and  and  hence  C^/c^»  which  as  a  first  approximation  represents 

the  rigid  aircraft  longitudinal  stability.  However*,  the  aeroelastics  resulting  from  this  case 
cannot  be  taken  in  isolation  to  represent  the  aeroelastlc  longitudinal  stability.  The  aircraft 
mass  distribution  with  an  applied  unit  vertical  acceleration,  taken  as  a  separate  aeroelastlc 
case,  generates  aerodynamic  lift  due  to  structural  distortion  and  which,  in  combination  with 
applied  Inertia,  gives  an  effective  shift  of  centre  of  gravity  varying  with  speed.  The  true 
change  of  longitudinal  stability  can  be  obtained  by  combining  the  aeroelastics  resulting 
from  the  individual  incidence  and  mass  cases.  The  latter  cases  are  termed  fully  flexible  'fixed' 
aircraft  aeroelastics  because  the  structural  model  must  be  fixed  In  space,  being  unbalanced  by 
other  forces. 


The  fully  flexible  'free'  aircraft  aeroelastics  are  obtained  by  balancing  lift  and  pitching  moment 
due  to  incidence  by  inertia  loads  resulting  from  vertical  and  pitch  acceleration.  For  an  aircraft 
weight  W  and  unit  incidence. 


nw 

QS 


+  C,  .n  +  C.  . 

Ig  L, 


+  vn  + 


QS2 


Solutions  for  n  and  q  give  the  combining  factors  to  produce  the  total  aerodynamic  contribution 
representing  the  fully  flexible  'free'  aeroelastlc  and  and  thus  longitudinal  stability. 

Cl^f ree  *  CL„flxed  +  CL,'"  +  CIV* 

Sl.free  *  +  CHt'n  *  Si-’ 

The  importance  of  this  effect  is  Illustrated  in  Figure  6.  The  diagram  shows  rigid  'fixed'  and 
’free'  aeroelastlc  contributions  to  C^.  C,  ,  and  C^/C^  at  M  -  0.9  S.L.  and  M  -  1.2/V  .  At  M  - 
0.9  the  'fixed*  results  give  an  apparentslgnif  leant  reduction  in  stability  whereas1*  the  more 
representative  'free'  interpretation  shows  little  change  from  rigid.  A  significant  difference 
between  'fixed*  and  'free'  is  also  evident  at  M  -  1.2. 


Effects  of  Aeroelastics  on  Store  Design  Loads 

Most  modern  combat  aircraft  are  designed  to  carry  stores  externally,  e.g.,  weapons,  fuel  tanks  and 
systems  pods.  Prediction  of  installed  store  loads  consequently  forms  a  major  part  of  the  aircraft 
design  and  flight-clearance  process.  For  wing-mounted  stores  the  aeroelastlc  behaviour  of  the 
wing/pylon/store  configuration  can  have  a  significant  effect  on  store  carriage  loads  (and  hence 
release/jettison  behaviour)  and  must  be  adequately  allowed  for  in  the  design  and  flight  clearance 
stages  of  project  development. 

An  example  of  these  effects  has  been  chosen  from  aeroelastlc  calculations  for  a  typical  missile 
and  systems  pod  carried  on  the  inboard  and  outboard  under-wing  pylons  of  a  current 
variable-geometry  combat  aircraft  (fig.  7). 

In  this  study,  a  f inite-element  model  of  the  total  aircraft  structural  flexibilities  (including 
pylons,  internal  control  rods  and  ERU  attachments,  but  with  rigid  stores)  is  used  in  conjunction 
with  a  subsonic  aerodynamic  panel  model  (Vortex  Lattice)  of  the  aircraft  store  conf iguration  (fig. 
7)  to  calculate  store  loads  for  the  rigid  and  flexible  aircraft. 

Typical  results  are  shown  in  figs.  8,  9  for  the  variations  of  store  normal  force  and  side  force 
(body  axes)  with  free-stream  dynamic  pressure  during  a  symmetric,  high  'g'  manoeuvre  at  Mach  0.9. 

The  loads  are  expressed  as  percentages  of  the  total  "rigid"  load  and,  in  the  case  of  normal  force, 
separated  into  aerodynamic  and  inertia  components. 

These  results  clearly  show  the  significant  effects  of  aeroelastlc  distortions  (primarily  wing  and 
pylon  bending)  at  high  dynamic  pressures  on  total  store  loads,  even  for  these  "high  density" 
stores  for  which  Inertia  loads  tend  to  dominate  the  total  normal  force  (e.g.  27Z  Increase  in  pod 
normal  force;  41Z  increase  in  missile  side  force). 

Hence  some  approximate  allowance  for  these  effects  must  be  made  in  the  estimation  of  initial 
design  loads  for  a  new  combat  aircraft,  based  on  similar  experience  from  previous  projects.  When 
the  stage  is  reached  where  detailed  structural  and  aerodynamic  descriptions  of  the  aircraft  become 
available,  the  effect  of  total  aircraft  flexibility  on  Installed  store  loads  should  be  evaluated 
as  a  basis  for  store  carriage  and  release/jettison  flight  clearances. 

Aeroelastlc  Considerations  in  Wind  Tunnel  Model  Design 

To  facilitate  the  aerodynamic  optimisation  of  a  combat  aircraft  configuration  it  is  often 
necessary  to  test  a  multitude  of  wing  geometries.  The  variables  can  include  L.E.  and  T.E.  sweep, 
thickness,  camber,  twist  and  different  combinations  of  control  surface  deflection.  It  is  logical 
therefore  to  manufacture  wind  tunnel  models  in  component  form  with  detachable  wings  and  separate 
leading  and  trailing  edges. 


Construction  of  such  a  modular  wing  is  illustrated  in  fig.  10.  Here  the  surface  is  attached  to 
the  fuselage  by  means  of  a  tongue  joint.  If  stiffness  checks  show  appreciable  deflections  on  the 
wing  due  to  this  form  of  attachment,  it  may  be  necessary  to  add  shear  spigots  fore  and  aft  to 
reduce  the  effect  of  wing  torque.  Control  surface  deflection  is  simulated  by  interchangeable 
segments  which  are  attached  to  the  main  wing  using  lap  joints.  The  size  of  lap  must  be 
sufficient  Co  ensure  a  continuous  deflected  shape  under  load  but  not  too  large  to  degrade  the 
stiffness  of  the  centre  main  panel.  This  modular  construction  is  structurally  more  flexible  than 
the  usual  solid  wind  tunnel  model  and  it  is  therefore  necessary  to  check  the  aeroelastic 
characteristics  of  such  a  model. 

The  wind  tunnel  model  must  first  be  represented  structurally  and  may  be  analysed  using  finite 
solid  elements.  However,  it  is  often  sufficient  to  abbreviate  this  description  using  Engineer's 
Bending  Theory  including  bending,  torsion,  and  shear  as  separate  terms.  To  represent  a  low  aspect 
ratio  surface  it  is  necessary  to  use  a  curved  flexural  axis  which  follows  a  constant  percentage 
chord  on  the  outer  wing,  then  continuing  as  a  radius  inboard  to  finish  perpendicular  to  the  body 
side.  The  method  over-predicts  torsional  stiffness  but,  by  suitably  scaling  the  individual 
flexibilities  from  bending,  torque  and  shear,  a  good  match  can  be  obtained  with  data  from 
comprehensive  model  load/deflection  tests. 

Aeroelastic  distortion  results  from  this  structural  modelling  indicate  appreciable  losses  may 
occur  at  the  dynamic  pressures  associated  with  high  speed  wind  tunnel  resting.  At  low  supersonic 
Mach  numbers,  for  example,  roll  power  from  trailing  edge  flaperon  deflection  can  be  in  the  order 
of  30Z  less  than  that  obtained  from  an  equivalent  rigid  wind  tunnel  model.  It  is  necessary 
therefore  to  produce  comprehensive  aeroelastic  data  for  the  model  to  enable  'rigid  data'  to  he 
calculated  using  the  flexible  model  load  measurements. 

Conclus ions 

The  examples  given  in  this  paper  serve  to  highlight  the  importance  of  overall  configuration  static 
aeroelastic  effects  In  the  design  of  a  new  high  performance  combat  aircraft.  The  relative  magnitudes  of 
these  effects  will  obviously  depend  on  the  chosen  aircraft  layout  and  stores  carriage  arrangement,  and 
may  well  have  some  influence  on  this  choice,  but  nevertheless,  the  following  main  points  should  be  given 
due  consideration  in  the  initial  project  design  phase:- 

(i)  For  close-coupled  canard  configurations,  the  roll-rate  requirements  used  for  wing/t laperon 
structural  optimisation  must  take  account  of  likely  reductions  from  the  Isolated,  fixed-root  wing 
values,  due  to  aerodynamic  and  structural  interactions  of  the  full  configuration,  particularly  at 
M  -  1.2 /VL. 

(ii)  Such  a  wing,  optimised  for  roll-rate  at  M  *  0.9  and  M  «  1,2,  sea-level,  will  give  good 
high-altitude  supersonic  roll  characteristics. 

(ill)  In  the  assessment  of  aircraft  longitudinal  stability  there  is  a  significant  difference  between 
"fixed"  and  "free"  aeroelastic  analyses,  the  more  realistic  "free"  results  (requiring  a  knowledge 
of  mass  distribution  to  calculate  balancing  "inertia"  loads)  indicating  little  change  from  the 
rigid  values. 

(iv)  For  wing-mounted  stores,  aeroelastic  distortion  of  the  wing  and  pylon  can  result  in  significant 
effects  on  installed  store  loads,  particularly  sideforce  (and  hence  yawing  moment),  for  which  due 
allowance,  based  on  experience,  must  be  made  in  producing  initial  design  loads.  At  a  stage  in 
the  project  when  a  complete  aircraft  aeroelastic  model  is  available,  calculations  of  fully 
flexible  installed  loads  should  be  made  as  an  input  to  store  carriage  and  release/ jett ison  flight 
clearances . 

(v)  High-speed  wind  tunnel  models  of  combat  aircraft  configurations  can  exhibit  significant 
aeroelastic  effects.  An  example  is  the  effect  on  wing  mounted  control  surface  forces  and  moments, 
particularly  when  the  model  in  of  "modular  wing"  construction.  Corrections  of  flexible  model  data 
to  a  "rigid"  standard  is  necessary  before  accounting  for  true  aeroelastic  effects  in  the 
full-scale  aircraft  aerodynamic  description.  These  corrections  can  readily  be  made  using  simple 
Engineer's  Bending  Theory,  matched  to  model  deflection  measurement,  together  with  standard 
aerodynamics  prediction  techniques. 
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FIGURE  1  TYPICAL  CLOSE-COUPLED  CANARD  DELTA 
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FIGURE  2  FLAPERON  AEROELASTIC  ROLL  EFFECTIVENESS 
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FIGURE  3  AEROELASTIC  EFFECTS  ON  STEADY  ROLL  RATE 
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FIGURE  4  AIRCRAFT  STEADY  ROLL  RATE 
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FIGURE  5  COMPARISON  OF  FLAPERON  AEROELASTIC  ROLL 
AND  PITCH  EFFECTIVENESS 
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FIGURE  6  AEROELASTIC  EFFECT  ON  LONGITUDINAL  STABILITY 


FIGURE  7  VORTEX-LATTICE  MODELLING  OF  THE 
AIRCRAFT/STORES  CONFIGURATION 
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SUMMARY 


After  recalling  the  general  principles  of  aeroelastic  coupling  with  structural  finite  element 
analysis,  we  explain  the  simplifying  assumptions  of  static  aeroelastici ty. 

Then  we  describe  the  technique  of  load  basis  reduction  used  in  in  the  branche  CHARGE  of  ELF  INI, 
the  general  aircraft  structure  analysis  program  of  AMD-BA. 

This  technique  allows  to  separate  the  big  expensive  computation  of  F.E.  resolutions  and  theori- 
tical  aerodynamic  analysis,  from  aeroelastic  coupling  and  flight  maneuver  computation. 

We  give  details  about  some  specific  points  : 

-  Mechanical  and  aerodynamic  non  linear  effects  in  statics  and  dynamics 

-  Optimization,  differentiation  of  flexible  aerodynamic  derivatives 

-  Model  adjustment  on  flight  measurements. 

It  appears  that  we  hold  some  satisfying  solutions  to  the  most  of  the  problems,  except  those  due 
to  aerodynamic  transonic  non  linearities. 


I  -  INTRODUCTION 


Le  calcul  des  structures  a  ete  rdvolutionne  dans  les  annfces  1970  par  les  techniques 
d'ana lyses  par  Elements  Finis,  qui  aujourd'hui,  en  s'en  donnant  les  moyens,  permettent  de  resoudre  les 
problemes  d'eiasticite  avec  pratiquement  la  precision  que  Ton  veut. 

Le  calcul  des  charges  et  aeroeiasticite  "classique"  base  peu  ou  prou,  sur  des 
modeles  eiastiques  de  poutre  longue,  s'est  tres  vite  reveie  depasse  notamment  pour  les  avions  a  voilure 
Delta. 


Nous  avons  du  faire  un  investissement  considerable  pour  mettre  le  calcul  des 
charges  et  d'aeroelasticite  statlque  3  la  hauteur  du  calcul  eiastique  par  Elements  Finis  ;  plus  recem- 
ment  les  modelisations  de  conmande  de  vol  electrique  ont  necessite  le  meme  effort  pour  1 'aeroeiasticite 
dynamfque  ;  il  a  fallu  en  particular  assurer  que  la  limite  statique  des  modeles  dynamiques  corresponde 
au  modele  statique. 


Ces  travaux  se  sont  traduits  par  1 'elaboration  de  la  branche  CHARGE  de  notre 
loglciel  ELFINI  (qui  regroupe  autour  d'un  noyau  central  d’analyse  par  Elements  Finis  toutes  les  disci¬ 
plines  du  calcul  des  structures  d'avions). 

Nous  en  decrivons  ici  les  grandes  lignes,  apres  un  rappel  des  equations  generales 
de  1 'aeroeiasticite  dynamlque  et  des  hypotheses  simpl ificatrices  conduisant  i  1 'aeroeiasticite  sta¬ 
tique. 


La  princlpale  caracteristlque  de  notre  approche  est  son  systeme  de  gestion,  base 
sur  les  principes  de  base  de  charges  et  de  base  de  formes  aerodynamiques,  qui  permettent  d'effectuer 
les  gros  calculs  de  resolutions  Elements  Finis,  et  <J' aero dynamlque  theorique,  independanment  du  cou- 
plage  et  des  calculs  de  manoeuvres  qui  sont  peu  couteux. 
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Nous  d£taiJJons  quelques  points  sp£cifiques,  et  de  dGveloppement,  Intfcressants  : 

-  Traitement  des  divers  types  de  non  linearity  en  statique  et  en  dynamique 

-  Optimisation,  technique  de  derivation  des  coefficients  atrodynamiques  souples  par  rapport  aux 
parametres  de  conception 

-  Identification  du  module  sur  les  mesures  en  vol. 

II  ressort  de  !' ensemble  que  nous  tenons  des  r£ponses  satlsfaisantes  4  la  plupart 
des  probldmes,  except*,  malheureusement,  au  calcul  des  charges  en  transsonique. 


2  *  PRINCIPES  DES  CALCULS  D 1 AEROEL AST  I C I TE 

2.1  -  Aeroelasticitfe  llnfealre  sur  Module  E.F.,  Equations  gfenferales 
Les  points  de  depart  de  ces  calculs  sont  : 

-  un  modele  Elastique  par  Elements  Finis  de  I'axion  complet  n'omettant  en  particulier  aucune 
surface  portante  (condition  du  couplage  automatlque  avec  les  calculs  aerodynamlques )  ;  nous 
avons  pratique,  pour  ces  modeies,  de  l'ordre  de  10  000  4  40  000  degres  de  liberte  (D.D.L.)  en 
fonctlon  de  l’avancement  du  projet  {Fig. 1  et  2). 

-  des  calculs  d'Aerodynamique  lineafre  par  methode  de  singularite  (Doublets,  Sources)  sur  des 
modeies  comportant  de  500  4  3000  facettes  (fig.  4). 


Pour  alleger  les  calculs  on  procede  4  des  reductions  de  base  conduisant  aux  rela¬ 
tions  suivantes  : 

-  En  eiasticite  : 

Solt  X  le  vecteur  deplacement  des  DDL  Elements  Finis,  on  choisit  un  systeme  de  DDL 
r6duit  x  relie  4  X  par  la  relation 

(1)  X  «  [V]x 


On  decompose  x  en  3  types  de  composantes  soit  x 


(2) 


.  xr  =  composantes  du  mouvement  de  corps  sollde  associe  aux  formes  rlgides 

.  x$  *  composantes  des  deforces  souples  associees  4  des  formes  de  base  (Vs),  Inertiel lement 

orthogonales  aux  precedentes  ;  les  (Vs)  sont  :  soit  les  modes  propres  souples  de  la 
structure,  soit  combinaisons  des  composantes  de  la  "base  de  charge”  sur  lesquelles  nous 
revenons  §  2.3. 

.  Xg  =  mouvement  des  gouvernes  associ*  aux  formes  (V^^ 

Soit  liquation  d'equllibre  dynamique  dans  la  base 
mx  +  vi  *  kx  =  f  .  ♦  F autre 


La  ma trice  de  masse  : 

rm 

rr 

0 

m  \ 

^  1 

Cm]  =  ^V]  [M]  [V]  = 
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La  matrice  de  rlgidfte  : 

gr 

9g 

gg  / 

f° 

0 

°\ 

[kj  =  *[V]  CK]  [v]  = 

0 

k 

0 

Vo 

0 

0  ' 

.  La  matrlce  d' amort issement  (V)  est  du  mfime  type  que  (k) 

.  Le  chargement  fa*ro  est  lie  aux  coefficients  de  pression  Kp  du  calcul  a*rodynamique  par  la 
relation 

£aero  =  t[VJ  Faero=IPyZ  ^  Kp 
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Nous  revenons  au  §  2.3  sur  1' etabl issement  de  l'operateur  de  transfert  des  Kp 
aerodynamiques  sur  les  noeuds  E.F. 

.  f  autre  =  t  (V)  F  autre  represente  l'action  des  forces  non  aerodynamiques  (poids,  poussGe 
reacteur,  effort  train  etc..)  nous  le  considerons  comme  constant  pour  simplifier  1' expose. 

.  En  aerodynamique  theorique  lineaire. 

On  pose  que  la  forme  aerodynamique  "portante",  sonine  de  la  forme  initiale,  du 
mouvement  rigide,  des  deformations  et  des  braquages  de  gouverne  est  une  combinaison  de 
formes  aerodynamiques  elemental  res  dont  les  effet  de  portance  se  combi nent  lineairement. 

On  peut  utiliser  pour  ces  formes  aerodynamiques  elemental  res  : 

-  soit  directement  les  formes  associees  aux  ODL  mecaniques, 

-  soit  des  formes  specif iques  independantes  des  DDL  elastiques  (Deformations  polynomials 
des  surfaces  portantes,  mouvements  rigides  par  zone,  voir  §.2.5). 

La  deuxieme  procedure  i  l'avantage  de  rendre  1* ensemble  des  calculs  aerodynamiques 
independant  des  calculs  d’eiasticite. 

Un  operateur  de  lissaqe  (L)  relie  alors  les  deplacements  q  de  la  base  aerodynamique 
au  deplacement  E.F.  soit  :  q  *  [L]x 

Dans  les  methodes  de  singularite  lineaire  (Portance  par  doublets,  voir  ref. 2)  on 
etablit  un  operateur  lineaire  reliant  les  Kp  des  facettes  du  maillage  aerodynamique  aux 
incidences  locales  de  ces  memes  facettes  soit  : 

(3)  Kp  a  [A]a 


En  aerodynamique  instationnaire  oti  on  r&sout  1' equation  du  potentiel  linearise  dans 
le  domaine  frequence,  cet  operateur  devient  )]  complexe  ;  nous  le  decomposons  en 

partie  stationnaire  et  partie  transitoire  soit  :  v 

[ A(^)l instationnaire  ~  CA3stationnaire  l A(  —)] trans i t . 


L’interet  majeur  de  cette  decomposition  est  qu’on  peut  obtenir  [a]  (terme  prepon¬ 
derant  en  basse  frequence)  par  des  theories  aerodynamiques  plus  sophistiquees  et  qu'on 
peut  le  recaler  sur  les  resultats  de  soufflerie  et  de  vol  (voir  §  3. 2 ) . 

Les  incidences  locales  des  facettes  sont  liees  aux  deplacements  et  vitesses  des 
noeuds  E.F.  par  des  operateurs  geometriques  soit 

(5) 

[a]  -  ao  ♦  [ff]X  ♦  [£$J  (£) 


(6) 


(7) 


-  Equations  generates  couplees 

En  rassemtolant  les  relations  1  S  5  on  aboutit  i  1 'equation  du  mouvement  couple, 
[mix  +  C'Mx  +  [k]x  =  t autre  * 

{[cq]  ♦Ccpx  ♦ ±[cp*  ♦  (ctr.dr)x)  ) 

En  decomposant  x  en  termes  de  cornnande  des  braquages  de  gouvemes  xg  et  en  termes 
de  reponses  des  modes  rigides  xr  et  modes  souples  xs  ;  la  partition  du  systeme  6  conduit  &  : 
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(8) 


Sol t  une  reprfesei  tation  dans  le  domaine  frequence  : 
CD(^pv2.  £)](>)  =  tg(yv2.  £,]  Xg 


-  Coflwandes  de  vol  electriqjes 

Le  mouvement  des  gouvernes  est  fonction  des  ordres  du  pilote  Cpil  et  des  mesures 
des  capteurs  du  mouvemer t  Ccap.  Pour  les  modules  lineal  res  on  fetablit  les  fonctions  de  trans- 
fert  du  type  : 

x  (a,)  =  £H  ..(u))]  C  H  (u\l  C 

(9)  g  ptlVUJ/J  pil  L  capvw;j  cap 

Les  mesures  des  capteurs  CDVE  fctant  elles-memes  fonction  des  DDL  X  soit  : 

(10)  Ccapt  =  C  Vcapt]  x 


(8') 


(id 


Reportant  les  relations  8  et  9  dans  7  on  obtient,  pour  le  t ransfert  commande  pilote 
->  mouvement,  des  Equations  analogues  i  7  et  8  avec  des  termes  supplemental  res  de  couplage  par 
les  CDVE  independant  des  pressions  dynamiques,  de  la  forme  : 

D'(|pv2,u)  (**)«  g'(|  Pv2  .U)  cpll 

Efforts  gSneraux,  efforts  internes,  contraintes  et  deformations. 

Ce  sont  les  sorties  ordinaires  des  calculs  de  charges,  el les  sont  des  fonctions 
lineaires  des  deplacements  Elements  Finis  soit  : 

[v]x  .  [|2]x 

Conduisant  aux  fonctions  de  transfert  des  reponses  structures  en  fonction  du 
mouvement  des  gouvernes,  de  la  forme  : 


(10) 

(So  \  „ 

(So  \ 

0  -  \  6X  )  x  = 

(sxj 

0  =  cf [d(  tPv2»  ^)]  (y  pv2»  v)] 


v  g 


2.2  -  Hypotheses  simp! if icatrices  en  aerpelasticite  statique 

Les  mouvements  etant  Suff isaronent  lents,  deviennent  negligeables  dans  liqua¬ 
tion  (7)  du  mouvement  couple  : 

.  Les  forces  d'inertie  des  deforro£»s  souples  et  des  mouvements  de  gouvernes. 

.  Les  termes  d’ amort is semen ts  aSrodynamiques  et  structuraux  des  memes  modes. 

.  Les  forces  aferodynamiques  transitoires. 

Ce  qui  conduit  pour  le  systeme  diquation  diquilibre  general  7  b  la  forme  : 


(12) 


[™r]  *r‘  2  Pv[C2r  r3ir  -  ?pv*  (tClr  r]xr  * 

-  I  Pv2  *  c0r^  +  £r  autres 

Ck]xs  -  \  PV  (CC2rs]ir)+  i  pv*  {[Clrr]xr  +[Clss]xg 


rWXg  ^  +  autres 


Comme  il  n'apparalt  plus  de  deriv£e  des  DDL  souple  dans  la  deuxiSme  ligne  il  est 
possible  d'fcliminer  ces  DDL  souples  dans  1 ‘equation  du  mouvement  par  la  relation  : 

1  -1  i  , 

xs  =  C  I-i  Pv2  CSsDD  {ipv  cs.]x.  *  7pv2  (CSr]xr  ♦  [Sg]xg+  cso])+  xSo 


Les  matrices  ( S )  reprgsentent  les  deformations  unitaires  des  modes  souples  sous  les 
effets  aCrodynamiques  des  divers  modes,  soit  : 

-1 


CSr3  -  CM-1  CCX  ] 


[S-]  -  [k]  [C2s  r] 


cs;  [cls,sJ 


-1 


CSJ  =  Ck]  Ccis,g] 


D  *  [I  -Ipv2  [S  ]] 

La  singularite  de  la  matrice  2  s  ("Flexibil i te"  des  modes 

souples  aeroeiasticite  couplfee)  correspond  &  la  divergence  statique. 

On  elimine  les  DDL  souples  en  reportant  (13)  dans  la  premiere  ligne  de  12  pour 
aboutir  a  1 'equation  de  la  mScanique  du  vol  du  mouvement  rigide  a£roel asti c i te  eliminee,  soit  : 

[mrr]  xr  -JpvCC'2]  Xr  'Tpv2  [C'l]  = 

1  Pv2  <[C'g]  xg  ♦[C'o]}  ♦  f„ 

Avec  les  operateurs  de  coefficients  aferodynamique  "aeroelasticite  eliminee" 

Cc'2]  =[W  +IpvCClr,S] 


Cc-  1  -  tc,  ]  ♦  7PV2  [C,  J  [D]"  [S  ] 
r  lr.r  2  lr ,  s  r 


,-l 


[C  ]  -  [C,  ]  ♦  i  pv2  [C,  J  CD]'1  [S  ] 


'lr,g 


'lr ,  3 


On  presente  sous  forme  "homograpbique"  analogue  les  operateurs  d'effort  gtnbraux, 
deformations  et  contraintes 

soit 

1  „2  r  1  r6o'aero,  .  -So'aero  .  r6a'aaro-,x  +  ,  ,  , 

2  p  2  {7C«7 f - ]  Xr  +  +  [j3T - 3Xg  0  aeroQ}  *  oo 

dont  les  coefficients  (Effet  unitaire  d’aerodynamique  "aeroeiasticite  eliminee"  s'ecrivent  sous 
des  formes  du  type  : 

[l?.'.a±r°.3  .  [«££"?]  +  \  pv2  [«2*!££]  [D]"1  [S  I 

6x  <5  x  L  6x_  4 


6  x 


2]  =  C 15-3  [Sr]  ,  [|£25IS]  =  [22-]  [S.] 


(Effet  unitaire  d'aerodynamique  aeroeiasticite  non  eliminee). 

Le  calcul  des  charges  statlques  s'effectue  compietement  a  partir  : 

des  calculs  de  manoeuvre  par  integration  de  1 'aquation  15  de  la  mecanique  du  vol  aeroeiasticite 
eliminee 


la  remontfe  aux  efforts  gCn&raux  et  Internes,  aux  deformations  et  contraintes  par  les  rela¬ 
tions  15. 
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2.3  -  Organisation  des  calculs  d'a6ro£1asticitS  et  de  charges  statiques 
2.3.1  -  Gfenferalitfes 

II  a  fallu  r§pondre  aux  imp^ratifs  suivants  apparenvnent  contradictoire  : 

-  N6cessit6  d'une  precision  des  calculs  des  charges  d'une  quality  £quivalente  &  celle  du  calcul 
des  contraintes  par  Elements  finis, 

-  Sophistication  devant  rester  homogfcne  avec  les  hypotheses  simples  des  calculs  d' aerodynamique 
lin£arisee  recalls  sur  des  essais  de  soufflerle  et  les  vols, 

-  Maniement  simple  des  calculs  pour  pouvoir  traiter  avec  des  deiais  et  couts  raisonnables  des 
analyses  dans  un  domaine  &  param£tres  multiples  (Type  de  manoeuvres,  configuration  massique  et 
d'emports  extferieurs,  mach,  altitude), 

-  Evolution  avec  les  raffinements  des  modules  s tructuraux  et  AGrodynamiQues ,  les  r£sultats  de 
soufflerie. 


Pour  cela  on  separe  les  calculs  en  deux  phases  : 

-  Les  calculs  volumineux  qui  sont  menes  independamment  du  couplage  a£roeiastique ,  des  configu¬ 
rations  masslques  et  des  hypotheses  de  recalage  empirique,  ce  sont  : 

.  la  resolution  des  Elements  Finis  sous  des  chargements  de  base 

.  les  calculs  d'aerodynamique  theorique. 

On  en  extrait  des  opera teurs  "concentres"  du  type  : 

.  decomposition  des  charges  de  pression  aerodynamique  unitaires  dans  les  chargements  de 
base, 

.  lissage  des  deplacements  de  base  du  modele  eiastique  dans  les  deformees  de  base  de  la 
surface  aerodynamique 

.  efforts  generaux,  deformations  et  contraintes  en  quelques  centaines  de  points  sensibles, 
pour  chaque  deplacement  de  base. 

-  A  partir  de  ces  operateurs  on  obtient  par  des  calculs  de  faible  volume  : 

.  les  coefficients  aerodynamiques  "avion  souple", 

.  le  mouvement  de  1 'avion  en  manoeuvre  par  integration  des  equations  de  la  mecanique  du  vol , 
,  1 'evolution  correspondante  des  efforts  generaux  et  des  contraintes  aux  points  controls, 

.  la  recherche  automatique  des  cas  enveloppes  dimensionnants, 

,  la  reconstitution  dans  ces  cas,  pour  des  analyses  completes,  de  r ensemble  des  deplace¬ 
ments  du  modele  EF  ;  on  peut  reconstituer  les  forces  aux  noeuds  pour  les  transfers  vers 
des  modeles  raffines. 

La  definition  exacte  des  configurations  massiques  et  les  recalages  empiriques 
interviennent.  au  debut  de  cette  deuxieme  phase. 

Nous  resumons  planche  3  1* organ igrantne  de  cette  technique  qui  est  fondee  sur  la 
notion  de  base  de  charges. 


2.3.2  -  Principes  de  la  reduction  dans  une  base  de  charges 

L'idee  directrice  est  de  considerer  que  toutes  les  charges  appllquees  sur  la 
structure  sont  combinaisons  linSaires  de  cas  de  charges  de  base,  ( courament  de  I'ordre  de  300  S 
500),  soit  : 


F  =  (P)  M 


-  Char^es^  de_base 

Les  cas  de  charges  de  base  rassembHs  dans  1'opSrateur  (P)  sont  partages  en  3 

categories  : 


p  -  f  p  p  p  ) 

'Inertie  aftro*  autre' 

,  (p^er^^e)  correspond  a  des  cas  felementaires  de  charges  d' inertie  dus  aux  accelerations 

des  mouvements  rigldes  (et  des  forces  centrifuges  pour  les  analyses  non  lineaire  de 
mouvement  sollde),  sur  une  decomposition  des  masses  de  Tavlon  (Hasses  de  base,  composees 
de  celles  de  1 'avion  vide  et  des  masses  variables  unitaires),  de  facon  S  pouvoir  recons¬ 
tituer  par  combinalson  les  forces  d' inertie  du  mouvement  rigide  dans  toutes  les  situa¬ 
tions. 
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.  (pd£ro)  correspond  a  des  charges  de  pression  elementaires  : 

.  pour  les  surfaces  portantes  les  composantes  correspondent  i  des  pressions  uni ta ires 
aux  noeuds  d'une  "grille  de  pression"  Elements  Finis  (voir  planche  5),  cette  grille 
est  IndGpendante  des  "facettes"  ou  sont  calculus  les  Kp  dans  les  programnes  d'afero- 
dynamique  theorique, 

.  pour  les  corps  fusel 6s  les  composantes  de  (p  *ro)  correspondent  aux  composantes  du 
torseur  des  charges  appliquSes  par  "tranche".  ae  0 


(Pautre)  correspond  aux  diverses  composantes  discretes  type  pouss6e  reacteur,  effort  train 
etc. . . 


-  Mftorfltas  de_Base  { B ) 

Elies  sont  calcul6es  par  resolution  du  module  Elements  Finis  sous  1 'ensemble  des 
cas  de  charges  de  base,  soit 


C  B]  =  [kT1  p 


■  Opferateur  rfeduit 

A  partir  de  (P)  et  (B)  on  extrait  les  op£rateurs  suivants,  suffisants  pour  mener 
les  calculs  d'aeroeiasticite  et  de  charges. 


-  OpSrateur  C6o  /  5u]  des  efforts  generaux,  efforts  unitaires,  contraintes  et  deformations  aux 
points  sensibles  ;  on  retient  pour  revaluation  des  charges  seulement  quelques  centaines  de 
composantes. 


-  Pour  permettre  1 'orthogonal i sat  ion  ulterieure  des  deformees  de  base  aux  modes  rigides  sans 
acces  aux  tableaux  (P)  et  (B)  : 


les  torseurs  des  resultantes  des  cas  de  charges  des  bases  : 

[ffr]  -  l[Vr]  [P] 


.  les  quantites  de  mouvements  rigides  des  masses  de  base  dans  les  deformees  de  base 


Cfss.]  =  C[V  J  [M.]  [B] 

o  u  r  i 


2.3.3  -  Calculs  aerodynamiques 

11s  fournissent  les  operateurs  donnant  les  coefficients  de  pression  en  fonction  des 
incidences  facettes 

K  =  K  +Ca 
P  po 

(.'organisation  des  calculs  est  compliquee  par  le  fait  qu'on  exploite  simul tanement 
les  resultats  de  differentes  methodes  : 

-  Methode  de  singularite  lineaire  pour  les  effets  de  portance  en  subsonique  et  supersonique,  le 
mail! age  pouvant  dependre  du  flach  et  de  la  frequence  reduite  en  instationnaire. 

-  Methodes  plus  couteuses,  d' Elements  Finis  ou  de  differences  finies  (Transsonique),  qui ,  en 
pratique,  ne  s'appliquent  que  pour  le  calcul  des  effets  rigides  et  de  gouverne. 

-  Recalage  sur  les  resultats  de  soufflerfe  et  de  vol,  qui  eux  aussi  ne  concernent  que  les  effets 
rigides  et  de  gouvernes  (voir  §  2.3.6). 

On  doit  g6rer  l'eftsemble  de  ces  resultats  raposant  sur  des  discretisations  indepen- 
dantes  des  champs  de  Kp  et  des  incidences  locales. 
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j  -  Banque  de  donnfees  aerodynamique,  recalaqe 

Dans  cette  phase  delicate  on  rassemble  dans  la  banque  de  charges  sous  forme  de 
composantes  les  rSsultats  des  divers  calculs  aerodynamiques  et  d'essais  de  soufflerie,  soit 
1 'elaboration  des  tableaux  : 


cfy  (M)] 

6  q 


f5u_  6KP, 
L6KpJ  L6a  ( 


M)]  i“ 
6<1 


[ii!  (M)] 

6q 


[f-]  [|^(«>] 

°Kp  5a  6q 


L'operation  prend  une  certaine  complexite  du  fait  que  les  calculs  aerodynamiques 
sophistiaues  et  les  resultats  de  soufflerie  ne  portent  generalement  que  sur  quelques  effets 
rigides  (incidence,  derapage,  braquage  de  gouverne). 

La  procedure  la  plus  rapide  est  1 'elaboration  directs  des  tableaux  ffiu  /fixr.g] 
et  C6u/  fixs]  independarrment  des  [fiu/fiq]  et  [5u/  6q]  qui  ne  sont  utilises  que  pour 
les  charges  des  effets  souples. 

Cette  technique  simple  peut  etre  contestee  pour  les  puristes,  en  considerant  que 
certaines  formes  simples  peuvent  coTncider  avec  les  formes  rigides.  (Un  debraquage  des  gouvernes 
du  3  la  souplesse  de  la  timonerie  n'a  pas  de  raison  d’etre  traite  autrement  que  l'effet  de 
braquage  de  la  gouverne)  ;  l'idee  est  alors  de  recaler  la  partie  "rigide"  de  chaque  effet  souple 
et  de  croire  3  la  theorie  pour  la  difference. 

A  partir  de  l'operateur  [Lr-g,q  ]  de  lissage  des  formes  "souples"  q  dans 
les  xr,x9  (obtenus  par  moindres  carres  avec  la  meme  integration  que  l'operateur  de  lissage  (L) 
des  Elements  Finis  dans  les  q),  il  vient  : 


recale 


C|^(M)] 


theo. 


(I  - 


6q 


fix 


[Lr-g,q  ])  + 


r-g 


^  recale 


§q__ 


6 


f Lr .g,qj 


Les  manipulations  conduisant  au  5  u/  fixr  recall  sur  la  soufflerie  et  le  vol  sont 
effectu§es  par  des  theories  de  complexite  diverse  : 

-  Manipulation  "3  la  main",  pour  reconstituer  des  courbes  d'efforts  gSnSraux  sur  les  corps, 

-  Recalage  automatique,  3  partir  d'une  fonction  d'affinite  parametree,  sur  les  resultats  de  pes£e 
partielle  en  soufflerie  ou  sur  des  contraintes  mesurees  en  vol  (voir  §  3.4). 

-  Recuperation  directe  de  r6sultats  mesure  de  press  ion. 


2.3.7  -  Couplage 


Ce  n'est  qu'3  cette  etape  qu'on  definit  la  configuration  exacte  de  calcul  soit  : 

-  La  repartition  de  masse  (combinaison  des  masses  de  base) 

-  Le  Mach  et  les  hypotheses  aerodynamiques 

-  La  pression  dynamique. 

On  se  place  virtue! lenient  dans  une  base  (Vr,  Vs,  Vg)  ou  les  formes  souples  (Vs) 
sont  orthogonales  aux  modes  rigides,  eiles  sont  deduites  de  (B)  3  partir  des  considerations  sui- 
vantes  : 

-  Les  charges  de  base  sont  equilibrees  par  les  forces  d'inertie  induites  correspondent  aux 
accelerations  rigides 

-  Les  deformees  de  base  sont  orthogonales  aux  modes  rigides. 

II  en  resulte  la  relation  entre  (Vs)  et  (B) 

CVs]  ={I  -[Vr]  l[Vr]  [„]}  [B]  {I  .  (|S_)  (Sts.)  j 
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dont  les  operateurs  se  d£duisent  des  matrices  C S  J  et  [D]  par  des  relations  du  type  : 


rial]  -  I 

L6xr  2 


pv2  {I 


(i^_)  (m  ) 

'5xr'  L  rr' 


-1 


(f^)}  [“I"1  CSJ 


ce  qui  permet  dans  les  configurations  d£sir£es  de  reconstituer  les  deplacements  avec  les  charges 
Elements  Finis  pour  les  relations  : 

D  =  [B]u  +  [Vr]xr  et  F  =  [P]u 

.8  -  Calcul  des  manoeuvres  et  de  charges  dimensionnantes 

Les  charges  resultent  de  manoeuvres  calcuiees  en  rfcsolvant  l'eauation  (15)  de  la 
mCcanique  du  vol  aeroeiasticite  elimine.  On  remonte  aux  contraintes  d'efforts  internes  aux  points 
sensibles  par  la  relation  (17),  on  reconstitue  les  charges  de  base  par  la  relation  20. 

Le  cout  des  calculs  dans  la  phase  de  couplage  etant  faible  (ils  peuvent  etre 
effectuSs  en  mode  interactif  si  on  le  desire),  on  balaye  facilement  le  domaine  d'analyse  (Type  de 
manoeuvre,  configuration  massique,  Mach,  altitude,  hypothese  aerodynamique ) . 

La  recherche  des  cas  de  charges  enveloppes  est  effectu£e  S  parti r  des  vecteurs  u  de 
chaque  manoeuvre  par  la  procedure  automatique  suivante  : 

-  Un  cas  de  charge  est  declare  enveloppe  s'il  conduit  a  une  valeur  extremale  de  la  contrainte,  £ 
une  tolerance  pres,  sur  au  moins  1  point  sensible  (composante  de  CT  ) 

-  Un  algorithme  trouve  le  nombre  de  cas  de  charges  minimal  tel  qu'en  chaque  point  sensible,  les 
valeurs  extremales  des  contraintes,  soient  atteintes  sous  au  moins  1  cas  ae  charge  (a  la 
tolerance  pres) 

-  L'elargissement  de  la  tolerance  permet  de  reduire  le  nombre  de  cas  enveloppe 

-  Le  processus  est  associatif 

Pour  les  cas  dimensionnants  on  reconstitue  les  deplacements  Elements  Finis  par 
combinaison  des  deplacements  et  charges  de  base  ;  la  reconstitution  des  charges  permet  de  calcu- 
ler  en  detail  sur  des  modeies  Elements  Finis  raffines  apres  une  operation  de  transfert  des 
charges. 


Un  point,  souleve  tres  souvent,  est  la  definition  des  manoeuvres  a  prendre  en 

compte  pour  le  calcul  des  charges  de  dimensionnement,  notamment  pour  le  cas  des  avions  i  com- 

mandes  de  vol  electriques. 

On  peut  employer  la  strategie  simple  suivante  : 

-  Etabl issement  des  char  es  et  dimensionnement  de  la  structure  pour  des  manoeuvres  simples 
forfaitaires  dont  le  choix  rSsulte  des  clauses  techniques  de  1'appareil  et  de  l'exp6rience 
qu'on  a  des  avions  precedents. 

-  Etabl issement  systematique  pour  tout  le  domaine  Mach,  masse,  pression  dynamique,  des  coeffi¬ 
cients  aerodynamfques ,  aeroeiasticite  eiiminee  (C)  et  des  contraintes  unitaires  (<5a'/6xr] 
fourniture  des  valeurs  extremales  o 

extr  - 

-  Calcul  systematique  des  9"  dans  toutes  les  simulations  de  mecanique  du  vol  avec  CDVE. 

En  cas  de  depassement  des  0 limites 

-  Soit  on  modifie  le  reglage  des  CDVE 

-  Soit  on  rediscute  le  dimensionnement  en  definissant  de  nouvelles  manoeuvres  pour  les  charges 
forfaitaires. 


Remarques  -  Methodes  aliegees 

La  methode  de  reduction  dans  une  base  de  chargement  et  une  base  de  forme  aerodyna- 
mique  demande  des  manipulations  et  des  donnees  initiales  relativement  complexes,  elle  est  avanta- 
geuse  pour  1 'etude  de  1 'aeroeiasticite  et  des  charges  dans  un  domaine  de  vol  complet. 

Pour  les  cas  moins  ambitieux  nous  avons  prevu  deux  types  d'allegements  : 

-  Utilisation  d'une  base  elastique  de  modes  propres,  qui  demande  beaucoup  moins  de  donnees  que  la 
base  de  charges,  le  cout  ordinateur  pour  une  configuration  massique  est  du  meme  ordre,  il  se 
multiplie  par  le  nombre  de  configuration  massique. 

-  Coincidence  des  formes  de  base  aerodynamiques  et  elastiques,  qui  evite  les  operations  de 
lissage,  mals  rend  une  partie  des  manipulations  aerodynamiques  dependante  des  resultats  de 
1 'elasticite. 


Ces  deux  allSgements  peuvent  £tre  introduits  indfcpendamment  ou  simul tankmen t. 


Les  reductions  de  base  modale  ont  1 ' inconvenient  de  presenter  une  susceptibil ite  a 
la  troncature  difficilement  appreciable  a  priori,  les  erreurs  de  troncature  rejai 1 1 issent  plus 
directement  sur  le  calcul  des  contraintes  que  sur  celui  des  coefficients  aerodynamiques  souples. 

La  methode  de  base  de  chargement  peut  §tre  consideree  comme  “exacte"  S  partir  du 
moment  ou  on  admet  la  decomposition  des  charges  dans  les  cas  de  base,  deux  considerations  rendent 
negligeables  les  effets  de  troncature  : 

-  L'effet  de  “Saint  Venant"  qui  fait  que  les  forces  agissent  principal ement  par  leur  torseur 
resultant,  qui  est  preserve  le  plus  localement  possible  dans  notre  approche. 

-  Le  fait  qu'on  veille  3  decomposer  chaque  "espdce  topologique"  de  charges  (Inertie,  Pression, 
Forces  concentrees)  dans  les  sous  especes  de  (P)  appropriis. 

Les  effets  de  troncature  des  charges  dus  aux  formes  aerodynamiques  sont  insigni- 
fiants  (eu  egard  3  la  precision  des  calculs),  le  lissage  dans  la  base  de  forme  reduite  peut  meme 
ameliorer  les  resultats  des  calculs  pour  des  structures  presentant  des  defauts  locaux  de 
rigiditS. 


POINTS  SPECIF IQUES  ET  DE  DEVELOPPEMENT 


3.1  -  Calculs  dynamiques 

II  importe  de  rendre  compatible  avec  le  modeie  d'aeroelasticite  statique  les 
modeles  de  calculs  de  stabilite,  dynamique  (Flutter,  accrochage  COVE)  et  des  reponses  dynamiques 
transitoires. 


Pour  1 'a^rodynamique  instationnaire  il  ne  faut  pas  que  la  rusticite  relative  des 
methodes  employees  (Doublets,  sources)  affecte  la  partie  stationnaire  et  a  fortiori  les  champs 
des  effets  rigides. 

C'est  pourquoi  nous  ne  prenons  dans  les  calculs  instationnai res  que  la  partie 
transitoire  soit  : 


A  (v)tr  “  A^v^inst  “  CA]stationnaire 
Rendu  dans  la  base  de  charges  les  effets  aerodynamiques  instationnai res  devien- 

nent  : 

6 u  .ok  _  fiu  stat*+  i  a)  stat.  5U  r Ar— 11  +  i—  —1 

6  q  =  6  q  rec*  v  5  ^  rec.  6Kp  LA  Lv  J  J  1  6q  v  5^ 


Pour  le  modeie  dynamique  eiastique  nous  pratiquons  deux  techniques  principales  : 

-  Utilisation  d'une  reduction  de  base  modale  calculee  indSpendamment  de  la  base  de  charges  ;  les 
forces  generalises  sont  transmises  par  la  relation  : 

f  =  [V]t  [P]u 


-  Calcul  dynamique  directement  dans  le  sous  espace  des  formes  (B)  de  la  base  de  charges,  orthogo¬ 
nal  isees  aux  modes  rigides,  qui  rend  en  quasi  stationnaire  le  modeie  dynamique  strictement 
identique  au  modeie  statique  ;  cette  technique  necessite  1 'elimination  des  composantes  redon- 
dantes  de  la  base  de  charge. 


II  existe  aussi  des  techniques  hybrides  : 

-  Base  modale  enrlcMe  de  deforces  de  base  ( Indispensable  pour  les  forces  exterieures  ponc- 
tuelles,  type  trains  d'atterrissage) 

-  Base  des  modes  du  sous  espace  (B)  Sventuel 1 ement  tronquGs 


3.2  -  Calcul  non  linSaire 
3.2.1  -  Non  IlnSarites  aerodynamiques 

En  pratique  il  est  impossible  de  les  nfigliger,  les  cas  dlmensionnants, 
correspondant  le  plus  souvent  au  domaine  transsonique  ou  1 'aftrodynamique  est  complStement  non 
1 in^aire. 


Pour  la  pratique  courante  nous  proc&dons  par  recalage  des  effets  rigides  sur  la 
soufflerie  (ou  le  vol  voir  §  3.4). 
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On  etablit  des  effets  rigides  “secant”  par  zone  du  domaine  incidence  braquage  de 
gouverne,  &  partir  de  1* interpolation  des  mesures  ;  les  calculs  d'aeroeiasticite  et  de  manoeuvre 
prennent  dans  la  base  de  donnee  aerodynamique  la  table  correspondante  d  1 'incidence  et  au  bra¬ 
quage  calcuie  (Processus  iteratlf  pour  les  manoeuvres  stabil isfees ). 

Les  effets  souples  (dont  la  partie  rigide  et  gouverne,  est  recaiee)  restent 

calculus  par  les  theories  subsonique  ou  supersonique. 

£n  d^veloppement  nous  testons  deux  approches  : 

-  Methode  des  petites  perturbations  transsoniques  dont  le  cout  raisonnable  permet  de  se  ramener 
au  processus  lineaire  par  calcul  des  effets  de  deformation  eiementaire. 

-  Methode  plus  sophistiquee  de  differences  finies  et  Elements  Finis  (ref.  3,  4)  pour  lesquels  on 
ne  peut  envi sager  que  des  analyses  pour  des  “formes"  donnees  soit  Kp(q)  ;  on  adopte  alors  pour 
les  calculs  d'equilibre  en  manoeuvre  une  methode  iterative  type  "Newton  modifiee"  avec  conme 
"solveur"  1 'cperateur  approche  [6Kp  /6qjlin.  des  theories  linearlsees  soit  le  schema 
suivant  : 


-  Analyse  lineaire  aeroelastique 


coef.  souples 
manoeuvre 

- ►  [6Kp  /6q]lin.  - q, 

r  ,  ^equil. 


-  Calcul  Aero  N.L.  sur  forme  q,  . , 

Hequil . 

- ► 


-  modification  Kpo 


l 


- ►  Kpo  =  Kp(qe-qull)  -  C6Kp  / 6q]lin  q#. 

1 

-  Analyse  lineaire  aeroelastique  et  manoeuvre  avec  Ko 


% 


equil . 


3.2.2  -  Non  linearite  mecanique 

-  Vitesse  de  rotation  (forces  centrifuge) 

On  ajoute  au  champs  de  forces  d'inertie  lineaire  le  terme  de  force  centrifuge 


F=I  mi  ft  a  (ft  *  GM) 


qui  s’exprime  dans  la  base  de  charge  en  fonction  des  prodults  des  rotations  rigides  sous  la 
forme  : 


centrifuge 


=  CCent]  x  . 

ri 


rj 


4  <  i  <  6 


L'operateur  [Cent]  est  une  combinaison  lineaire  des  composantes  "Force  centrifuge" 
de  la  base  de  charge  : 


Pcent  =£  M  C  C. 

ij  noeuds  noeuds  ^ 


A  partir  de  11  1 'aeroeiasticite  des  termes  de  forces  centrifuges  s'elimlne,  pour 
aboutir  1  une  equation  d'equilibre  aeroeiasticite  eliminee  analogue  1  (15),  mais  comportant  des 
termes  en  prodult  de  rotation  rigide  dependant  du  badin. 


Non  linearite  georoetrique 

Pour  le  calcul  des  charges  l'effet  1e  plus  significatif  vient  des  variations  de 
rigidite  induit  par  les  grands  braquages  de  gouverne. 

Si  on  veut  traiter  exactement  le  probleme  il  faut  it§rer  avec  des  analyses  E.F. 
gouvernes  braqufees,  qui  sont  dispendieuses  si  on  ne  precede  pas  par  sous  structuration. 

Non  linearite  de  contact 


C'est  un  cas  tr£s  frequent  resultant  de  l'effet  des  jeux  ou  des  montages  a  "patte 
calante"  des  charges  exterieures. 

On  dispose  de  deux  mSthodes  de  resolution  par  condensation  sur  les  DDL  de  contact, 
trfcs  peu  dispendieuses  : 

.  contact  hyperstatique  (applicable  S  1 ' isostatique  en  dynamique),  condensation  en  flexi- 

bilite 

-  le  module  EF  est  calcuie  sans  tenir  compte  du  contact 

-  on  enrichit  la  base  de  charge  des  reactions  unitaires  des  points  de  contact 

-  on  traite  les  jeux  comme  des  composantes  de  CT 

.  on  resout  liquation  d'equilibre  aeroelasticite  eiiminee  15  avec  des  reactions  de  contact 
unitaires  (Apparaissant  dans  le  terme  f'o),  on  obtient  les  jeux  correspondant ,  soit  la 
relation  : 

j  *  W  r  +  jc 

Les  conditions  de  contact  ajoutent  les  inequations  : 
r  >y  0  si  j  «  0 

j  »  0  si  r  =  0 

L'ensemble  est  rfesolu  par  une  technique  d'optimisation  (Iteration  de  gradient 
conjugue  "spherique"),  qui  fournit  les  reactions  d'equilibre  r,  qui  sont  reportees  comme 
second  nombre  de  Vfequation  d'equilibre  15. 

.  Contact  isostatique  (Essentiel lement  le  cas  des  jeux  dans  les  timoneries  de  gouverne  en 
dynamique). 

II  vaut  mieux  utiliser  la  procedure  "duale"  de  condensation  en  rigidite  suivante  ; 

-  resolution  E.F.  en  supposant  le  contact 

-  ce  sont  les  reactions  de  contact  qu'on  introduit  dans  les  O' 

-  on  resout  les  equations  d’equilibre  aeroeiastique  avec  des  jeux  unitaires  qui  appa- 
raissent  comme  des  braquages  de  gouvernes,  on  obtient  les  reactions  correspondantes, 
soit  la  relation  : 


r  =  [K]j  ♦  ro 


A  laquelle  on  rajoute  les  conditions  de  contact  r6solues  comme  precedemment 
si  r  ^  0  j  -  0 


Non  linearite  de  servo  comnande  (saturation,  non  linearite  du  model**  hydraulique  dynamique). 

On  procede  a  la  condensation  en  "rigidite"  du  probieme  de  facon  analogue  pour 
aboutir  aux  relations 


f 

servo 


[K]d 


servo 


f 

0  servo 


i  laquelle  on  rajoute  les  equations  d'equilibre  statique  (ou  dynamique)  de  chaque  servo- 
comnande 

d  =  fonctionCf  ,consignes .parametres .  etats  ) 

servo  servo’  °  L  .  ,  - 

non  lin.  hydraul.  preced. 
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Systeme  d'&quations  condense  non  lineaire  “dur"  3  resoudre  par  une  technique  BF6S 
avec  “Line  Search". 

-  Trains  d'atterrissage 

Le  couplage  au  train  d'atterrissage  s'apparente  3  celui  des  servos,  nous  l'avons 
decrit  en  detail  dans  la  reference  5. 

-  Non  linearites  en  dynamique 

Elies  exigent  une  integration  dans  le  donaine  temps  que  nous  traitons  de  maniere 
impliclte  (methode  de  Newmark  ou  de  Houbolt),  conduisant,  3  chaque  pas  de  temps,  a  resoudre 
un  equilibre  quasi  statfque  avec  des  coefficients  de  "rigidite"  modifies  (addition  de 

At7  +  ZT^V  "2^f>v^r^etun  second  membre  modi  fie  par  des  termes  fonctions  des 
etats  precedents,  3  cela  pres  toutes  les  techniques  de  resolution  des  equilibres  non  lineaires 
statiques  precedemment  cites  sont  valables. 

Le  probleme  theorique  deiicat  est  la  prise  en  compte  des  forces  aerodynamiques 
transitoires  qui  ne  sont  definies  que  dans  le  domaine  frequence,  nous  developpons  deux  tech¬ 
niques  : 

.  rationalisation  base  sur  le  lissage  de  Paerodynamique  par  des  polyn6mes  en  U)  qui 
conduit  3  : 


Utr  =  q  *  »2  ij 


n 

anq 


dont  les  termes  en  derives  se  prennent  aisement  en  compte  dans  1‘ integration  implicite. 

integration  par  convolution  3  parti r  des  reponses  en  Kp  ;  a  des  echelons  d' incidence 
locale  dont  les  coefficients  sont  identifies  par  transformee  de  Fourier  aux  frequences  de 
calcul  de  l'operateur  [A(ii!)] 

Ce  type  d‘  integration,  qui  fait  apparaUre  des  termes  correctifs  venant  du  passe, 
se  prend  en  compte  aisement  dans  T integration  implicite. 


3.3  -  Optimisation 


1‘usage  intensif  de  la  technique  d ’optimisation  structural  par  AMD-BA  depuis  une 
decennie,  a  exige  des  le  depart,  la  prise  en  compte  de  contraintes  d’ordre  aeroeiastique  portant 
essentieilement  sur  les  efficacites  de  gouvernes  et  de  vitesses  de  Flutter. 

Nous  avons  expose  en  detail  dans  les  references  6,  7  et  8  ces  methodes  qui  ont 
passablement  modifie  le  processus  de  dimensionnement  de  nos  avions. 

Ces  techniques  exigent  la  fourniture  au  moniteur  d’optlmisation,  de  1 'analyse  des 
"contraintes"  d'aeroeiasticite  et  leurs  derivations  par  rapport  3  des  parametres  de  conception  X. 
(Echantillonnage)  dont  les  matrices  de  rigidite  (K)  et  de  masse  (M)  dependent  lineairement  soit  : 


[K]  =  [K  J  +  l  \i  [K.3 
o  1 

Cm]  =  Cm  ]  *n i  Cm.] 

O  i 


Nous  resumons  ici  la  technique  speciflque  pour  effectuer,  3  meilleur  compte,  les 
iterations  d'analyse  et  de  derivation,  qui  s'organise  sensiblement  differemment  du  calcul  general 
expose  §  2.3. 

-  Analyse 


qs  representant  le  lissage  des  effets  souples  Xo  dans  les  formes  aerodynamique  de 
base,  il  vient 


21 


=  ipv2[L]{B  q  +  B  x  +  B.  x. 
2  y  u  1  s  ns  rr  rr 


g  g 


Les  operateurs  B.  correspondent  aux  resolutions  type  : 


8 


[K] 


-1 


P 


6u 

6Kp  6qs 


DO 


-1 


B 


Ps 
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(L 'operation  8.  =  (K)“*  P.  se  sous-entend  Conroe  comprenant,  en  plus  de  la  reso¬ 
lution,  les  orthogonal isations  de  P.  et  X.  aux  modes  rigides). 

On  tabule  avant  les  iterations  les  operateurs  de  charges  elementai res 

en  posant  : 


22 


X  -  |  pv" 


il  vlent  la  relation  d'elimination  des 


23 


i  Pv2  CD’]'1  t  (B 


+  B.  x. 


B  x  +  X  } 
ft  S  ° 


type  : 
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les  coefficients  aerodynamiques  et  aeroelasticite  elimines  prennent  des  formes  du 

C’  =  c  t  Xpv2  C  q  p 
rr  rr  2  r  s 


[p]  -  D'"1  L  B 


-  Derivation 

Sachant  que  d  (  F) 


K"1  dK  X 


la  differenciation  de  22  conduit  a  : 


25 


dqs 


j  Pv 


2'l  K"1  dK  {B 


B 

r 


x 


r 


B. 

r 


x. 


r 


B 

S 


X 

g 


X 


o 


} 


en  eiiminant  qs  par  23  il  vient 


dt>s 


ipv2  D"1  L  K_1dK{Br  xr  *  B;  x.  *  B 


g  g 


*0} 


en  differenciant  24  il  vient  : 

dC’ 


=  \  Pv2  C 
rr  2  r,q. 


dp 


dC'  »  -  i  pv2  C  ,q  D'1  L  fC1  dK  { E 
rr  2  r’Ms 


Preferable  sous  les  formes  : 


dC 


r_r  -  -  \  Ov2  {K*2  (Cr,qs  D'2  D,.  >t  dK(Br  +  Bq  p) 


dont  le  gros  des  calculs  represente  la  resolution  des  equations  d'equilibre  EF  avec  autant  de 
seconds  membres  que  de  coefficients  aerodynamiques  surveilies  dans  Toptimlsation,  d  chaque  Mach 
et  chaque  press  ion  dynamique  envisagee. 


dC* 


i  pv2 


c,  .q. 


D*1  (K*1  l-t)t  dK(Br 


*  B0  w) 


dont  le  gros  des  calculs  represente  des  resolutions  de  1'equilibre  EF  en  nombre  egal  a  celui  des 
formes  aerodynamiques  de  base  (Independanroent  des  coefficients,  Mach,  pression,  pris  en  compte). 
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3.4  -  Identification 


l 'idee  directrice  est  de  corriger  le  module  thSorique  en  fonction  des  mesures  en 
vol ,  pour  permettre  des  extrapolations  au-del4  des  points  du  domaine  effectivement  teste. 

Nous  avons  expose  en  detail  la  technique  que  nous  utilisons  dans  la  reference  9. 

L’avion  est  instruments,  en  plus  des  capteurs  classiques  des  paramStres  de  mSca- 
nique  du  vol,  de  plusieurs  centaines  de  jauges  de  contraintes  dont  la  disposition  rSsulte  d'un 
compromis  entre  la  surveillance  des  points  sensibles  de  la  structure  et  la  couverture  des  divers 
"chemins"  d' efforts  internes. 

-  Par  des  etalonnages  au  sol  on  corrSle  les  contraintes  calculSes  aux  contraintes  mesurSes  sous 

de  nombreux  chargements  (plusieurs  dizaines)  les  principaux  "chemins"  d'efforts  devant  etre 
excites,  il  en  rSsulte,  aprds  correction  un  op&rateur  60  /6F  fiable. 

-  Les  mesures  en  vol  sont  effectuSes  sur  des  manoeuvres  permettant  de  sfcparer  au  mieux  chaque 
effet  a6rodynamique  el  Amenta  ire  (Incidence  braquage  et  gouverne,  etc...),  ces  manoeuvres  dites 
"stimulus"  sont  des  oscillations  de  tangage  ou  de  roulis  4  frequence  variable  (programmes  dans 
les  COVE). 

-  On  s£pare  par  une  operation  de  lissage  les  reponses  aerodynamiques  elementaires  °r  mes  , 
dites  "mesurfees" ,  ces  resultats  intermediaires  sont  valides  par  recoupements  sur  d'autres 
manoeuvres. 

-  On  pose  que  les  differences  avec  la  theorie  ne  proviennent  que  de  la  distorsion  des  champs  de 
pressfon  aerodynamlque  rigide  ei£mentaire  par  une  fonction  dependant  de  parametres  A  inconnus 
(pour  les  effets  "souples"  on  croit  4  la  theorie). 

Les  techniques  de  recalage,  decrites  §  2.3.5,  et  1' ensemble  de  I'analyse,  permet- 
tent  le  calcul  des  reponses  des  jauges  en  fonction  de  X  soit  (X)  ,  le  processus  de 

derivation  fournissant  6o  /  6X  est  assez  complexe,  il  est  decrit  en  detail  dans  la 
reference  r 

-  Le  probieme  d‘ identification  est  pose  sous  la  forme 


X* 


minimum 


en  satisfaisant  aux  inegalites 


o 

r  mes 


-  e  <  or  (X)  <  or  mes 


e 


Soit  chercher  la  solution  la  plus  proche  possible  de  la  theorie  reconstituant  les 
mesures  4  une  tolerance  de  precision  pres. 

L'tnteret  de  cet  approche,  par  rapport  aux  methodes  classiques  de  moindres  carres, 
est  de  ne  pouvoir  etre  mis  en  defaut  par  les  combinaisons  de  parametres  "non  observables"  (pris 
alors  4  leurs  valeurs  theoriques),  et  que  les  donnees  de  precisions  des  mesures  £  peuvent 
etre  evaluees. 

Pour  etre  appliquee  telle  qu'elle,  cette  technique  exige  la  separation  d'effets 
aerodynamiques  linearises,  ce  qui  pose  des  problemes  en  transsonique. 

Remarque 

La  meme  technique  d‘ identification  par  reponse  de  jauges  s'applique  (plus  simple- 
ment)  sur  les  essals  en  soufflerie,  pour  la  reconstitution  de  champs  de  pression  "utile"  4 
parti r  de  mesures  sur  maquette  instrumentee  de  jauges  de  contraintes. 


4  -  CONCLUSIONS 


Nous  disposons  aujourd'hui  d'un  etat  de  l'art  en  calcul  des  charges  satisfaisant, 
pour  couvrir  en  statique  et  en  dynamique  : 

-  L* ensemble  des  phSnomgnes,  lineaires  ou  raisonnablement  1 ineari sables 

-  La  plupart  des  problemes  non  lineaires  mecaniques 

Le  probieme  delicat  de  la  gestion  de  ces  calculs  dans  un  domaine  mul ti parametres 
(Manoeuvres,  configurations  massiques,  Mach,  pression  dynamique)  est  resolu  4  faible  cout  par  les 
techniques  de  base  de  charges  et  base  de  formes  aerodynamiques. 

Le  point  vraiment  epineux  est  celui  des  non  linearites  aerodynamiques  en  trans¬ 
sonique,  qui  affectent  malheureusement  le  calcul  de  la  plupart  des  cas  de  charge  dimensionnants  ;  les 
methodes  de  calcul  simple  sont  trop  Inexactes  et  les  methodes  sophistiquees  trop  couteuses  pour  qu'on 
puisse  balayer  raisonnablement  le  domaine  des  configurations  ;  meme  1 1  identification  de  modeie  sur  le 
vol  est  tres  delicate  en  transsonique. 


Ces  aspects  negatifs  se  compensent  partiellement  : 

pour  la  voflure,  par  le  fait  qu'une  bonne  partie  des  manoeuvres  dimensionnantes  est  defini  par  les 
torseurs  resultants  des  charges  plutfit  que  par  les  paramfctres  aerodynamiques  ;  ainsi  pour  une  ma¬ 
noeuvre  de  facteur  de  charge  stabilisee,  le  fait,  qu'en  tout  etat  de  cause,  1 'avion  porte  son  polds 
et  qu'une  proportion  relati vement  constante  de  la  portance  se  sltue  sur  la  voilure,  attenue  notable- 
ment,  pour  le  moment  de  flexion  &  I 'emplanture ,  les  erraticites  des  repartitions  de  pression. 

que  les  commandes  de  vol  “digi tales"  modernes  peuvent  etre  dotees  de  systeme  correcteur  maintenant 
1 'avion  dans  un  domaine  donne  d'acceieration  (voir  de  contrainte). 
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ABSTRACT 

The  paper  initially  is  starting  with  some  typical  effects  of  static  aero1  'Stic  correction  factors  in 
context  with  the  definition  of  structural  design  loads  for  major  aircraft  com  ->tu.  -ts.  The  influences  on 
response  parameters  and  resulting  design  loads  are  shown  as  well  as  the  aeroelastic  optimization  of 
trailing  edge  flaps  with  respect  to  geometry,  efficiency  and  hingemoments. 


INTRODUCTION 

Over  the  last  20  years  the  implication  of  static  aeroelastics  has  increasingly  been  recognized  and 
respective  publications  reflect  their  influence  on  aerodynamics,  control  efficiency,  performance  and 
structural  optimization. 

In  the  beginning  these  influences  of  static  aeroelastics  have  been  evaluated  quite  independently  by 
the  different  technical  disciplines,  but  in  the  last  decade,  use  of  structural  optimization  programs 
especially  in  designing  carbon  fibre  structural  Components  led  to  the  development  of  tools  for  aeroelastic 
tailoring.  These  tools  now  represent  a  productive  link  between  the  technical  departments  in  order  to 
achieve  an  integrated  design  and  it  may  be  pointed  out,  that  the  quality  of  results  to  a  large  extent 
reflect  the  skill  of  project  structural  managers  in  coordinating  the  increasingly  complex  and  coherent 
technical  aspects. 


DETERMINATION  OF  AEROELASTIC  LOADS 

A  survey  of  important  considerations  on  general  aeroelastics  is  given  e  g.  in  the  References  of  the 
60th  AGARD  Meeting  last  year  (see  List  of  References).  Some  special  areas  of  interest  in  context  with  the 
definition  of  design  loads  for  a  flexible  aircraft  are  emphasized  here. 

Table  1  shows  a  simplified  example,  how  static  aeroelastic  application  rules  may  be  dealt  with.  The 
aircraft  aerodynamic  model  is  first  treated  as  a  set  of  major  aircraft  components  and  the  influences  of  the 
different  state  variables  on  longitudinals  -  as  angle  of  attack,  control  terms  and  damping  terms  -  are 
summarized  in  a  set  of  rigid  aerodynamic  coefficients/derivatives.  Static  aeroelastics  are  then  either 
added  (Ac..)  or  factored  (f(_.  )  and  considered  as  a  shift  of  aerodynamic  centre  of  pressure  (x..). 


The  structure  of  laterals  is  in  general  analogue  -  even  in  reality  being  more  complicated  from  e  g. 
determination  of  dihedral  effects  etc.  -  and  only  fin  and  rudder  as  well  as  store  components  are  added  in 
order  to  generate  the  major  aerodynamics/aeroelastics  of  those.  The  areas  of  interest  intended  to  be 
pointed  out  are  displayed  in  the  table: 


aeroelastic  wing  correction  (a) 
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aeroelastic  inertia  increment  AcLrij  and 
-  aeroelastic  fin  correction 

aeroelastic  inertia  increment  AC(. 

The  typical  shapes  of  those  aeroelastic  corrections  are  shown  in  Fig.  1  as  a  function  of  dynamic 
pressure  and  partly  additionally  dependant  on  Mach. 


Wing  Design 

Fig.  2  shows  in  graph  2a  a  comparison  of  the  static  aeroelastic  factor  fLl  derived  from 
theoretical  linear  theory  with  those  derived  from  a  "strip  method*  using  the  nonlinear  rigid  wing  spanwise 
local  lift  from  windtunnel  measurements  versus  angle  of  attack  (AOA)  as  shown  in  graph  2b.  It  is  obvious, 
that  spanwise  AOA  effects  have  an  important  influence  on  the  flexible  total  wing  lift  curve  as  shown  in 
graph  3c.  Whilst  the  resultant  flexible  wing  lift  curve  is  quite  acceptable  in  the  linear  region  it 
deviates  strongly  in  the  nonlinear  region.  A  comparison  of  windtunnel  measured  lift  from  a  rigid  bent  wing 
model  (designed  for  a  high  "g"/a  condition)  shows,  that  the  "strip  method"  matches  quite  well  the 
windtunnel  test  results  in  the  design  condition. 

From  this  experience  it  can  be  derived,  that  also  for  the  definition  of  incremental  effects  as  e  g. 
inertias  (  ACL,mn2  )  a  proper  relation  of  the  AOA  range  in  the  nonlinear  region  is  mandatory  and  can 
only  be  treated  in  an  iterative  process  using  combined  conditions  (e.g.  AOA  +  nz  ). 

In  forgetting  aeroelastic  tailoring  to  achieve  trailing  edge  flap  effectiveness  -  to  be  treated  at  the 
end  -  it  may  be  pointed  out,  that  the  effects  of  these  static  aeroelastics  on  structural  wing  design  can  be 
regarded  as  a  secondary  effect  (from  shifting  the  aeroelastic  wing  load  distribution  inboard  or  even 
outboard)  because  changes  in  wing  lift  from  aeroelastics  must  be  compensated  by  increasing  or  also 
decreasing  the  aircrafts  AOA  in  order  to  design  for  a  constant  load  factor. 


Fin  and  Forebody  Design 

For  these  components  the  sitution  is  quite  different  because  e  g.  a  horizontal  gust  case  may  become 
critical  and  the  resultant  sideslip  angle  really  produces  a  fin  efficiency  and  resultant  design  load 
coincident  with  fy,  and  forebody  loads  coincident  with  the  aeroelastic  increment  ACyB  ((3)  as  shown  on 
Fig.  I.  Thereof  these  factors  are  realized  as  primary  effects  on  design  loads  and  the  c.p.  shift  only  as  a 
secondary  influence. 


Horizontal  Tail  Loads 

Fig.  3  shows  the  application  of  steady  aeroelastics  on  the  derivation  of  horizontal  tail  loads.  First 
it  can  be  seen,  that  the  response  calculation  using  flexible  aerodynamics  reflects  an  increased  AOA  in 
comparison  to  the  rigid  value  in  order  to  achieve  the  same  magnitude  of  design  load  factor.  Secondly  a 
smaller  tailplane  load  is  necessary  for  initiation  of  the  manoeuvre  (according  to  MIL-Spec.)  but  an 
increased  tailplane  load  for  checking  the  manoeuvre.  In  a  swept  wing  stable  configuration  the  latter  effect 
can  be  explained  by  reduced  stability  and  it  becomes  even  more  pronounced  for  an  unstable  aircraft,  where 
very  small  control  loads  (tailplane,  foreplane  or  trailing  edge  flap)  for  initiation  of  the  pitch  manoeuvre 
are  produced  but  relatively  high  loads  arise  in  order  to  check  the  manoeuvre  (instability  effect). 


Effects  of  Inertia  Terms  on  Responses  and  Related  Loads 

Based  on  the  same  "strip  method"  as  quoted  above  for  derivation  of  wing  aeroelastics  Fig.  4  shows  the 
inertia  bending  effect  from  a  roll  acceleration  p  for  different  store  adaptions  on  a  medium  swept 
wing-using  windtunnel  measured  spanwise  distributions.  The  aeroelastic  deflection  results  in  local  AOA 
changes  leading  to  an  inertia  rolling  moment  Actp(a)  for  the  wing  alone  and  an  increment  for  outboard 
stores  respectively  as  shown  on  the  right  hand  side  of  Fig.  4. 

In  performing  a  MIL-Spec.  rapid  rolling  manoeuvre  considering  this  Actj,  term  it  is  revealed,  that  the 
resulting  acceleration  p  is  increasing  by  up  to  40  %  as  shown  in  Fig.  5.  This  p  produces  a  change  in  local 

load  factors  of: 


Anz  o/b  store  =  p-Ay/g 
Ariy  u/f  store  =  p-Az/g 


or 


thus  leading  to  increased  net  (aero  +  inertia)  normal  and  side  forces  by  up  to  50  %  for  the  0  "g"  case. 

In  this  context  an  interesting  relationship  between  the  moment  of  inertia  and  the  aeroelastic 
increment  ACij,  may  be  worth  mentioning.  Fig.  6  shows,  that  a  proper  combination  of  the  inertia  and 
aerodynamic  configuration  (aeroelastic  effects  of  outboard  stores  exist  only  in  line  with  remarkably 
increased  inertias)  is  mandatory  in  order  to  avoid  undue  roll  accelerations. 


Optimization  of  Trailing  Edge  Flaps 

An  empirical  formula  for  the  relationship  between  the  aeroelastic  roll  efficiency  factor  kg  and  the 
aeroelastic  hingemoment  reduction  kHM  for  ailerons  on  a  delta-canard-fin  configuration  can  approximately 
be  expressed  as  shown  in  Fig.  7.  It  is  seen,  that  half  of  the  aeroelastic  efficiency  reduction  can  be 
assumed  for  the  hingemoment.  In  demonstrating  this  very  simple  relationship  on  steady  roll  performance  it 
becomes  quite  obvious,  that  flap  design  hingemoments  are  strongly  influenced  by  a  careful  optimization, 
which  shall  be  treated  here  below. 

This  strong  influence  of  the  aircraft  elastic  structure  on  aerodynamic  loading  is  first  shown  by  the 
aeroelastic  correction  factor  of  an  outboard  trailing  edge  flap  (Fig.  8)  and  the  respective  chordwise 
distribution  shown  in  Fig.  9. 

It  will  be  shown  how  high  sustained  roll  rates  can  be  achieved  at  high  dynamic  pressures  with 
aeroelastic  tailoring  of  a  carbon  fibre  wing,  whilst  minimizing  hinge  moment  demand  and  therefore  hydraulic 
power  and  flow  requirements. 

A  certain  roll  rate  was  chosen  as  design  aim  at  Ma  1.6,  20000  ft,  which  makes  the  aircraft  agile  and 
competitive.  All  calculations  were  performed  with  the  TSO-Computer  program  /6/  with  a  MBB-modified 
optimization  algorithm.  The  program  can  minimize  the  structural  weight  by  proper  laying  of  CFC  laminates  in 
direction  and  thicknesses  fulfilling  in  this  case  static  strength  and  efficiency  (stiffness)  requirements 
simultaneously.  Because  a  plate  model  is  used  for  structural  representation  quick  changes  of  geometry,  like 
flap  size,  are  posssible  which  would  be  very  time  consuming  on  a  finite  element  model.  On  the  other  hand 
there  is  a  certain  loss  of  accuracy  so  that  results  should  be  taken  as  tendencies  rather  than  fixed  values 
of  structural  weight. 


Aim  of  the  Study 

The  aim  of  the  exercise  was  to  optimize  the  CFC  wing  laminates  (with  respect  to  weight)  in  thickness 
and  direction  -  always  fulfilling  the  rollrate  required  -  in  such  a  way  that  the  lowest  trailing  edge  hinge 
moments  could  be  found.  Flap  size  -  chord  and  length  -  were  varied  parametrically.  An  estimate  of  the 
exchange  rate  of  trailing  edge  hinge  moments  with  weight  is  given  in  Fig.  10.  This  figure  shows  that 
halving  necessary  hinge  moments  by  making  flaps  more  efficient  could  save  about  60  kg  weight. 

In  order  to  have  all  possible  flap  travel  available  for  rolling  it  is  necessary  to  do  required 
trimming  with  the  foreplane.  The  final  outcome  of  the  investigations  are  flaps  of  optimum  size,  which 
cannot  be  found  by  applying  pure  aerodynamic  considerations. 


Search  for  Optimum  Trailing  Edge  Size 

Due  to  strong  influences  of  elastic  deformations  on  stationary  aerodynamic  forces  at  high  dynamic 
pressures  the  classical  aerodynamic  approach  with  rigid  derivatives  must  be  replaced  by  a  method,  which 
optimizes  the  structural  weight  fulfilling  the  roll  requirement.  It  should  be  emphasized  that  all 
parametric  investigations  must  be  done  by  optimizing  the  structure  in  thickness  and  layer  direction  for 
every  point  investigated  -  which  could  mean  different  laminate  thickness  and  directions  for  each  point. 
A  study  taking  an  optimized  structure  for  one  point  and  analyzing  another  point  could  be  misleading. 
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The  study  was  conducted  in  two  steps: 

1 .  Find  the  maximum  possible  chord  flap 

2.  Define  a  split  line  for  two  flaps 


Investigated  Flap  Geometry 

The  scope  of  the  study  is  shown  on  Fig.  11.  Different  inboard  flap  chords  were  not  investigated 
because  the  requirement  was  also  to  get  the  largest  chord  flaps  aeroelastically  possible  necessary  to 
assure  controllability  at  high  subsonic  Mach  numbers  where  longitudinal  static  instability  is  the  highest 
and  flap  deflection  may  be  restrictive. 


Results 

Fig.  12  shows  the  hinge  moment  and  required  flap  angle  to  fulfill  the  roll  requirement  for  flap 
version  I.  It  shows  a  steep  gradient  for  hinge  moment  reduction  near  the  strength  design  which  flattens 
considerably  at  40  kNm.  Flap  deflection  shows  similar  behaviour.  It  should  be  noted  that  the  flap 
deflection  for  the  rigid  wing  cannot  physically  be  reached  with  the  given  t/c  ratio  and  material 
properties.  Rigid  flap  in  this  investigation  means  a  flap  which  is  continously  driven.  Two  optimization 
runs  were  made  with  flexible  flaps  driven  at  two  spanwise  positions  (0.2  and  0.5  wing  span)  which  showed 
that  flap  angle  goes  up  whereas  hinge  moment  goes  down.  These  results  should  not  be  applied  as  a  general 
rule  as  is  shown  in  Fig.  13.  This  figure  presents  results  for  flap  version  II  (40  %  outboard  chord).  The 
behaviour  of  hinge  moment  and  flap  angle  is  similar  but  40  kNm  can  be  reached  with  less  structural  weight 
When  the  flexible  flap  was  introduced  the  flap  angle  went  up  considerably  whereas  the  hinge  moment  did  not 
reduce.  A  boundary  for  increasing  the  flap  chord  outboard  is  the  flutter  speed  with  tip  missile  and  the 
request  for  a  reasonable  torsional  box  to  get  a  high  enough  missile  attachment  stiffness.  As  a  matter  of 
interest  flutter  speeds  of  the  clean  wing  were  calculated  and  are  presented  in  Fig.  14.  From  this  figure  it 
can  be  deduced  that  for  the  clean  wing  there  is  no  difference  between  wing  with  Dap  I  or  flap  11.  Flutter 
speed  increases  with  structural  weight  because  torsion  frequency  goes  up.  In  Fig.  15  v-g  plots  and  vibration 
modes  for  one  case  are  presented.  In  Fig.  16  the  added  mass  (above  the  mass  for  strength  design)  as  a 
function  of  the  hinge  moment  is  plotted.  The  optimum  hinge  moment  is  about  45  kNm  for  a  full  span  flap  The 
bigger  chord  outboard  flap  11  was  chosen  for  further  investigations,  because  it  clearly  shows  a  total  mass 
reduction  against  flap  1. 

Flap  Split  Definition 

In  order  to  define  the  flap  split  spanwise  two  exercises  were  performed.  The  full  span  flap  was  cut 
outboard  down  to  80%  and  60  %  span  -  always  fulfilling  the  roll  requirement  with  an  optimized  structure.  As 
shown  in  Fig.  17  this  is  the  wrong  way  to  go.  Hinge  moment  and  flap  deflection  increase  above  reasonable 
values  of 

40  kNm  and  15  deg.  (to  stay  in  the  linear  regime  of  aerodynamics) 
and  cannot  be  reduced  by  added  mass  because  gradients  are  too  flat. 

In  Fig.  18  the  fullspan  flap  is  cut  inboard  to  80  %  and  54  %  span.  The  hinge  moment  goes  down  now  but 
deflection  becomes  marginal  (close  to  15  deg.)  when  a  54  %  outboard  span  flap  is  used  alone  to  fulfill  the 
roll  requirement.  It  is  also  impossible  to  install  30  kNm  at  such  a  far  outboard  position  as  54  %.  Fig.  19 
shows  clearly  that  the  optimum  lies  around  35  kNm  installed  hinge  moment,  which  is  lower  than  for  full  span 
flap  (Fig.  16).  A  possible  way  to  go  is  shown  in  Fig.  20,  where  a  flap  split  is  taken  at  40  %  outboard  flap 
span  (referred  to  total  flap  span)  and  different  flap  angles  are  used  inboard  and  outboard.  Table  2  shows 
that  it  is  best  to  use  maximum  deflection  from  outboard  flap  respecting  the  limits  of 

20  kNm  and  15  deg.  angle 


because  ratio  flexible  hinge  moment 
flexible  wing  roll  moment 


is  :  -  1.5  x  better  than  full  flap 

*  2  x  better  than  inboard  flap 


Proposed  Flap  Split 

The  following  conditions  must  be  fulfilled: 

biggest  possible  outboard  span  flap  with  maximum  angle 
not  exceed  20  kNm  with  outboard  flap 
not  exceed  15  deg.  flap  angle 

Two  cases  could  be  calculated  (without  changing  the  aerodynamic  grid)  shown  in  Fig.  21.  A  split  of 
50  %  i/b  and  50  %  o/b  flap  was  selected.  With  a  linear  interpolation  of  the  results  shown  in  Fig.  21  this 
would  give  an  outboard  hinge  moment  of  22  kNm. 

Additionally  two  benefits  of  this  configuration  hould  be  mentioned; 
same  actuator  could  be  used  for  i/b  and  o/b  flap 

about  5  kNm  hinge  moment  is  still  available  at  the  maximum  roll  condition 
when  40  kNm  are  installed  as  a  total. 


CFC  Wing  Laminate  Thickness  and  Directions 

For  the  selected  case  the  laminates  are  shown  as  isothickness  in  Fig.  22.  An  unbalanced  laminate  was 
chosen  because  it  gives  lowest  structural  weight.  It  is  interesting  to  note  that  the  +45  deg.  layer,  which 
is  primarily  responsible  for  increasing  flap  efficiency,  is  increasing  its  thickness  outboard  to  produce 
higher  stiffness. 
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RESUME 

Sur  les  avlons  de  transports  modernes,  les  pnenomenes  aOroeiastiques  statiques  jouent 
un  rflle  tres  important  tant  au  niveau  des  qualttes  de  vol  que  des  efforts  appliques 
a  la  structure 

Apres  avoir  presente  la  metnode  utilisee  par  I  Aerospatiale  pour  la  prise  en  compte  et  le 
calcul  de  ces  effets,  cette  communication  aPorde  quelques  aspects  partlcullers  lies  a 
cette  approche  Les  dlfferents  points  abordes  sont  illustres  par  quelques  resultats 
d'etudes 


ABSTRACT 

Static  aeroelastlc  phenomena  play  a  very  important  role  on  modern  transport  aircraft, 
as  regards  both  handling  qualities  and  loads  applied  to  the  structure 

After  presenting  the  method  used  by  Aerospatiale  for  taking  these  effects  into 
consideration  and  calculating  them,  this  lecture  deals  with  some  particular  aspects 
associated  with  this  approach  The  various  points  discussed  are  illustrated  by  some 
results  of  our  Investigations 
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NOTATIONS 


Coefficient  de  portance  en  avion  rlglde 
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~b 

* 
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M 
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Gradient  de  portance  Hi  i  rincidence  en  avion  rlglde 
Incidence  en  avion  rigide 
:  Incidence  de  portance  nulle  en  avion  rlglde 
Gradient  de  portance  lie  au  braquage  (June  gouveme  en  avion  rlglde 
Braouage  gouveme  en  avion  rlglde 

Repartition  des  forces  locales  liee  a  un  effort  d'inctdence  en  avion  rlglde 

Repartition  de  forces  locales  llee  i  I'effet  portance  nulle  en  avion  rlglde 

Repartition  de  forces  locales  liee  &  un  effet  de  braquage  gouveme  en  avion 
rlglde 

Repartition  de  forces  locales  liee  i  une  deformee  (a)  de  T avion  souple 

Deformation  de  l  avion  souple 

Matrlce  de  coefficients  d' influence  aerodynamique 

Matrlce  de  flexibility 

Repartition  de  forces  locales 

Facteur  de  charge  verticale 

Masse  avion 

Press  l  on  dvnamique  =  ^ 

Surface  de  reference 

Variation  d'lncldence  due  d  I'effet  de  souplesse 
Variation  de  braquage  gouveme  due  i  i'effet  de  souplesse 
Deformee  avion  par  rapport  i  une  reference 
Matrice  colonne  unltalre  transposee  (matrice  ligne) 


|  f|  Repartition  de  forces  locales  avion  rigide 

Repartition  de  forces  locales  liee  i  I'effet  de  souplesse 

ocs  Incidence  en  avion  souple 
s 

o<o  Incidence  de  portance  nulle  en  avion  souple 
S  5  Braquage  gouveme  en  avion  souple 


5-4 


A<*.0 

"3  n 


Gradient  de  portance  lit  a  1'incidence  en  avton  souple 

Gradient  de  portance  lit  au  braauage  gouverne  en  avion  souple 

:  Gradient  de  portance  lit  au  facteur  de  charges  en  avion  soupie 

:  Variation  de  gradient  de  portance  lit  a  llncldence  due  a  Veftet  de  souplesse 

:  Variation  de  gradient  de  portance  lit  &  I'effet  de  Braquage  due  a  reffet  de 
souplesse 

:  Variation  d'incidence  de  portance  nulle  due  i  I'effet  d' Incidence 

Variation  de  gradient  de  portance  lite  au  facteur  de  charge  due  a  I'effet  de 
souplesse 


? 

i 


7*Up 
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Rendement  aeroelastique 
Repartition  de  coefficients  de  portance  locaux 
Positions  du  foyer  local  en  envergure 
Corde  geomttrique  locale 
:  envergure  redulte 

Rendement  en  moment  de  rouiis  lie  au  braquage  (>  p 
Vitesse  de  roulls  stablliste 


des  ailerons  = 


Vce 

^5r 
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L' evolution  des  avions  modemes  de  transport  se  traduit  par  une  recherche  continue  de 
I'augmentation  des  PERFORMANCES  dans  tous  les  domalnes 


-  vltesse, 

-  Aerodynamique. 

-  Structure. 

-  Gualtte  de  vol, 

-  Propulsion. 


-  Masses, 


Concorde  a  presente  un  "bond",  trials  la  generation  des  avions  actuels  ou  futurs.  s'lls 
"restent"  dans  le  domaine  suDsonniaue.  n'en  confirm ent  pas  moins  eet  objectif 

Pour  nous  aeroeiasticiens  ceci  se  traduit  par 

-  des  surfaces  portantes  aux  profils  tres  evotues  et  de  grands  allongements,  pour 
lesquelles  les  aerodvnamiciens  investlssent  heures  d'ordlnateur  et  de  souff lerle 

-  des  structures  ou  la  chasse  aux  kilogrammes  superf  lus  est  lancee  a  travers  des 
Modeles  Elements  Finis  toujours  plus  fins  et  de  procedures  ^optimisations 
attray antes. 

d'ou  des  avions  de  plus  en  plus  souples. 

Pour  s  en  convalncre  II  suffit  de  regarder  la  forme  prise  par  un  A3 10  en  cours  d'essais 
statlque  (Volrplanche  I). 

II  en  resulte  done  que  les  phenomenes  aeroeiastlques  sont  devenus  une  composante 
majeure  dans  cette  recherche  de  la  performance.  Nous  nous  tnteressons  lei  plus 
partlculierement  aux  phenomenes  statiques  ou  les  deformations  misent  en  jeu  sont 
suffisament  lentes. 


2  -  GENERALITES : 

Les  effets  de  I'aeroeiastlclte  statlque  se  manifestent  dans  tous  les  equlllbres  associes 
aux  dlfferentes  manoeuvres  effectuees  par  I'avlon  en  vol  II  en  resulte  des  modifications 
des  repartitions  d'efforts  locaux  et  des  conditions  d'equlllbre. 

Dans  la  mesure  ou  Von  veut  etre  performant.  11  est  necessaire  d'eilmlner  au  maximum 
les  incertitudes 


II  faut  done  etre  capable  d' explorer  tout  le  domaine  de  vol  avion  en  avion  souple  tant 
pour  les  problemes  de  qualltes  de  vol  que  pour  les  problemes  d'efforts  gener aux 

Par  allleurs  les  slmulateurs  de  vol  sont  de  plus  en  plus  utilises  soit  comme  out))  de 
developpement  soit  pour  I'entralnement  des  equipages  La  aussi  nous  trouvons  des 
moyens  de  simulation  de  plus  en  plus  performants  et  realistes  II  est  done  necessaire 
qu'lls  pulssent  prendre  en  compte  les  effets  de  souplesse. 

La  recherche  de  la  performance  au  niveau  conception  et  dimensionnement  de  la  structure 
nous  conduit  d  introduce  des  contralntes  ou  des  objectifs  adroeiastiques  dans  le 
processus  d'optlmlsation  structurale. 

Nous  pouvons  done  resumer  nos  objectifs  :  (planche  2) 

.  Explorer  tout  le  domaine  de  vol  en  avion  souple 

.  Donnees  slmulateurs  en  avion  souple 

.  Optimisation  aerodlastique. 


3  -  AEROELASTICITE  STATIOUE  £1  MECANIQUE  DU  VOL 

Les  deux  premiers  objectifs  ci-dessus  concernent  I'lmpact  de  l'abroelasticite  statique 
sur  la  mecanique  du  vol  et  de  ses  consequences  :  conditions  d  equiiibre.  qualltes  de  vol. 
efforts  generaux 

Compte  tenu  du  probleme  pose  et  des  objectifs  precedents  I  approche  Aerospatiale 
conslste  d  Introdufre  les  effets  de  souplesse  sous  la  forme  de  coefficients  correcteurs 
des  donnees  aerodynamiques  avion  riglde  aftn  de  conserver  le  modeie  mathematique 
utilise  en  mecanique  du  vol  tradltlonnelle. 

3  1  -  Ledums"  aerodynamiques  et  structuraux 

L'etude  de  1'aeroeiastlclte  statique  consiste  d  etudler  les  relations  entre  deformations 
et  forces  indultes  dans  le  cycle : 

forces  ->  deformations  ->  forces  indultes  ->  deformations  -> . 

Forces  aerodvnamloues  (PL  3) 

Le  cycle  precedent  fait  apparaltre  deux  types  de  forces  : 

-  forces  Initiates  declenchant  le  cycle 

-  forces  Indultes 


Les  forces  initiates  sont  cel  les  associees  d  I'avion  rigide.  Pour  les  forces 
aerodynamiques  elles  rdsultent  des  pressions  mesurees  en  soufflerle  ou  calcuiees 
theorlguement 


Elies  sont  rattachdes  par  exemple  aux  effets  : 


-  incidence 

-  portance  nulle 


R 

Cu=o 

_ => 


R 


-  braquage  gouverne 
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Les  forces  induites  (Fa)  sont  celles  resultants  des  deformations  de  la  structure  (a) 

La  methode  employee  pour  les  calculer  utilise  des  matrices  de  coefficients  d'influences 
aerodynamiques  stationnaires  (A!  calculees  par  la  methode  des  reseaux  de  doublets  {  Ref 
3)dou  :  =  if 

A  defaut  de  donnees  soufflerle  ou  theoriques  plus  evoluees  ces  matrices  permettent 
d'obtemr  des  forces  imtiales  de  bonnes  qualites  acceptables  pour  des  etudes 
prelim  inalres. 

Ceci  est  du  en  particulier  aux  possibilites  de  notre  code  de  calcul  autorisant  un  maillage 
fin  (500  "paves"  aerodynamiques  par  demi-avion)  et  a  un  recatage  global  en  portance 
pour  les  effets  Mach. 

.  Deformations  (Planc.he  4) 

Le  calcul  des  deformations  est  effectue  en  utillsant  une  matrice  de  flexibillte  [Cl 
reliant  forces  locales  (FI  et  deformations  locales  (a) 

H  =  Lc]H 

Cette  matrice  de  flexibitite  (CJ  est  calcuiee  par  le  code  Elements  Finis  A5ELF  developpe 
a  I'Aerospatiale 

La  schematisation  structurale  peut  aller  du  modeie  poutre  simplifiee  (voir  Ref  2)  au 
modeie  elements  finis  avion  complet  traite  par  assemblage  de  sous-structures  La 
methode  des  sous-structures  etant  parfaltement  adaptee  au  travail  en  cooperation  ou  en 
qroupes  operations  Is  specialises. 


2  -  Coefficients  aerodynamiques  en  avion  souple 

Le  principe  general  de  I'approche  utilisee  a  I'Aerospatiale  est  du  a  M.A  MARSAN  qui  l  a 
appliquee  a  I'etude  du  comportement  de  Concorde  en  vol  symetrique  stationnaire 
(Reference  I). 


3.2. 1  -  Principe  et  organisation  generate  du  calcul  (PI.  5  a  7; 

Pour  ne  pas  alourdir  lexpose  et  eviter  une  suite  d'expressions  matricielles  fastidieuses. 
le  principe  et  I'organisation  generate  du  calcul  seront  appliques  a 

-  I'equation  d'equilibre  en  forces  pour  des  conditions  de  vol  symetrique  sous  facteur  de 
charge  n  a  vltesse  de  tangage  nulle, 


-  un  avion  avec  empennage  et  gouverne  de  profondeur.  l’empennage  etant  considere 
comme  fixe.  L'avion  rlqtde  est  alors  represente  par  les  coefficients  aerodynamiques 

R 

Xl 


■  gradient  de  portance  avion  avion  complet 


(Fuselage  *  voilure  *  empennage) 


ft 

-  incidence  de  portance  nolle  en  avion  en  avion  complet  - _ _ 

-  qradient  de  portance  lie  au  braquage  de  la  gouverne  de  profondeur  _ 

En  consequence,  I'equation  d'equilibre  avion  rigide  s'ecrlt  dune  maniere  tres 
schematlque : 


n.M 


•3  =  3"^ 


Pour  des  conditions  de  vol  identiques.  I'effet  de  souplesse  ne  modif  le  pas  la  resultante 
des  efforts  aerodvnamiques  mais  entraine  une  variation  des  parametres  dbquilibre 
et  %  ainsi  quune  deformation  de  la  structure  (4 

La  resultante  aerodynamlque  netant  pas  modif  lee  le  systeme  d'efforts  assocle  aux 
effets  de  la  souplesse  est  done  en  equlllbre  Ceci  s'bcrit  sous  la  forme 

O  3  A«  +  +  ^  (13 

et  I'on  obtient  l  equation  d'equilibre  en  avion  souple  en  ajoutant  le  systeme  nul(2)a 
I' avion  riqide(T).  d'ou 


quant  aux  deformations  de  la  structure  elles  sont  dues  a  toutes  les  forces  aqissant  sur 
I  avion  provenant  des  effets  ngides  {F)«  et  souples  UF)*,  soit 

•  Hi_ 

.  {fJ* =  *  j m  jFfj +  n-M 

1  9 

M  .[tO-i[c)[»]J 

En  remplaqant  equation@dans  l  equation  d  equiiibre(3)nou5  arrivons  a  la 
formulation  mettant  en  evidence  la  forme  definitive  et  simple  de  l  equation  a equilibre 
en  avion  souple 


n.M.g  :  q.5.^(^4's)  +  q"  |*f  [«  ][  *]'’(  C  ] 

♦  i  -  ^  W  ■  ( 1  ”•  ‘‘t )  *  S'H’Wl  ( c  ]  i  Fif<  ^ 


n'.n.Jsi.s.(«i  («s.«  )  »  ISh  .»*)  © 

'  7)-k  ^  "5  7  T>  *>  / 


oij  apparalssent 


5-10 


Le  prtncipe  general  de  cette  approche  est  en  fait  applique  aux  equations  de  forces  et  de 
moments  tant  pour  des  manoeuvres  longitudinates  que  laterales.  II  en  ressort  un  grand 
nombre  de  termes  correctifs  associes  a  la  formulation  utlllsee  pour  l  avton  rigide  Par 
exemple  pour  rester  dans  le  domatne  longitudinal,  la  formulation  complete  du 
coefficient  de  portance  CLS  s'eerit 

4  e 


■e  AC.t_.S45  4  AC(_ .  iup  +  AC,_  Sp,|  +  AC^.n 


portance  de  I'avlon  sans  empennage  (WFP  *  Wring  » fuselage  *  pods) 


T  OCu  /  *  S  .  \ 

C  =  —  (W  -£  4‘m  )  portance  de  I'empennage  horizontal  (T  =  tail)  liee  a  lincidence 
"V  £  *  deflection 


“«!*% 


i-H  *  Praquage  de  I'empennage  horizontal 

portance  de  I  empennage  lie  au  Praquage  de  la  gouverne  de 
profondeur 


r  _  1 

"  oTu  v 
T  1/ 


portance  de  I'avion  complet  lie  a  la  vitesse  de  tangage 


V 


ACl5s|«  /  AC^.f^  ;  ACl.lc ^  ACt.J^;|  ;ACcn 

*  portances  asssociees  aux  Praquages 
spoilers,  aerofretns,  lift  dumper  ailerons  et  au  facteur  de  charges  n, 

Tous  les  coefficients  precedents  font  intervene  des  termes  correctifs  pour  tenir 
compte  des  effets  de  souplesse 

Quelques  exemples  de  termes  correctifs  sont  donnes  planches  8  a  10 


Planche  8  :  Exemple  de  termes  fonctlons  do  Mach  et  de 

IcV' 

— —  *  variation  du  gradient  de  portance  lie  a 


-  A 


souplesse 


ia  pression  dynamique 

I'lncldertce  due  a  I'effet  de 


On  retrouve  une  Evolution  en  Mach  du  mSme  type  que  celle  du  coefficient  en  avion  rigide 
alors  que  Involution  en  pression  dynamique  est  plus  ou  moins  de  type  parabolique. 

(Non  llneartte  assoc iee  d  I'inversion  de  la  matrlce  [B] 


*  rendement  aero^lastique  en  gradient  de  portance  lie  au  braquage  de  la 
gouveme  de  profondeur 


L'evolution  en  Mach,  s'll  y  en  a  une,  se  manifesteralt  au  niveau  du  A  par 
I'lntermediaire  de  revolution  du  coefficient  rigide  C * 

=  (  7cuS(,  -/') 

Planche  9 :  Variation  du  gradient  de  portance  assocle  au  facteur  de  charge.  A  *  '<)£<- 

n 

On  retrouve  revolution  plus  ou  moins  parabolique  en  pression  dynamique.  reffet  de  la 
repartition  de  masse  se  traduisant  par  une  sorte  de  translation 


& 

Planche  10 Effet  de  souplesse  sur  I’lncldence  de  portance  nulle  A  °<0 

Nous  faisons  ressortlr  Icl  une  des  posstbilites  originate  de  la  formulation  retenue,  a 
savolr  la  possibility  de  fournlr  I'effet  de  souplesse  sur  ('incidence  de  portance  nulle 
referencee  sott  a  la  forme  bat)  ou  forme  de  construction  (dite  forme  a  n  -  0  g)  soit  a  la 
forme  opttmisee  de  crolsiere  ou  forme  maquette  (dite  an-  Ig)  suivant  la  reference 
retenue  pour  I'lncldence  de  portance  nulle  en  avion  rigide 

Pour  une  pression  dynamique^-  0  nous  remarquons :  que  la  variation  d'incidence  a 
portance  nulle  referencee  a  la  forme  b3tl  (ou  n  -  Og)  est  nulle  car  lavion  n  est  pas 
deforme  et  que  la  variation  d'incidence  de  portance  nulle  referencee  a  la  forme  maquette 
(n  -  Ig)  est  dif rerente  de  zero  Elle  represent?  la  difference  d'incidence  de  portance 
nulle  entre  les  formes  maquettes  (n  -  Ig  et  batl  (n  -0  g>). 


3.3  -  Charges  en  aylon  souole  :  (PI.  4) 

Nous  avons  vu  precedemment  que  I'effet  de  souplesse  se  traduisait  par  une  modification 
des  conditions  d'equlllbre  «**  —4  =  •<*„  et  %'-c  ss=  s'  ♦  ds  ainsi  oue 
par  des  deformations  (a) 

Lexamen  de  liquation  d'equlllbre  de  lavion  souple  (  Equation@Planche  5)  montre  que 
les  repartitions  de  charges  liees  aux  variations  d'incidence  et  de  braquage  sont  prises 
dlrectement  en  compte  en  utlllsant  les  repartitions  unitaires  etablles  en  avion  rigide 
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Par  contre  ll  est  n£cess?,re  de  calculer  les  charges  ll£es  aux  deformations 
*  [A]  (a) 

Les  deformations,  comme  le  montre  l'£quatton@planche  6  dependent  des  efforts 
d'lncidences.  de  braquage,  de  portance  nulle  et  d'inerties  Les  charges  liees  a  la 
souplesse.  c'est  a  dire  les  deformations  sont  calculees  pour  un  effet  unitaire  de  chacun 
de  ces  parametres.  Par  exemple  pour  l  effet  d' incidence  nous  aurons 

M\  ^ 

Les  charges  souples  peuvent  etre  presentees  dlrectement  sous  forme  d'efforts  locaux 
unltalres  I  ou  sous  la  forme  de  portances  et  de  foyers  locaux 

(voirplanchell) 

La  combmaison  efforts  avion  rigide-  efforts  lies  aux  deformations  est  fatte  au  niveau 
de  letablissement  des  efforts  generaux 

3  4  -  Divergence .ges  surfaces  cortantes 

L'etude  de  la  divergence  des  surfaces  portantes  est  retude  du  comportement  du  cycle 
Efforts  ->  deformations  ->  efforts  induits  ->  deformations  -> 

Dans  le  cas  ou  ce  comportement  est  divergent,  les  deformations  W  tendent  vers  r.nfim 
D  apres  lequation  de  deformations 

W-DBT1  M(T) 

ceci  se  prodult  si  fB]  *[[l]  -  q[C]lAl  ]  est  singuliere  Pour  un  nombre  de  Mach  donne.  la 
recherche  de  la  vitesse  de  divergence  a  I'altitude  Z  revient  a  determiner  la  valeur  de  ^ 
qui  rend  la  matrice  fB]  singul  iere  1 

35  -  Commentates  et  remarques 

Dans  1  approche  proposee  pour  la  prise  en  compte  des  phenomenes  aeroeiastiques 
statiques  sous  forme  de  coefficients  aerodynamiques  avion  souple,  les  relations  entre 
deformations  et  efforts  aerodynamiques  induits  font  appet  a  des  matrices  de 
coefficients  aerodynamiques  stationnairesWet  une  matrice  de  f lexibilitefCl 


Hors  une  matnce  de  flexibility  est  toujours  associee  a  Oes  conditions  limitees  (appuis. 
encastrement). 

Ceci  peut  laisser  penser  que  les  termes  correctlfs  de  souplesse  mis  en  evidence  dans 
notre  approche  sont  fonctions  de  ces  conditions  llmltes.  II  n'en  est  rlen  heureusement 
car ; 

a)  Comme  nous  l  avons  vu  prOcedemment  les  effets  de  souplesses  forwent  un  svsteme  de 
forces  en  equllipre.  done  les  reactions  aux  appuis  sont  nulles 

b)  Les  deformations  £  considerer  sont  cel  les  par  rapport  £  I'avion  riglde  ramene  £  son 
centre  de  gravity. 

De  la  remargue  a)  II  ressort  que  la  forme  avion  est  Independante  des  appuis  et  la 
remarque  b)  demande  que  cette  forme  soit  d£finie  par  rapport  au  centre  de  gravity  avion 

Cecl  est  visualise  planctie  13 

Sous  I'effet  du  systeme  de  forces  f.  f  et  F  •  2  f  la  forme  avion  est  Identtque  solt 
encastr£e au CG  (appuis  All ou appuy£e  en  extr£mlt£s  de  votlure  (appuis  A2) (remarque 
a) 

La  remarque  b,  c'est-£-dlre  deformees  par  rapport  au  centre  de  gravity  necesslte  de  ne 
pas  utlllser  brutalement  les  matrices  de  flexibility  En  effet.  une  matrice  de  flexibility 
donne  des  deformations  par  rapport  aux  appuis  (Cl  pour  la  condition  d'apput  ai.  C2  pour 
la  condition  A2)  Cecl  condulrait  done  £  des  termes  correctlfs  A‘c,  et  4*Ct 
differents  Par  centre,  si  I  on  respecte  la  remarque  b)  dans  le  cas  A2.  e'est  £  dire  si  I  on 
evalue  la  d£form£e  par  rapport  au  CG  solt  C' 2  qul  est  alors  £gale  a  C I .  nous  obtenons  les 
mOmes  termes  correctlfs.  £?c't  ■=. 


En  consequence,  st  nous  voullons  £tre  rlgoureux.  nous  aurlons  une  matrice  de  flexibility 
par  configuration  masslque 

En  fait,  afln  de  ne  pas  trop  p£nallser  le  volume  des  calculs  et  compte  tenu  des  rigidltes 
mises  en  jeux  au  niveau  de  la  Jonction  vollure-fuselage,  nous  conslderons  qu’une  seule 
matrice  de  flexibility  [Clcalcuiee  directement  avec  des  appuis  aux  Intersections  de  la 
nervure  d'empianture  et  des  longerons  avant  et  arrtere  est  tout  £  fait  acceptable  et 
Justifiable 


4  -  EFFICAC1TE  DES  GQUVERNES  EN  AVION  SOUPLE 
41  -  Importance  de  I'effet  de  souplesse  (PI  15) 

L'effet  de  souolesse  se  tradult  par  une  modification  de  refftcacite  rigide  des  gouvemes 
Dans  le  cas  d'une  af le  en  fl#che  amere  equlpee  d'allerons  en  extr£m!tes.  II  apparalt  une 
perte  d'eff  Icaclte  qul  peut  alien  jusqu'£  1'lnverslon. 

Traditlonnellement  les  effets  de  la  souplesse  associes  au  braquage  des  gouvernes  sont 
donnes  sous  forme  de  rendements  aeroeiastiques  qut  sont  le  rapport  entre 
I'efficacite  gouverne  en  avion  souple  et  refftcacite  gouveme  en  avion  riglde 
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Par  exemple  pour  le 
avons 


r 


gradient 

net 


au 


moment 


4  - 


de  roulis  lie  au  braquage  des  ailerons  nous 

j(YjTL<i1L*TCc1\Ft,l 

na  ~ 


La  connaissance  de  tels  parametres  est  done  tres  importante  pour 


-  la  def  mition  des  gouvernes  emplacement 

geometrie 

-  le  choix  des  fonctions  des  gouvernes  pour 

quality  de  vol 
controle  des  charges 

-  le  dlmensionnement  avion  (rigidites) 


4  2  -  Efficaclte  des  ailerons  externes  A30Q  B 

Afiri  d'illustrer  1'impact  reel  de  I  airoelasticite  statique  nous  presentons  ci-apres  les 
resultats  d'etudes  et  d'essais  en  vol  effectues  sur  IA300  B  concernant  la  vitesse 
d'inversion  des  ailerons  externes 


4.2  1 


(Dlanche  16) 


LA300  B  est  eauipe  d'ailerons  externes  et  d'ailerons  internes  les  ailerons  internes  sont 
utilises  dans  tout  le  domame  de  vol  et  sont  done  appeles  ailerons  toutes  vitesses  Les 
ailerons  externes  ne  sont  utilises  qu  a  basses  vitesses  et  sont  appeles  ailerons  basses 
vitesses.  ( I  Is  sont  verouilles  en  position  neutre  lorsque  M  i  0.6) 


Dans  notre  etude  nous  nous  mteressons  a  une  commande  en  roulis  particuliere  assuree 
par  les  seuls  ailerons  externes  et  ce  meme  &  grande  vitesse  (Ailerons  internes  et 
spoilers  inhibes) 


En  considerant  une  manoeuvre  de  roulis  simplifibe  (ou  manoeuvre  a  1  deqre  de  liberte) 
dont  lequation  en  avion  soupie  s  ecrit 


lx 


4 

dt 


s 
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t  OC? 


la  vitesse  de  roulis 
braquage  ai  lerons 


stabilisee  est  proportionnelle  au  gradient  en  moment  de  roulis  lie  au 


2£i  _ 

' 


% 


DCt 


Sur  la  base  de  cette  approche  simplif  i£e  la  vitesse  d'inversion  en  roulis.  e'est  a  dire 
vitesse  avion  3  laquelle  la  vitesse  de  roulis  stabilises  est  nulle  (ps  -0).  est  bgale  i  la 
vitesse  de  rendement  enmoment  de  roulis  des  ailerons  nul  (  ^  =p.  ' 


Pour  les  ailerons  externes  A300  B  a  M  •  0.85  la  vitesse  de  rendement  nul  calculee  est  de 
V  -  426  kts  CAS 


42  2  -  Essais  en  vol  (planche  1 7) 


Une  campagne  dessais  en  vol  a  ete  effectuee  sur  IA300B  N’3  avec  une  tommanae  ae 
roulis  assuree  par  les  seuls  ailerons  extemes  tes  manoeuvres  de  roulis  stabilisees  ont 
ete  realises  a  M  ■  0.85  a  differentes  vitesses  pour  un  braquage  des  ailerons  extemes 
identique  en  amplitude 

Les  resultats  sont  donnes  planche  17 

a  V  -  385  kts  la  vitesse  de  roulis  stabilisee  est  d' environ  2’s/s 
a  V  *  403  kts  elle  est  pratiquement  nulle  (assiette  laterale  e  voisine  de  0) 
a  V  -  420  kts  elle  est  mversee  et  d' environ  -  2‘/s 
42.3  -  Comoaraison  calculs/essais  :  (planche  18) 

Les  essais  envoi  donnent  une  vitesse  d'lnverston  en  roulis  V^  =  400  kts  CAS  alors 
qu'un  calcul  sur  la  base  d'une  equation  slmplifiee  dome  V‘.o  ■  426  kts  CAS 

Dans  ce  cas  simplifie  la  vitesse  d' Inversion  en  vitesse  de  roulis  est  identifiee  a  une 
vitesse  d'inversion  en  moment  de  roulis  des  ailerons.  Si  nous  considerons  une  approche 
un  peu  plus  foul  I  lee.  il  ressort  que  la  vitesse  de  roulis  Po  obtenue  dans  les  10  premieres 
secondes  apres  un  echelon  de  gauchissement  Sf  est  donnee.  en  movenne.  par  la  relation 


s 

■c,p 

Cf  (, 

■  cl't 

C 

p.  = 

cif  J 

Les  simulations  effectuees  avec  une  commande  des  ailerons  extemes  identique  a  celle 
des  vois  conduisent  aux  vitesses  de  roulis  donnees  planche  16  On  notera  due  dans  ces 
conditions  la  vitesse  d'inversion  en  vitesse  de  roulis  trouvee  par  le  calcul  est  alors  de 
*  408  kts 


La  difference  avec  la  valeur  calculee  a  laide  de  la  manoeuvre  simplif  iAe  est 
principalement  due  au  role  Important  du  lacet  inverse  Indult  par  I'aileron 
)■ 


La  comparaison  calculs/essais  est  alors  tres  bonne  Remarquons  qu'H  est  aussi  possible 
de  calcul er  la  vitesse  d'inversion  en  roulis  en  recherchant  la  vitesse  gui  annule  le 
determinant  de  la  matrice 


Cl 


[cUy 


5  -  OPTIMISATION  AEROELASTIQUE 


Comme  nous  venons  de  le  voir  les  consequences  des  effets  aeroeiastlques  statiques 
peuvent  condulre  &  des  situations  inacceptables  vis  a  vis  du  reglement  &  satisfatre  (pas 
d'inversion  de  commande  pour  des  vitesses  Inferieures  a  VD  *  20%  dans  les  cas  sans 
panne) 
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Aussi  1 1  est  primordial  d'evaluer  ces  effets  tres  tot  af in  de  pouvoir  mettre  en  oeuvre  des 
modifications  pour  ameliorer  la  situation  si  necessaire 

Dans  ce  dernier  cas.  les  modifications  a  proposer  doivent  conduire  a  une  penalite 
massique  minimum  en  jouant  a  la  fois  sur  une  meilleure  repartition  de  la  masse 
travaillante  d'orlgme  et  sur  une  minimisation  de  la  masse  structural  associee  aux 
renforcements 

Pour  attemdre  ces  objectifs,  r  Aerospatiale  a  mtroduit  des  criteres  d'aeroelasticite 
statique  (principalement  le  rendement  gouveme)  dans  le  processus  d' optimisation 
statique  d£vetoppe  dans  le  cadre  de  son  propre  code  de  calcul  structure  par  elements 
finis  ASELF 

L  lntegratlon  des  criteres  d'aeroelasticite  s'est  faite  sur  le  prmcipe  de  I'architeciure 
generate  existante  du  code  d' optimisation  statique.  En  effet.  comme  pour  les  contraintes 
statlques.  les  criteres  aeroeiastiques  statiques  n’ont  pas  de  formulation  explicite  en 
fonction  des  parametres  d'optimisation 

II  a  done  fallu  determiner  un  mode  devaluation  approcne  relatif  a  ces  criteres. 
moyennant  des  recalages  ou  rpanalyses  e  periodlclte  appropriee 

L'ensemble  des  contraintes  statiques  et  aeroeiastiques  est  pns  en  compte  au  sein  du 
module  de  recherche  de  I'optimum. 

Ceci  s'effectue  en  deux  etapes 

-  formulation  et  acquisition  des  grandeurs  aeroeiastiques 

-  formulation  de  ce  nouveau  type  de  contraintes  au  seln  du  processus  d'optimisailon 

Pour  cette  deuxieme  etape,  e'est  i  dire  exprimer  quantitativement  les  criteres  et 
contraintes  aeroeiastiques  en  fonction  des  parametres  de  conception,  une  approcne 
linbaire  par  developpement  de  Taylor  du  premier  ordre  est  utiltsee,  comme  pour  les 
contraintes  statiques 

Des  considerations  de  formulation,  de  tallies  des  probiemes  matnciels  a  resoudre.  des 
interfaces  entre  grilles,  nous  ont  conduit  &  abandonner  1'uttlisation  de  matrices  de 
flexibllite  pour  le  calcul  des  deformations 

Celles  cl  sont  exprimees  sous  forme  d  une  combinaison  linbaire  de  deformees  de  base 
analytiques  Ceci  a  egalement  Tavantage  de  conduire  &  une  formulation  purement 
geometrlque  permettant  de  ne  calculer  quune  seule  fois  les  coefficients 
abrodynamiques  reiatifs  a  ces  deformees  de  base 

Compte  tenu  de  cette  integration  dans  le  processus  d’optimisation  statique.  les  criteres 
d'aeroelasticite  et  leur  sensibllite  en  fonction  des  parametres  sont  traites 
automatiquement  par  le  processus  general  amsl  que  leur  reactual isation  en  focntion  du 
redlmensionnement  iteratif  de  la  structure 

Avec  cette  approche  la  convergence  vers  la  solution  optimale  est  obtenue  en  quatre  a  six 
reanalyses  elements  finis  avec  un  cout  informatique  du  module  d’optimisation  tout  a 
fait  negligeable 


6  -  CONCLUSION 


A  travers  cette  revue  des  obenomenes  aeroeiastiques  stattques  affectant  les  avions 
modemes  de  transport  nous  avons  mis  en  Evidence  leur  importance  tant  an  niveau  de  la 
conception  qu'au  niveau  de  la  Justification 


II  en  ressort  qu'll  est  absolument  nOcessaire  de  disposer  "d'outlls"  de  calcul  appropnes 
et  fiables. 

Par  allleurs,  si  I  on  veut  pouvoir  etre  eff Icace,  II  faut  qu'ils  solentt  utllisables  des  la 
phase  de  pre-dimensiortnement 

Ceci  veut  dire,  que  si  Ton  veut  etre  PERFORMANT,  pour  rester  dans  le  challenge  6voque  au 
debut  de  ce  document.  II  est  indispensable  d'assocter  etroltement.  I'AEROELASTICITE 
STATIQUE  aux  premieres  phases  de  CONCEPTION  d'un  avion. 
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AEROSPATIALE  OB  ISCTI VRS 


DIRECTION  ETUDES  TOULOUSE 


•  To  prospect  the  complete  flight  envelope  with  the  flexible  aircraft 


-  Handling  qualities 
•  Loads 


•  To  introduce  the  flexible  aircraft  in  the  flight  simulators 
#To  perform  aeroelastics  optimisation 


MEANS 


Aircraft  static  aeroelastic  effects  involve  relations  between 
deformations  and  induced  forces 

— b  Induced  forces  -  aerodynamic  effects 

Deformations-  structure  -  effects 
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♦  Flexibility  matru  I  c  J  -  ((supports! 


•  AS  approach  independant  of  ihe  supports 


•  flenble  induced  aerodynamic  loads  in  equilibrium 
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DIRECTION  ETUDES  TOULOUSE 


•  Introduction  of  aeroelastic  constrains  in  ASELF  optimisation 
process 

I  mainly  controls  efficiency) 


•  2  steps  -*  acquisition  of  aeroelastici  factors 

Sue  of  the  problem  -•  deformations  by  basic  reference  shapes 
combination 
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appropriate  fcemuiation  of  the  problem  mside 
the  optimisation  process 
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SUMMARY 

It  is  well  known  that  wings  with  supercrl t leal  airfoils  generally  have  lower  transonic 
flutter  speeds  than  similar  wings  with  conventional  airfoils  and  that  small  increases 
in  angle  of  attack  from  zero  and  the  accompanying  static  aeroelastlc  deformations  have 
further  detrimental  effects  on  transonic  flutter.  This  paper  presents  the  results  of 
an  effort  to  calculate  the  effects  of  angle  of  attack  and  the  associated  aeroelastic 
deformation  on  the  flutter  of  a  highly  swept  supercrl tl cal  wing  (TF-8A)  by  use  of  the 
modified  strip  analysis  employed  In  previous  studies  of  this  wing.  The  spanwise 
distributions  of  steady-state  section  lift-curve  slope  and  aerodynamic  center  required 
as  Input  for  these  calculations  were  obtained  from  static  aeroelastic  calculations  for 
the  wing  by  use  of  the  FL022  transonic  code  and  an  assumed  dynamic  pressure.  The 
process  Is  Iterative  so  that  flutter  can  be  obtained  at  the  same  dynamic  pressure  as 
that  used  to  calculate  the  statically  deformed  shape  and  loading  about  which  the 
flutter  oscillation  occurs  (matched  conditions).  The  results  of  this  investigation 
show  that  the  unconventional  backward  turn  of  the  transonic  dip  in  the  experimental 
flutter  boundary  for  angles  of  attack  greater  than  zero  is  caused  by  variations  In 
mass  ratio  and  not  by  static  aeroelastic  deformation,  although  inclusion  of  the  latter 
appears  to  be  required  for  quantitative  accuracy  In  the  calculations.  For  the  very 
high  subsonic  Mach  numbers  of  this  Investigation,  however,  quantitative  accuracy  will 
also  require  inclusion  of  viscous  effects  on  shock  strength  and  location. 
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ac  ,  n 
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br 

Cl 

l  n 


Cl 


Cl 
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k 

M 

mr 

q 
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a 
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A 


ea 


nondi mensi onal  distance  from  midchord  to  section  aerodynamic  center 
measured  perpendl cul ar  to  elastic  axis,  positive  rearward,  fraction  of 
semi  chord 

semichord  of  wing  measured  perpen di cul a r  to  elastic  axis  at  station  n 
semichord  of  wing  at  spanwise  reference  station  U  s  0.75) 
wing  lift  coefficient  at  a=0 

wing  lift-curve  slope 


section  lift  coefficient  for  a  section  perpendicular  to  elastic  axis 
section  lift-curve  slope  for  a  section  perpendl cul ar  to  elastic  axis 


section-pitching  moment  coefficient  referred  to  midchord  for  a  section 
perpendl cul ar  to  elastic  axis 

reduced  frequency,  brm/VcosAea 

freestream  Mach  number 

mass  of  wing  per  unit  span  at  spanwise  reference  station  (n  =  0.75) 

freestream  dynamic  pressure 

freestream  speed 

fl utter- speed  Index,  r — ^  i 


angle  of  attack  at  wing  root 

nondimensl onal  coordinate  measured  from  wing  root  along  elastic  axis, 
fraction  of  elastic  axis  length 


sweep  angle  of  elastic  axis 


2 

mass  ratio  based  on  spanwlse  reference  station  ( n  =  0.75),  mr/i<p*. 

freestream  density 

circular  frequency  of  vibration 

fcfc.er.ee  frequency,  frequency  of  ur.ccup’ed  tersiona^  mode  of 


INTRODUCTION 

It  is  well  known  that  the  use  of  supercr i ti cal  airfoils,  rather  than  conventional 
airfoils,  can  have  adverse  effects  on  the  transonic  flutter  charac ter t s t i c s  of  lifting 
surfaces.  The  effects  include  reduction  of  transonic  flutter  speeds  (refs.  1  to  31  and 
Increased  rate  of  degradation  of  flutter  speed  with  small  increases  In  angle  of  attack 
(refs.  4  and  5).  In  order  to  gain  insight  into  these  deleterious  effects  and  the 
physical  phenomena  involved,  a  computational  flutter  study  was  conducted  half  a  dozen 
years  ago  for  a  flutter  model  of  the  supercri ti cal  wing  of  the  TF-8A  airplane  (fig. 

1).  Since  adequate  aerodynamic  theories  for  three-dimensional  unsteady  transonic  flow 
were  not  available,  the  modified  strip  analysis  (refs.  6  to  I?)  was  used.  Spanwise 
distributions  of  steady-state  section  lift-curve  slope  and  aerodynamic  center,  required 
as  Input  to  the  flutter  ca 1 cu 1  a 1 1 ons ,  were  obtained  from  wind-tunnel  pressure 
measurements  on  another  model  of  the  same  airplane. 

Ihe  calculated  flutter  results  compared  well  with  experiments  for  0°  and  1°  angles 
of  attack  but  did  not  reproduce  the  drastic  decline  i  r.  transonic  flutter  speeds  shown 
by  the  experiments  at  2°  and  3°  angles  of  attack  (ref.  5).  The  trends  seemed  to 
indicate,  however,  that  the  latter  discrepancy  was  caused  at  least  to  some  extent  by 
the  fact  that  the  pressure  model,  from  which  the  aerodynamic  inputs  were  obtained,  was 
two  orders  of  magnitude  stlffer  than  the  flutter  model  and  hence  deformed  statically 
much  less  than  the  flutter  model. 

The  present  investigation  was  initiated  to  address  that  problem.  The  same  methodology 
is  used  except  that  the  spanwise  distributions  of  section  lift-curve  slope  and 
aerodynamic  center  are  obtained  from  static  aeroelastic  calculations  for  the  flutter 
model  employing  the  FL022  full-potential  code  (ref.  13).  Dynamic  pressure  is  iterated 
between  the  aeroelastic  calculation  and  the  flutter  calculation  in  order  to  obtain 
flutter  at  the  same  dynamic  pressure  as  that  used  to  calculate  the  static  deformation 
and  loading.  The  objective  of  this  investigation  is  not  to  develop  new  methodology  but 
to  study  the  physical  phenomena  involved. 


FLUTTER  ANALYSIS  METHOD 


The  modified  strip  analysis  (ref.  6)  is  formulated  for  wing  strips  oriented  normal  to 
the  elastic  axis  and  is  based  on  stripwise  application  of  Theodorsen- type  aerodynamics 
(ref.  14)  in  which  the  lift-curve  slope  of  2*  and  aerodynamic  center  at  quarter  chord 
are  replaced,  respectively,  by  the  lift-curve  slope  and  aerodynamic  center  for  the  same 
strip  of  the  three-dimensional  wing  at  the  appropriate  Mach  number  and  angle  of 
attack.  The  downwash  collocation  point,  where  the  downwash  induced  by  the  aerodynamic 
load  is  set  equal  to  the  kinematic  downwash,  is  modified  accordingly.  The  aerodynamic 
admittance  function  (circulation  function)  is  modified  for  compres s i b i 1 i ty  by  use  of 
two-dimensional  unsteady  comp  res s i b 1 e- fl ow  theory  (ref.  15). 

The  simple  example  of  section  lift  L  on  an  unswept  wing  can  be  used  to  illustrate  the 
changes  to  Theodorsen  aerodynamics  that  are  involved  in  the  modified  strip  analysis. 


For  a  three-dimensional  wing  in  compressible  steady  flow,  the  section  lift  is  given  in 
te-'ms  of  the  section  lift-curve  slope  C  and  the  static  angle  of  attack  3  or 

a  ,  n 

al terna t i vel y  the  downwash  Q  =  aV. 


L  «  C  a  (2b)  *  C  pVbQ 

a  ,  n  a  ,  n 


For  two-dimensional  incompressible  oscillatory  flow,  the  section  lift  as  given  by 
Theodorsen  can  be  expressed  in  similar  form. 

L  =  2npVbQC  ♦  nonci rcul atory  terms 

Now,  however,  the  lift-curve  slope  for  two-dimensional  incompressible  flow  is  2*,  and 
the  circulatory  lift  is  multiplied  by  an  aerodynamic  admittance  function  (circulation 
function)  C(k)=Fj  ♦  i&j.  The  downwash  Q  is  the  unsteady  sownwash  evaluated  at  the 
three-quarter-chord  point  which  Is  the  collocation  point  for  induced  and  kinematic 
downwash  in  two-dimensional  incompressible  flow.  None  1 rcul atory  lift  terms  which  have 
no  counterpart  for  steady  flow  are  also  included. 

For  three-dimensional  compressible  oscillatory  flow,  the  Theodorsen  form  of  the 
expression  is  retained  for  the  modified  strip  analysis 

L  =  pVbQC  +  none i rcu 1  a tory  terms 

a  ,  n 
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but  with  three  modifications:  (a)  The  lift-curve  slope  is  no  longer  2*  but  the  value 
for  the  particular  section  of  the  three-dimensional  wing  at  the  particular  Mach  number, 
angle  of  attack,  and  other  conditions  being  studied.  (b)  The  downwash  collocation 
point  is  no  longer  at  three-quarter  chord  but  Is  relocated  to  satisfy  the  trai 1 i ng- edge 
condition  for  the  particular  section  lift-curve  slope  and  aerody nami c-center  position 
Involved.  (c)  The  circulation  function  for  1 ncompressible  flow  Is  modified  in 
wayniluue  urtlj  to  account  for  compressibility. 

B+  B  fc 

c<k,MI  ’ffn*  (Fi  *  ‘V  ■  ,Fi  *  ,G*’ 

where  subscripts  C  and  I  Indicate  values  for  two-dimensional  compressible  and 
incompressible  flow,  respectively.  Similar  modi f ications  are  also  made,  of  course,  in 
the  correspondl ng  expression  for  section  pitching  moment  (refs.  6  and  7).  Note  that  no 
arbitrary  user-selected  parameters  are  Included  In  the  expressions  In  order  to  Improve 
the  agreement  with  experimental  flutter  data  or  with  other  calculations. 

The  modified  strip  analysis  has  consistently  given  good  flutter  results  for  a  broad 
range  of  swept  and  unswept  wings  at  speeds  up  to  hypersonic  (ref.  7),  Including  effects 
of  wing  thickness  (refs.  9  and  10)  and  angle  of  attack  (ref.  11).  In  particular,  this 
method  which  was  developed  in  the  mid  1950's  (ref.  6)  was  used  successfully  In  1959  to 
calculate  transonic  flutter  characteristics  for  some  swept  wings  with  conventional 
airfoils  (ref.  8).  In  1979,  It  was  used  to  calculate  transonic  flutter  of  the  present 
supercr i tical  wing  at  essentially  zero  angle  of  attack  with  exceptionally  good  results 
(ref.  3).  That  study  was  extended  In  1980  to  Include  nonzero  angles  of  attack  (ref. 5). 


PREVIOUS  FLUTTER  CALCULATIONS  FOR  TF-8A  WING 
For  Experiments  in  Freon-12 

In  the  calculations  for  the  TF-8A  wing  shown  in  figure  2  (from  ref.  3),  the  required 
aerodynamic  parameters  were  obtained  from  steady-state  surface  pressure  measurements  in 
the  Langley  8-foot  Transonic  Tunnel  (ref.  16).  In  the  subsonic  range,  agreement 
between  calculated  and  measured  flutter  boundaries  Is  excellent.  In  the  transonic 
range,  a  transonic  dip  is  calculated  which  closely  resembles  the  experimental  one  with 
regard  to  both  shape  and  depth.  However,  the  calculated  dip  occurs  at  about  0.04  Mach 
number  lower  than  the  experimental  one.  The  reason  for  this  difference  Is  not  known 
with  certainty.  There  is  some  evidence,  however,  that  indicates  that  the  difference 
may  be  associated  with  model  size  relative  to  tunnel  dimensions.  The  pressure  model 
from  which  the  aerody nami c  coefficients  were  obtained  for  use  In  the  flutter 
calculations  was  smaller  relative  to  tunnel  size  than  was  the  flutter  model. 

Note  also  that  the  experimental  flutter  data  in  figure  2  as  well  as  the  aerodynamic 
parameters  used  In  the  corresponding  flutter  calculations  were  obtained  at  essentially 
zero  angle  of  attack.  Consequently,  the  associated  static  aerodynamic  loads  and 
aeroelastic  deformations  were  small  and  were  not  expected  to  influence  flutter 
character! sties  to  any  significant  extent. 

The  experimental  flutter  data  shown  in  figure  2  were  obtained  with  Freon-12*  gas  used 
as  test  medium.  Therefore,  the  associated  values  of  mass  ratio  (fig.  3)  were 
rel a  1 1 vely  1 ow . 

For  Experiments  in  Air 


The  good  results  shown  In  figure  2  (from  ref.  3)  encouraged  an  extension  of  the  study 
to  examine  the  effects  of  angle  of  attack  on  flutter  (ref.  5).  The  required 
aerodynamic  parameters  Cla  n (n  )  and  ac  n(n)  were  obtained  from  the  same  wind-tunnel 
pressure  data  as  before,  and  represen ta t i ve  values  are  shown  in  figures  4  and  5. 

Figure  4  shows  representative  spanwise  distributions  of  section  lift-curve  slope  and 
aerodynamic  center  obtained  from  measured  surface  pressures  at  two  subsonic  Mach 
numbers.  Nonlinearity  with  respect  to  angle  of  attack  Is  minor  at  Mach  number  0.25  but 
increases  as  Mach  number  rises  to  0.80,  especially  in  the  aerodynamic  center  location. 
Note  that  the  TF-8A  wing  was  designed  for  an  unusually  high  drag-rise  Mach  number 
{ M  =  0 . 99  ) . 

As  Mach  number  Increases  further,  nonlinearity  (as  typified  In  fig.  5)  becomes 
substantial  and  portends  growing  sensitivity  of  flutter  speed  to  changes  in  angle  of 
attack.  Note,  however,  that  the  aerodynamic  model  on  which  the  pressures  were  measured 
was  two  orders  of  magnitude  stlffer  than  the  flutter  model  In  both  bending  and 
torsion.  Consequently,  aeroelastic  deformation  of  the  aerodynamic  model  was  small,  and 
the  effects  of  angle  of  attack  shown  here  are  essentially  aerodynamic  (rather  than 
aeroelastic)  in  origin. 


*  Freon  is  a  registered  trademark  of  E.  I.  DuPont  de  Nemours  Co.,  Inc. 


The  correspondi ng  flutter  results  for  angles  of  attack  from  0  deg  to  3  deg  are  shown  In 
figures  6(a)  to  6(d)  (from  ref.  5).  Note  that  the  mass-ratio  values  shown  on  the 
figures  for  these  experiments  In  air  are  considerably  higher  than  those  for  the 
experiments  in  Freon-12  which  were  shown  in  figures  2  and  3. 

At  each  Mach  number  for  which  the  aerodynamic  experiments  were  conducted  (ref.  16), 
pressures  on  the  wing  surface  were  measured  at  two  levels  of  freestream  dynamic 
pressure,  and  both  were  used  in  the  flutter  calculations  of  reference  5  as  indicated  by 
the  solid  and  dash  lines  in  figures  6(a)  to  6(d).  Moreover,  the  Mach  numbers  for  the 
aerodynamic  experiments  did  not  coincide  with  the  experimental  flutter  Mach  numbers. 
Therefore,  no  attempt  was  made  to  match  experimental  flutter  conditions  point  for  point 
with  respect  to  Mach  number  and  mass  ratio.  Instead,  the  flutter  calculations  were 
made  only  for  the  maximum  and  minimum  experimental  values  of  mass  ratio  at  each  angle 
of  attack. 

For  a  *  0  (fig.  6(a)),  static  aeroelastic  deformations  of  the  flutter  model  were  not 
significant,  and  the  conventionally  shaped  experimental  flutter  boundary  is  reasonably 
well  predicted  by  the  calculated  values  which  are  about  6  percent  conservative  at  M  = 
0.85  and  a  bit  more  so  at  the  bottom  of  the  transonic  dip. 

When  a  is  increased  to  1°  (fig.  6(b)),  the  depth  and  location  of  tlie  transonic  dip 
are  still  adequately  predicted,  but  the  unconventional  backward  tu~n  of  the 
experimental  boundary  Is  not. 

When  a  is  further  Increased  to  2°  and  3°  (figs.  6(c)  and  6  (d),  respectively),  the 
backward  turn  of  the  experimental  transonic  flutter  boundary  becomes  much  more 
pronounced,  and  the  bottom  of  the  dip  obviously  drops  drastically  although  the  actual 
bottom  is  not  defined  by  the  available  data  points.  The  extent  of  this  decline  is  not 
adequately  predicted  by  the  calculations.  There  is  some  evidence  to  indicate,  however, 
that  this  discrepancy  was  caused  at  least  to  some  extent  by  the  fact  that  the  pressure 
model,  from  which  aerodynamic  parameters  were  obtained  for  the  flutter  calculations, 
did  not  deform  aeroel astlcal 1y  nearly  as  much  as  the  flutter  model  did.  Hence  the 
aerodynamic  parameters  were  not  those  relevant  to  the  statically  deformed  wing  shape 
about  which  the  experimental  flutter  motion  occurred.  See  reference  5  for  more 
detailed  discussion. 

Experimental  transonic  flutter  data  for  angles  of  attack  up  to  2.05  deg  are  presented 
in  reference  17  for  a  hi gh-aspect- rati o  supercritical  wing  with,  however,  lower  sweep 
angle  and  lower  drag-rise  Mach  number  thin  those  for  the  TF-8A.  The  wing  of  reference 
17  was  provided  some  degree  of  flexibility  in  pitch,  but  the  torsional  stiffness  of  the 
wing  itself  appears  to  have  been  sufficiently  high  to  prevent  twisting  deformations  of 
significant  magnitude.  The  measured  transonic  flutter  boundary  for  that  wing  at  2.05 
deg  angle  of  attack  is  remarkably  similar  to  the  flutter  boundary  calculated  for  the 
TF-8A  wing  at  2  deg  angle  of  attack  using  aerodynamic  parameters  obtained  with  the 
comparatively  stiff  pressure  model  of  reference  16  (fig.  6(c)).  The  flutter  boundaries 
for  both  wings  show  a  relatively  broad  con ve n 1 1 ona 1  -  1 ook 1 ng  initial  transonic  dip 
followed  by  a  steeper,  narrower,  deeper,  and  lower  second  dip.  Second  dips  of  this 
sort  have  been  observed  in  wind-tunnel  flutter-test  results  for  other  models  under 
conditions  for  which  static  aeroelastic  deformations  would  be  expected  to  be  mimimal 
( e. g. ,  ref.  18  ) . 

Finally,  It  is  illuminating  to  examine  the  variation  of  mass  ratio  with  Mach  number  for 
the  experimental  flutter  data  shown  in  figures  6(a)  to  6(c).  On  the  curves  of  these 
parameters  (fig.  7)  the  only  firm  values  are  those  represented  by  the  symbols  which 
correspond  to  the  "hard"  flutter  points  in  figures  6(a)  to  6(c).  The  curves  faired 
through  the  symbols  in  figure  7,  however,  are  consistent  with  the  curves  faired  through 
the  "hard"  flutter  points  in  figures  6(a)  to  6(c). 

For  a  =  0,  the  variation  of  mass  ratio  is  moderate  and  of  conventional  form  (compare 
fig.  3).  For  a  =  1  deg  and  especially  for  a  =  2  deg,  on  the  other  hand,  the  deep 
backward- tu rni ng  transonic  dips  shown  in  figures  6(b)  and  6(c)  correspond  to 
substantial  increases  In  mass  ratio.  These  wide  excursions  in  mass  ratio  indicate  that 
the  experimental  flutter  boundaries  follow  substantially  different  tracks  across  the 
fl utter- speed  surface  (defined  by  Vj  =  f(M,yr))  for  a  =  0,  1,  and  2  degrees.  The 
large  values  of  mass  ratio  in  themselves  would  produce  low  values  of  fl utter- speed 
index.  This  point  will  be  addressed  subsequently  in  this  paper.  See  also  the  more 
detailed  discussion  of  the  fl utter- speed  surface  and  the  implications  for  flutter 
experiments  and  data  Interpretation  in  Appendix  C  of  reference  10  and  in  reference  12. 


PRESENT  ANALYSIS 

The  Inadequacy  of  the  available  experimental  aerodynamic  data*  for  application  to 
conditions  involving  significant  static  aeroelastic  def ormat i on  of  the  flutter  model 
led  to  the  present  study  in  which  the  required  aerodynamic  parameters  were  obtained 
from  static  aeroelastic  calculations  (fig.  8)  Incorporating  FL022  aerodynamics  (ref. 
13).  Pressure  distributions  were  thus  computed  for  the  aeroel a sti cal  1 y  deformed  wing 
at  a  given  Mach  number,  several  angles  of  attack,  and  an  Initially  chosen  dynamic 
pressure.  Since  experimental  flutter  data  were  available,  the  Mach  numbers  and  dynamic 
pressures  were  taken  to  be  those  for  the  measured  flutter  points.  The  calculated 
pressures  were  integrated  to  generate  spanwfse  distributions  of  section  lift  and 
pitching-moment  coefficients.  These  coefficients  were  then  spline  fitted  as  functions 
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of  angle  of  attack,  and  the  spline  curves  were  analytically  di f ferenti ated  to  produce 
section  lift-curve  slopes  and  moment-curve  slopes  (and  hence  aerodynamic  centers)  for 
the  angles  of  attack  at  which  the  flutter  data  were  measured.  The  spanwise 
distributions  of  section  lift-curve  slope  and  aerodynamic  center  were  input  to  the 
modified  strip  analysis  to  generate  generalized  aerodynamic  forces  for  use  in  the  FAST 
fl utter- analy si s  program  (ref.  19).  The  resulting  flutter  dynamic  pressure  could  then 
be  used  to  modify  the  dynamic  pressure  input  to  the  static  aeroelastic  calculation  and 
the  process  iterated  to  produce  flutter  and  static  deformation  (and  associated  pressure 
distributions)  for  the  same  (matched)  dynamic  pressure. 

The  FL022  f i ni te- di f ference  code  (ref.  13)  implements  a  nonconservation  form  of  the 
full  potential  equation.  It  was  employed  In  this  investigation  because  it  had  been 
previously  incorporated  into  a  static  aero elastic  analysis  (ref.  20)  and  previously 
used  by  the  present  first  author  in  some  unpublished  calculations  of  the  type  presented 
here  but  for  a  different  supercritical  wing. 


RESULTS  AMO  DISCUSSION 

For  all  of  the  flutter  calculations  made  with  aerodynamic  parameters  from  FL022  ,  the 
Mach  number,  angle  of  attack  and  mass  ratio  for  the  experimental  flutter  points  were 
essentially  duplicated.  As  in  reference  3  and  5,  six  measured  natural  modes  of 
vibration  were  used  in  all  flutter  calculations.  In  figs.  9  and  10,  the  results  are 
compared  with  the  previously  shown  experimental  flutter  points  and  with  the  flutter 
boundaries  calculated  with  the  experimental  aerodynamic  parameters  described  previously 
(e.g.,  figs.  4  and  5;  see  also  ref.  5).  Note  that  the  present  calculations  have  been 
limited  to  the  subsonic  side  of  the  transonic  dip.  Investigation  of  the  subsonic  side 
was  considered  to  be  sufficient  to  indicate  the  occurrence,  character,  and  causes  of 
the  backward- turni ng  transonic  dip. 

Calculations  for  Design  Shape  of  Ming 

An  initial  set  of  aerodynamic  (FL022)  calculations  was  made  for  the  wing  deformed  into 
its  design  shape  and  treated  as  rigid.  The  spanwise  distributions  of  section 
lift-curve  slope  and  aerodynamic  center  thus  obtained  were  used  in  some  initial  flutter 
calculations.  The  resulting  nondi mensi onal  flutter  speeds  Vj  are  represented  by  the 
diamond  symbols  in  figs.  9  and  10.  For  zero  angle  of  attack  (fig.  9(a)),  the 
calculated  flutter  speeds  are  in  good  agreement  with  experiment  and  differ  very  little 
from  those  obtained  with  the  experimental  aerodynamic  parameters  for  (normally)  the 
design  shape.  At  a  -  l  deg  (fig.  9(b)),  .he  agreement  is  again  good  at  the  lowest 
experimental  Mach  number  and  mass  ratio,  but  the  calculated  points  become  progres s i vel y 
unconservative  as  mass  ratio  increases  to  547.  It  is  important  to  note,  however,  that 
the  backward  turn  of  the  flutter  boundary  is  clearly  indicated  by  the  three  calculated 
points,  thus  indicating  that  varying  aeroelastic  deformation  is  not  essential  to 
produce  this  behavior.  Instead,  the  backward  turn  shown  here  is  caused  by  the 
indicated  variation  in  mass  ratio.  If  the  three  calculated  points  are  compared  on  the 
basis  of  a  constant  mass  ratio,  say  ur  =  450.  (results  not  shown),  no  backward  turn 
appears.  Results  that  are  qualitatively  similar  to  those  in  fig.  9(b)  for  a  =  1  deg 
are  shown  in  fig.  9(c)  for  a  -  2  deg. 

These  progressively  more  unconservative  predictions  of  fl u tter- speed  index  as  mass 
ratio  Increases  were  anticipated  from  these  calculations  in  which  static  aeroelastic 
deformation  was  neglected.  Consider  the  experimental  flutter  boundary  shown  in  figs. 
9(c)  and  10  for  the  flexible  flutter  model.  As  mass  ratio  increases,  the  fl utter- speed 
index  (and  hence  flutter  dynamic  pressure)  decrea  es.  As  dynamic  pressure  decreases, 
static  aeroelastic  deformation  (notably  wing  washout)  diminishes,  and  section 
lift-curve  slopes  increase,  especially  over  the  outboard  sections  of  the  wing.  As 
section  lift-curve  slopes  increase,  flutter  dynamic  pressure  and  fl utter- speed  index 
decrease.  In  other  words,  as  mass  ratio  increases,  diminishing  static  aeroelastic 
deformation  of  the  flutter  model  contributes  to  lower  fl utter- speed  index,  and  that 
effect  is  not  included  in  the  calculations  for  the  rigid  design  shape  (figs.  9(b)  and 
(c)  and  fig.  10).  Moreover,  static  loads  and  deformations  and  their  effects  should 
increase  with  Increasing  angle  of  attack,  and  the  effects  just  described  are  indeed 
observed  in  figs.  9(a),  (b),  and  (c)  to  become  more  pronounced  as  angle  of  attack 
Increases.  In  fact,  the  effects  of  static  deflection  appear  to  be  negligible  at  zero 
angle  of  attack  (fig.  9(a)). 

In  fig.  10  the  experimental  and  calculated  transonic  dips  in  fig.  9(c)  have  been 
enlarged  and  the  calculations  extended  to  show  the  bottom  portion  of  the  dip  which  has 
been  calculated  by  use  of  the  mass-ratio  variation  for  a  =  2  deg  shown  In  fig.  7.  The 
latter,  in  turn.  Is  consistent  with  the  bottom  portion  of  the  dip  faired  through  the 
experimental  flutter  points.  These  calculations  for  the  r1g<d  design  shape  show 
clearly  that  the  unconventional  backward- turni ng  transonic  flutter  boundary  is  caused 
by  variation  In  mass  ratio  and  not  by  static  aeroelastic  deformation.  Accuracy  In 
predicting  this  kind  of  dip,  however,  does  appear  to  require  consideration  of  static 
deformati on. 

Calculations  for  Flexible  Wing 

When  the  wing  is  treated  as  flexible  In  the  static-aeroel astic  portion  of  the 
calculation  procedure  shown  schematically  In  fig.  8,  the  "Initial  shape"  input  to  the 
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"aeroelastic  FL022"  iterative  calculation  of  pressures  and  deformations  may  be  the 
undeforraed  shape  or.  If  available,  a  better  approxlmati on  to  the  aeroel asti cal ly 
converged  shape.  If  the  latter  is  used,  however,  it  is  still  necessary  to  Input  the 
undeformed  shape  ("jig"  shape)  of  the  wing  Into  “aeroelastic  FL022"  so  that  the 
calculated  deformations  may  be  added  to  it  in  order  to  obtain  the  output  deformed  shape 
and  associated  pressure  distribution.  Since  jig-shape  measurements  for  the  TF-8A 
flutter-model  wing  were  not  available,  a  jig  shape  was  calculated  by  subtracting  from 
the  design  shape  the  deformations  caused  by  the  load  distribution  on  the  design  shape 
at  the  design  condition  ( M  =  0.99,  Cl  *  0.37). 

for  the  flexible  wing  the  experimental  flutter  dynamic  pressure  was  input  to  the  static 
aeroelastic  calculation  (fig.  8),  and  a  single  pass  was  made  through  the  computational 
sequence.  Although  the  outer  q-loop  has  not  been  closed  at  this  time,  the  accuracy  of 
the  calculated  results  (triangle  symbols  in  figs.  9(a)  and  (b))  is  well  indicated  by 
comparison  of  the  calculated  and  experimental  flutter  points.  Since  the  experimental 
flutter  dynamic  pressure  was  Input,  perfect  agreement  between  calculation  and 
experiment  would  be  Indicated  by  the  same  flutter  dynamic  pressure  being  calculated  in 
a  single  pass  through  the  outer  loop.  It  is  evident  in  figs.  9(a)  and  (b),  however, 
that  the  inclusion  of  structural  flexibility  In  combination  with  FLQ22  leads  to 
excessively  high  flutter  speeds.  This  result  was  not  unanticipated. 

For  the  higher  Mach  numbers  and  higher  loading  conditions  potent i a  1  - fl ow  methods, 
including  FL022,  characteristically  produce  shockwaves  that  are  too  strong  and  too  far 
aft.  Moreover,  once  the  shock  has  moved  aft,  it  exhibits  very  little  further  movement 
with  changes  In  angle  of  attack  or  deformation  and  hence  generates  little  further 
change  In  section  lift-curve  slopes  and  aerodynamic  centers.  Thus,  for  example,  in  the 
present  calculations  of  loading  (and  hence  deformation)  at  the  design  condition  (M  = 
0.99,  CL  *  0.37),  calculated  CL  was  considerably  higher  and  CL  was  considerably 

0  a 

lower  than  corresponding  experimental  values  (from  ref.  16).  These  aerodynamic 
deficiencies  raise  doubts  concerning  the  accuracy  of  the  calculated  jig  shape.  In 
addition,  the  low  values  of  calculated  lift-curve  slopes  also  contribute  to  the 
exceslvely  high  calculated  flutter  speeds  shown  in  figs.  9(a)  and  (b). 

In  contrast,  the  wing  in  a  physical  (viscous)  flow  will  experience  shocks  that  are 
weaker  and  farther  forward.  Consequently,  as  flutter  dynamic  pressure  decreases  into 
the  transonic  dip,  the  flexible  wing  deforms  less  and  less,  the  outer  wing  sections 
assume  higher  local  angles  of  attack,  as  previously  described,  shocks  strengthen  and 
migrate  aft,  and  the  effective  section  lift-curve  slopes  increase.  This  effect  of 
diminishing  deformation  thus  contributes  to  a  still  lower  flutter  dynamic  pressure. 
Since  this  behavior  is  not  accurately  obtained  from  FL022,  it  is  evident  that,  as 
expected,  accurate  flutter  prediction  will  require  the  inclusion  of  viscous  effects  on 
shock  strength  and  location.  Static  aeroelastic  and  flutter  calculations  are  in 
progress  with  the  FL022  code  replaced  by  the  FL030  code  (full-potential, 
conservatl on- form,  f 1 nl te- vol ume  code)  (ref.  21),  including  a  coupled  bounda ry- 1 ayer 
code  (ref.  22)  In  order  to  address  the  current  deficiencies. 


CONCLUDING  REMARKS 

Modi f i ed- stri p-analysi s  flutter  calculations  have  been  made  for  a  supercritical  wing 
with  high  design  Mach  number  using  aerodynamic  parameters  obtained  from  the  FL022 
f ul 1 -potenti al - f 1 ow  code  for  the  design  shape  (rigid)  and  for  the  aeroel asti cal ly 
deformed  wing  at  approximately  the  flutter  dynamic  pressure.  The  unconvent ional 
backward  turn  of  the  transonic  flutter  boundary  found  experimentally  at  nonzero  angles 
of  attack  was  also  calculated  with  aerodynamic  parameters  for  the  rigid  design  shape 
and  was  shown  to  be  caused  by  variations  in  mass  ratio.  Quantitative  accuracy  in 
predicting  this  kind  of  transonic  dip,  however,  appears  to  require  consideration  of 
st. tic  aeroelastic  deformation.  Inadequacies  of  the  ful 1  - potenti al  code  at  the  high 
subsonic  Mach  numbers  Involved  led  to  excessively  high  calculated  flutter  speeds  for 
the  flexible  wing  resulting  from  (1)  poor  definition  of  jig  shape  from  the  design 
shape,  and  (2)  low  values  of  section  lift-curve  slopes  and  aftward  locations  of  section 
aerodynamic  centers  (relative  to  experiments)  cau* ed  by  excessively  aftward  shock 
locations  that  changed  little  with  changes  in  ang<e  of  attack.  The  present  methodology 
is  valid,  but  accurate  flutter  predictions  will  require  the  Inclusion  of  viscous 
effects  on  shock  strength  and  location,  at  least  for  the  wing  used  in  this  study.  Such 
calculations  are  in  progress. 
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Fig.  I  -  Supercritical  wing  flutter  model 


Fig.  3  -  Mass  radios  for  flutter 
experiments  in  Freon-12 


g.  2  -  Experimental  and  calculated 
flutter  in  Freon-12  at  a  -  0 


Typical  aerodynaalc  parameters  for  flutter  analysis  at  transonic  Nach  numbers 
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Fig.  6  -  Flutter  In  ilr  obtained  from  experiments  and  from  calculations  with  experimental 
aerodynamic  parameters 
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Fig.  7  -  Mass  ratios  for  flutter 
experiments  in  air 
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Fig.  9  -  Flutter  in  air  obtained  from  calculations  with  calculated  aerodynamic  parameters 
and  comparison  with  previous  results 
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Transonic  dip  fro*  flutter  experiments  and  fro*  calculations  with  calculated 
■ic  parameters  for  design  shape  and  *ass  ratios  fro*  fig-  7;  a  -  2  deg 


wing  divergence  of  trimmed  aircraft 
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SUMMARY 

By  means  of  a  simple  theoretical  model  it  is  shown  that  wing  divergence  of  a  free 
aircraft  can  be  defined  using  the  static  case  of  trimmed  level  flight.  The  same  model 
also  shows  that  the  control  angle  per  'g'  goes  to  zero  at  a  speed  near  the  fixed-root 
divergence  speed  and  that  there  is  a  large  change  in  the  spanwise  distribution  of  airload 
in  going  from  a  low  speed  to  speeds  above  that  of  fixed-root  divergence. 

LIST  OF  SYMBOLS 

A,B,C  square  matrices  defined  in  section  3.1 

a.j  dC^/da  for  both  wing  and  tailplane 

b  defined  after  Eq.(2-10) 

c  wing  chord 

f  column  matrix  of  generalised  forces  defined  in  section  3.1 

GJ  torsional  rigidity  of  wing 

a  semispan  of  wing 

n  centrifugal  acceleration  *  g 

qe  generalised  coordinate  of  rotation  of  tailplane  about  its  aerodynamic  axis 

generalised  coordinate  of  heave  of  aircraft 
qp  generalised  coordinate  of  pitch  of  aircraft 

q  generalised  coordinate  of  wing  torsion  in  mode  of  fixed-root  divergence 

M 

q  generalised  coordinate  of  wing  torsion  in  mode  of  free-free  divergence 

S  wing  area 

tailplane  area 

s  ratio  of  tailplane  area  to  wing  area 

V  airspeed 

V^  fixed-root  divergence  speed 

w  weight  of  aircraft 

v  weight  of  wing  as  fraction  of  weight  of  aircraft 

2 

a  nominal  incidence  of  rigid  aircraft  for  level  flight,  W/$oV  Sa1 

n  scaled  spanwise  coordinate  of  winq 

nT  scaled  spanwise  coordinate  of  tailplane 

distance  aerodynamic  centre  of  wing  is  aft  of  aircraft  eg 
£Tc  distance  aerodynamic  centre  of  tailplane  is  aft  oi  aircraft  eg 

£ac  distance  aerodynamic  centre  of  wing  is  aft  of  wing  flexural  axis 

distance  inertia  axis  of  wing  is  aft  of  wing  flexural 
l  ratio  of  KA  to 

o  air  density 

u  airspeed  as  a  fraction  of  fixed-root  divergence  speed 

1  INTRODUCTION 

Until  serious  consideration  was  given  to  sweptforward  wings,  little  work  had  been 
done  on  wing  divergence  recently  for,  with  the  coming  of  transonic  flight,  straight  wings 
were  replaced  by  sweptback  wings  and  these  do  not  suffer  from  divergence  because  their 
flexural  distortion  reduces  the  local  incidence,  especially  towards  the  tip,  and  usually 
this  reduction  dominates  the  destabilising  effect  of  torsion.  So  most  sweptback  wings 
have  no  (real)  divergence  speed  and  divergence  was  something  read  about  in  textbooks. 

The  local  incidence  of  a  sweptforward  wing  built  of  isotropic  materials  is  increased 
by  the  distortions  in  both  flexure  and  torsion  and  c-nsequently  the  divergence  speeds  of 


such  wings  when  their  roots  are  encastered  (FRDS)  tend  to  be  low.  Divergence  speeds  can 
be  increased  by  the  use  of  anisotropic  materials/  which  give  structures  that  twi^t  under 
flexural  loads  and  vice  versa,  but  present  indications  are  that  the  divergence  speed  of 
a  swept forward  wing  is  likely  to  be  nearer  flight  speeds  than  is  the  case  for  other  wings 
and,  although  not  prohibitively  low,  might  still  be  critical. 

The  practical  significance  of  the  FRDS  can  be  called  into  question;  for  in  trimmed 
flight  a  wing  will  pitch  as  well  as  twist  and  bend,  and  will  not  suffer  divergence  until 
it  reaches  a  speed  much  higher  than  the  FRDS.  In  the  past  it  has  oeen  the  practice  to 
keep  aircraft  speeds  well  below  their  FRDS,  even  though  the  root  constraint  seemed 
unrealistic,  on  the  grounds  that  the  distortions  of  an  aircraft  at  speeds  near  its  FRDS 
would  be  large.  However  because  divergence  speeds  were  very  high  this  restriction  did 
not  really  matter.  Now  that  there  is  a  possibility  that  divergence  speeds  might  be 
signif icantly  nearer  flight  speeds,  the  simple  calculations  described  here  have  been  made 
to  obtain  some  measure  of  the  aeroelastic  effects  which  are  likely  to  accompany  free 
flight  near  the  FRDS  and  to  confirm  or  deny  the  need  to  retain  this  restriction. 

The  reason  for  the  study  is  the  current  interest  in  aircraft  with  sweptforward  wings 
but  the  essentials  of  the  phenomena  are  also  exhibited  by  unswept  wings  and  for  simplicity 
the  rectangular  unswept  wing  has  been  studied.  In  the  absence  of  sweep  the  flexural  flexi¬ 
bility  of  the  wing  can  be  ignored  and  the  inclusion  of  a  second  torsion  mode,  appropriate 
to  free- free  divergence,  does  not  make  the  number  of  equations  excessive.  Rigid-body 
degrees  of  freedom  have  to  be  added.  It  is  quite  common  to  add  only  the  riaid  body  mode 
of  pitch  about  the  aircraft  eg  in  free-free  divergence  calculations  but  this  seems  unduly 
restrictive  and  here  heave  and  pitch,  the  rigid-body  freedoms  necessary  to  give  the 
equations  describing  an  idealised  pull-out  were  added.  Some  means  of  trimminq  the  air¬ 
craft  had  also  to  be  included  and  for  this  a  rectangular  rigid  tailplane  mounted  on  the 
rigid  fuselage  through  a  spanwise  hinge  at  its  quarter  chord  was  chosen. 

Tr.  section  2  of  the  paper  the  equations  describing  an  idealised  trimmed  pull-out,  of 
which  level  flight  is  a  special  case,  are  obtained  by  the  principle  of  virtual  work.  Some 
of  the  aerodynamic  effects  usually  included  in  stability  and  control  calculations  have 
been  omitted  but  it  is  believed  that  they  are  of  minor  importance  in  the  present  context. 

In  section  3  these  equations  are  solved  for  the  symmetric  free-free  divergence  speed, 
which  has  been  taken  to  be  the  speed  at  which  the  amplitudes  of  the  coordinates  in  the 
trim  equation  become  indeterminate,  and  for  the  rigid-  and  flexible-aircraft  trim  cases 
in  terr-s  of  tailplane  angle  per  'g'.  At  speeds  near  the  FRDS  the  anqle  of  pitch  of  the 
aircraft  is  small  and  most  of  the  lift  is  the  result  of  torsional  distortion  and,  prompted 
by  this,  the  changes  in  the  flexural  and  torsional  moment  distributions  with  speed  have 
been  calculated.  Because  the  torsional  moments  could  be  calculated  in  two  different  ways 
these  calculations  also  provided  a  check  on  the  adequacy  of  the  semi-rigid  representation. 

Finally  the  results  of  all  the  calculations  are  discussed  in  section  4.  It  is  con¬ 
cluded  from  the  solutions  of  these  equations  that  an  ’unaugmented'  aircraft  flyinq  at 
speeds  near  the  fixed-root  divergence  speed  of  its  wing  will  suffer  low  values  of  control 
angle  per  'g*  and  further  that  the  distribution  of  incidence  across  the  wing  will  vary 
considerably  with  speed. 

2  FORMATION  OF  PULL-OUT  EQUATION 

2.1  Generalised  coordinates 

The  equations  are  those  for  an  aircraft,  consisting  of  a  rectangular  wing,  a  fuselaqe 
and  a  rectangular  tailplane  (see  Fig  1),  at  the  bottom  of  a  shallow  pull-put.  Both  the 
fuselage  and  the  tailplane  are  rigid  and  they  are  included  as  a  simple  source  of  trimming 
moment  for  the  aircraft.  Because  the  efficiency  of  the  tailplane  is  not  of  interest,  its 
aerodynamics  can  lack  detail;  the  lift  slopes,  dC^/dm  ,  are  taken  as  identical  for  wing 
and  tailplane  and  the  tailplane  is  unaffected  by  wing  downwash.  Also  the  axes  of  rotation 
and  inertia  and  the  aerodynamic  axis  of  the  tailplane  are  taken  as  coincident  to  avoid 
complications  of  the  equations  that  would  have  little  effect  on  the  final  result.  Further 


assumptions  are  that  there  are  neither  thrust  nor  drag  forces  on  the  aircraft  and  that  the 
moment  coefficient  of  the  wing  is  zero.  Let  the  speed  of  the  aircraft  be  V  and  the 
radius  of  the  pull-out  be  r  .  If  the  upward  centrifuqal  acceleration  of  the  aircraft  is 
ng  ,  its  nose-up  pitching  velocity  is  given  by 


Take  the  generalised  coordinates  of  the  displacement  of  the  aircraft  to  be 

q^  -  heave  of  the  aircraft  in  wing  chords 
-  pitch  of  the  aircraft  about  its  eg 
qg  -  rotation  of  the  tailplane  about  its  aerodynamic  axis 

qt  -  torsion  of  the  wing  about  its  flexural  axis  in  the  mode 
appropriate  to  fixed-root  divergence 

q.  -  torsion  of  the  wing  about  its  flexural  axis  in  the  mode 
z2  appropriate  to  free-free  divergence. 

Take  linear  displacements  as  positive  downwards  and  angular  displacements  as 
positive  nose  up. 

qti  and  qt2  ,  the  wing  torsion  coordinates,  are  the  only  coordinates  which  involve 
the  flexibility  of  the  aircraft.  The  axes  used  are  earth  directed  being  fixed  in  orienta¬ 
tion  relative  to  the  earth  but  moving  relative  to  the  earth  with  the  speed  of  the  aircraft. 

2.2  Virtual  work  and  strain  energy 

The  upward  lift  on  a  small  chordwise  strip  of  the  wing  is 


=  ioV  Sa. 


sin  Jirn  .  q 


where  p  is  the  density  of  the  air,  S  is  the  area  of  the  wing,  a1  is  the  dCL/da 
of  the  wing  and  n  is  the  scaled  spanwise  coordinate  which  is  zero  at  the  root  and  unity 
at  the  tip  of  the  wing.  The  lift  due  to  the  wing's  velocity  in  pitch  has  been  ignored, 
sin  Jnn  and  1  -  cos  nn  are  respectively  the  shape  functions  of  the  distortions  at 
fixed-root  and  free-free  divergence  of  a  uniform  wing. 

A  virtual  displacement  of  the  aerodynamic  centre  of  the  wing  can  be  written 


C  + 


♦  f  (Sin 

V 


where  c  is  the  chord  of  the  winq,  cf.ft  is  the  distance  the  aerodynamic  centre  of  the 
wing  is  aft  of  the  aircraft  eg,  and  cr-a  is  the  distance  the  aerodynamic  centre  cf  the 
wing  is  aft  of  its  flexural  axis. 

The  upward  lift  on  a  small  chordwise  strip  of  the  tailplane  is 


ipV  S_a . I q 


eng  \  . 

)  >  ’ 


aerodynamic  centre  of  the  tailplane  is  aft  of  the  aircraft  eg,  is  the  scaled  spanwise 

coordinate  which  is  zero  at  the  root  and  unity  at  the  tip  of  the  tailplane.  The  lift  due 
to  the  taiplane's  velocity  in  pitch  has  been  ignored  but  that  due  to  its  velocity  in  heave 
is  included. 

A  virtual  displacement  of  the  aerodynamic  centre  of  the  tailplane  can  be  written 

;zT  =  C(5c|h  ‘  VV  •  <2-51 

The  <-ork  done  by  gravity  and  centrifugal  force  in  a  virtual  displacement  can  be 


is  the  distance  the 


(n  +  1)cW{6q  +  wf. 


sin  iirn  .  dn  .  fq 


1  , 

+  (  1  -  cos  TT^Jdn  .  6q  I 

’  o  y 


(2-6) 
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where  W  is  the  weight  of  the  aircraft,  w  is  the  weight  of  the  wing  as  a  fraction  of 
the  weight  of  the  aircraft  and  c?i  is  the  distance  aft  from  flexural  axis  to  inertia 
axis  of  the  wing. 

The  increase  in  the  strain  energy  of  the  wing  due  to  virtual  displacements  in  the 
torsion  modes  is  given  by 

2  1 

E6q  s  GJS  ^  | (cos  inn  .  +2  sin  nn  .  qt  ^  (cos  inn  .  6qt  +  2  sin  nn  .  6q^_ 


For  later  convenience  the  substitution 


-  *»VDSa1«a  =  (5)  GJS' 


is  made.  it  will  be  shown  later  {see  Eq. (2-10))  that,  when  £a  is  negative,  VQ  is  the 
FRDS. 

2.3  Assembled  equation 

At  equilibrium  the  total  work  done  in  a  virtual  displacement  is  equal  to  the  increase 
in  the  strain  energy,  ie 

LwSzw  ♦  Lt5zt  ♦  E6q  =  F6q  .  (2-9) 

(Note  that  in  Eqs.(2-2)  and  (2-3)  etc  the  lift  and  linear  displacement  are  positive  in 
opposite  directions.) 

The  separate  equations  for  the  work  done  in  the  virtual  displacements  ,  *q 

$qtl  and  5qt^  •  a^ter  evaluation  of  the  integrals,  give  the  matrix  equation 


$pV  Sea.  1 


1  C  2/n  U 


cw  n  +  1  -  nb 


(n  +  1)  !2A)wc. 


where  s  =  S^/S  , 


b  =  JPSTca1CT(g/W)  , 


The  elements  of  the  first  row  of  the  square  matrix  are  the  lifts  on  the  aircraft 
due  to  pitch,  tailplane  rotation  and  the  two  torsion  modes.  Those  of  the  second  row  are 
the  moments  of  these  lifts  about  the  aircraft  eg.  The  third  and  fourth  rows  give  the 
generalised  aerodynamic  forces  on  the  wing  due  to  pitch  and  the  torsion  modes  -  the  force 
due  to  tailplane  rotation  is  zero  in  the  last  two  rows. 

The  FRDS  (qh  =  qp  =  0)  is  the  lower  of  the  speeds  at  which  the  determinant  of  the 
bottom  right  2x2  matrix  is  zero.  This  is  u  =  1  {V  =  V^)  and  the  fundamental  divergence 
mode  is  that  associated  with  q^  ,  ie  sin  i ir n  .  The  highe’*  value  of  u  is  3.1  which 
is  quite  a  good  approximation  to  the  exact  value  of  3  corresponding  to  a  mode  of  sin  . 

3  SOLUTIONS  OF  PULL-OUT  EQUATIONS 

The  first  particular  solution  of  Eq.(2-10)  is  for  the  free-free  divergence  speed. 
Free-free  divergence  speed 
Eq.(2-10)  can  be  written 


3.1 
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tailplane  angle,  relative  to  the  fuselage,  will  be  negative  in  level  flight  and  the 
necessary  negative  angle  will  increase  with  increase  of  normal  acceleration. 

3.3  Distortions  at  fixed-root  divergence  speed 

When  the  aircraft  is  flying  at  the  FRDS  Eq.(2-10)  becomes 
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From  the  third  row  of  this  matrix  equation 

qp  =  <n  ♦  II 
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we  have  immediately  that 


(3*8) 


(3-9) 


Typical  chordwise  positions  of  the  aerodynamic  centre  and  inertia  axis  of  the  wing, 
aft  of  its  leading  edge,  are  25%  and  45%  respectively.  The  flexural  axis  is  likely  to 
lie  somewhere  between  35%  and  40%  and  so  -  £./£  is  likely  to  have  a  value  in  the  ranae 
0.3  to  1.0.  The  wing  weight,  w  ,  will  be  of  the  order  0.1  and  1  ,  which  is  the  ratio 
of  the  eg  margin  of  the  wing  alone  to  that  of  the  tail  alone,  will  be  small.  Thus 
wUi/ta)  wil1  be  negative  and  probably  greater  than  -0.1.  Hence  the  pitch  angle  will  be 
small  and  negative  at  the  FRDS  and  this  will  be  so  whatever  the  value  of  n  .  The  lift 
on  the  wing  will  be  due  almost  solely  to  the  incidence  in  the  torsional  distortion  mode. 

From  the  third  and  fourth  rows  of  Eq.{3-8) 

q.  =  0  .  (3-10) 

t2 


Notice 
to  pitch  and 

Making 


that  qt2  would  not  be  zero  were  not  the 
weight  identical,  <atip/at2p)  =  (f^/ft^ 

use  of  Eqs.(3-9)  and  (3-10)  we  can  replace 


spanwise  distributions  of  lift  due 


Eq. (3-8)  by 
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Eq. (3-11)  becomes 


=  (n  +  1)3  -  l 
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(3-12) 


The  w(Cj_/Sa)  term,  present  in  the  above  equations,  brings  the  effect  of  the  weight 
of  the  wing  and  the  position  of  the  inertia  axis  into  account.  In  the  determination  of 
the  FRDS  the  only  loading  on  the  wing  is  the  aerodynamic  moment  about  the  flexural  axis. 
But  in  the  present  case  the  wing  is  also  loaded  by  its  inertia  under  normal  acceleration 
and  if  the  inertia  axis  is  downwind  of  the  flexural  axis  >  0) ,  as  is  usually  the  case, 

this  loading  will  augment  the  distortion  due  to  the  aerodynamic  force,  increasing  the  lift 
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still  further.  To  counteract  this  extra  lift  the  aircraft  will  fly  in  a  pitched-down 
attitude  at  the  FRDS  (see  Eq. (3-9) ,  remembering  <  0  ) . 

If  the  wing  is  light  and  near  to  being  mass-balanced  about  its  flexural  axis  the 
effect  will  be  small  and  hereinafter,  in  the  interest  of  simolicity,  it  will  be  taken  to 
be  negligible  so  that  Eq. (3-9)  is  replaced  by 

and  Eq.  (3-8)  by 

(1  -  £>  [s 

2/i. 

3.4  Tailplane  angle  per  '  g' 
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The  tailplane  angle  per  ’a'  at  the  FRDS  can  be  derived  by  the  differentiation  of 
Eq.(3-14)  with  respect  to  n  and  is  given  by 


s{1 


Jts  *  (1  -  £>b| 


(3-15) 


which  can  be  compared  with  the  tailplane  angle  per 
derived  from  Eq. (3-7)  as 


for  an  identical  but  rioid  aircraft 
(1  -  t)b|  .  (3-16) 


Thus  the  fractional  reduction  in  tailplane  anale  per  'a'  in  going  from  low  speeds 
to  the  FRDS  is  jl  +  (c  ♦  (1  -  £)b)/sj  •  b  (Eq.(2-10))  will  be  small  when  the  mass 
density  ratio  (pgSc/W)  ,  the  tail  volume  (s£T)  and  a^  are  small.  £  will  be  small 
when  the  tail-off  eg  margin  is  small.  Thus  it  is  likely  that  the  tailplane  angle  per  'a' 
is  small  at  the  FRDS.  Evaluations  have  been  made  of  the  speed  at  which  this  derivative 
becomes  zero  for  a  number  of  recent  aircraft  without  wing-mounted  engines  and  it  has  been 
found  that  it  varies  between  95%  and  115%  of  the  FRDS.  It  therefore  appears  that  an  air¬ 
craft  flying  near  its  FRDS  will  be  very  sensitive  to  tailplane  angle. 

3.5  Torsional  and  flexural  moments 


The  spanwise  torsional  moment  distribution  can  be  obtained  both  from  the  external 
loads  and  from  the  internal  forces.  Because  the  solution  is  not  generally  exact,  these 
two  distributions  will  not  generally  be  identical;  but  if  they  are  identical  then  the 
solution  is  exact  for  that  particular  case.  Generally  the  distribution  given  by  the 
external  loads  will  be  the  more  accurate  because  it  depends  on  the  integral  of  the  shape 
of  the  total-incidence  mode  rather  than  the  first  derivative  of  the  shape  of  the  torsion 
mode . 


The  incidence  of  the  wing  at  the  FRDS  is  ( v/2 )  sin  )ttd  times  what  it  would  be  were 
the  wing  rigid  and  the  incidence  constant.  The  local  torsional  moment  on  a  rigid  wino 
varies  as  1  -  n  whilst  that  at  the  FRDS  varies  as  cos  .  Thus  the  torsional  moment 

on  a  flexible  wing  will  be  greater  than  that  on  a  rigid  wing  over  the  whole  span.  The 
spanwise  variations  of  torsional  moment  have  been  calculated  for  a  number  of  airspeeds  and 

2 

are  compared  for  a  number  of  values  of  u  up  to  2  in  Fig  2.  The  exact  torsional  moment 
at  the  wing  root  is  determined  solely  by  the  total  wing  lift  and  the  distance  between  the 
flexural  and  aerodynamic  axes  and  the  factor  used  in  normalising  the  moments  is  such  that 
this  root  value  is  unity.  The  proportional  increase  in  torsional  moment  over  that  experi¬ 
enced  by  a  rigid  wing  is  greater  over  the  outboard  part  of  the  wing.  It  is  50%  greater 
over  most  of  the  outer  half  at  the  FRDS  and  100%  greater  over  most  of  the  outer  third  when 
the  speed  is  22 i%  higher.  The  differences  between  the  moments  evaluated  by  the  two  methods 
were  never  greater  than  a  few  per  cent  and,  in  particular,  the  moments  for  the  FRDS  are 
exact . 


8-8 


The  spanwise  flexural-moment  distribution  can  only  be  obtained  from  the  external 
loads  because  the  wing  has  been  taken  to  be  rigid  in  bending.  It  is  given  by  integrating 

the  shearing  force  distributions  which  are  identical  to  the  torsional  moment  distributions. 

2 

Hence  the  bending  moment  on  a  rigid  winq  varies  as  $(1  -  n)  whilst  that  on  a  wing  at 
its  FRDS  varies  as  {2/ir)  (1  -  sin  $irn)  .  As  was  the  case  for  the  torsional  moment  the 
bending  moment  on  a  flexible  wing  is  greater  than  that  on  a  rigid  wing  over  the  whole 

span.  The  percentage  increases  in  the  local  bending  moment  due  to  flexibility  have  been 

2 

calculated  for  a  range  of  speeds,  with  w  zero,  and  are  given  for  values  of  u  up  to 
2  in  Fig  3. 

Again  the  greater  increases  are  over  the  outboard  part  of  the  wing.  They  are  much 
the  same  as  those  for  the  torsion  moment  -  about  50%  at  the  FRDS  and  100%  at  a  speed 
22$%  above.  In  this  case  however  the  root  moment  is  alsc  increased  by  27%  and  49% 
respectively. 

4  CONCLUDING  REMARKS 

The  effects  of  wing  torsional  flexibility  on  a  number  of  aircraft  characteristics 
have  been  studied  with  the  aim  of  examining  the  significance  of  the  FRDS.  Although  a 
simplified  model  has  been  used,  the  nature  of  the  results  is  such  that  are  relevant  to 
the  practical  case. 

A  study  of  the  conditions  in  trimmed  and  level  flight,  which  is  a  special  case  of 
the  pull-out,  shows  that  the  aircraft  will  become  unstable  near  the  FRDS.  It  appears 

that,  in  practice,  the  instability  often  takes  the  form  of  an  unstable  short-period 
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oscillation  at  a  speed  some  way  below  the  FRDS  .  The  probability  that  the  oscillation 
can  be  stabilised  by  the  fitting  of  a  stability  augmentation  system  working  through  the 
controls  is  thought  not  to  be  of  crucial  significance  because  fliqht  at  speeds  near  the 
FRDS  will  be  discouraged  for  other  reasons. 

It  can  be  shown  that  the  tailplane  angle  per  'g'  will  be  zero  at  a  speed  close  to 
the  FRDS  where  extra  wing  lift  can  be  obtained  simply  by  increasing  the  amplitude  of 
the  wing  torsion  mode  without  altering  the  trim  of  the  aircraft.  Also  there  is  a  speed, 
which  is  just  below  the  FRDS,  at  which  all  the  wing  incidence  is  due  to  distortion  of  the 
wing,  the  aircraft  does  not  pitch  as  a  whole  and  so  there  is  no  common  component  in  the 
wing  and  tailplane  incidences.  Above  this  speed  the  rigid-body  pitch  component  of  the 
incidence  will  be  nose  down.  At  speeds  above  the  zero-pitch  speed  the  direction  of  the 
lift  over  the  inboard  part  of  the  wing  is  downwards  and  the  lift  over  the  outboard  part 
has  to  be  large  enough  to  counteract  this  as  well  as  to  sustain  the  weight  of  the  air¬ 
craft.  The  increases  in  torsional  and  flexural  moments  caused  by  these  changes  in  span- 
wise  loading  distribution  due  to  torsional  distortion  are  probably  of  some  practical 
importance.  The  increases  in  the  moments  over  the  outer  portions  of  the  wina  are  the 
greater  and  are  of  the  order  of  50%  at  the  FRDS,  100%  at  22$%  above  the  FRDS  and  almost 
200%  at  40%  above  whilst  being  less  than  25%  at  70%  of  the  FRDS. 

From  the  above  it  appears  that  the  problems  of  flight  of  a  loaded  aircraft  at 
speeds  near  its  FRDS  are  not  limited  to  the  destabilisation  of  the  'rigid-body'  short- 
period  oscillation  which  can  be  counteracted  by  feedback  to  control  surfaces.  The  span- 
wise  variation  of  incidence  over  the  wing  will  be  very  different  at  low  and  high  speeds. 

At  its  simplest,  for  a  wing  with  no  inbuilt  twist,  the  incidence  will  nearly  all  be  due 
to  pitch  alone  at  low  speeds  but  near  the  FRDS  it  will  nearly  all  be  due  to  the  mode  of 
fixed-root  divergence.  This  means  an  increase  in  the  bending  moment  at  the  root  by  about 
a  quarter  of  the  rigid-wing  value  rising  to  a  half  outboard.  Twist  can  be  built  into  the 
wing  but  the  change  in  twist  between  low  and  high  speeds  will  always  be  present. 
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Fig  1  Geometry  and  generalised  coordinates 
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SUMMARY 

In  a  wind  tunnel  study  on  an  aeroelastic  carbon  fiber  fin/rudder  model  it  is  demonstrated  how 
structural  design  methods  can  be  checked  by  experiment,  beginning  already  in  an  early  stage  of  the  design 
Emphasis  was  put  on  the  static  aeroelastic  investigations,  which  become  more  important  in  high 
performance  A/C  design. 


Transonic  measurements  with  a  rigid  balance  based  on  piezo  force  transducers  and  an  opto-electronic 
deformation  measurement  method  were  successfully  performed.  It  was  tried  to  evaluate  rudder  efficiencies 
from  these  aeroelastic  measurements.  A  non-linear  behaviour  of  the  rudder  based  on  geometrical  coupling  with 
the  fin  box  played  an  important  roll  in  the  test  evaluation. 

I.  INTRODUCTION 

Composite  materials  associated  with  structural  optimization  programs  enable  the  designer  to  tailor  air¬ 
craft  structures  according  to  static  aeroelastic  and  flutter  requirements  in  addition  to  the  classical  weight 
and  stress  constraints.  An  optimization  with  many  constraints,  however,  makes  the  design  process  very  complex 
In  order  to  avoid  mistakes  in  this  difficult  design  process  the  structural  methods  have  to  be  proved  succes¬ 
sively  beginning  from  early  development  stage  by  experiments.  The  classical  means  for  this  investigations  are 
models  and  wind  tunnel  testing.  But  the  more  sophisticated  design  methods  are  applied  now,  the  more  refined 
models  and  experiments  are  required. 


:.  DESIGN  PHILOSOPHY  FOR  AEROELASTIC  MODELS 

2.1  Similarity  Laws 

Opposite  to  aerodynamic  wind  tunnel  models,  which  simulate  only  the  geometry  of  the  airplane  aeroelastic 
models  have  also  to  represent  the  airplane  dynamics  in  flight.  For  this  the  stiffness  distribution  of  the  model 
structure  and  its  masses  distribution  must  be  similar  to  the  airplane.  The  aerodynamic  loads  on  the  model  were 
simulated  by  the  flow  in  the  wind  tunnel.The  only  difference  between  the  model  in  the  wind  tunnel  and  the  fl 
ing  aircraft  are  scale  factors  (Fig.  2),  which  have  to  fulfill  the  following  similarity  laws: 

Newton's  similarity  law  for  the  mass  forces 

Cauchy's  similarity  law  for  the  stiffness  forces 

Froude's  similarity  law  for  the  gravity  forces 

Mach's  similarity  law  for  the  compressibility  of  the  test  fluid 

Reynolds'  similarity  law  for  the  viscosity  of  the  test  fluid 

The  fact  that  aeroelastic  models  normally  are  tested  in  a  wind  tunnel  limits  the  validity  of  the  model 
test  results.  The  physics  of  the  flow  in  the  wind  tunnel  are  different  from  those  of  the  free  atmosphere  were 
the  A/C  is  flying.  Due  to  limitations  (power,  cooling  system  ect.)  the  wind  tunnel  can  only  partially  simulate 
the  atmospheric  conditions  of  the  flight  envelope  of  the  A/C. 

As  far  as  the  fulfilling  of  the  Reynolds  similarity  is  concerned,  aeroelastic  models  have  the  same 
problems  as  aerodynamic  models. 


Model  Layout  and  Scaling 


The  more  similarity  laws  that  have  to  be  met  by  a  model,  the  less  free  selectable  scale  factors  exist. 

This  in  turn  complicates  the  design  and  the  manufacturing  of  the  model.  Therefore  it  is  wise  to  design 
specialised  aeroelastic  models,  which  represent  just  those  parameters  of  the  A/C  similar,  which  are  of  interest 
for  the  investigation.  Concerning  test  velocity  one  can  distinguish  between  low-  and  high  speed  models.  For  low 
speed  models  the  Mach  similarity  can  be  neglected  because  compressibility  effects  are  not  of  interest. 
Concerning  time  dimension  one  can  distinguish  between  static  aeroelastic  models  and  flutter  models.  Static 
aeroelastic  models  are  stiffness  scaled  models.  The  mass  scaling  can  be  neglected  because  only  steady  and 
qua>isteady  effects  will  be  investigated  with  this  type  of  models.  This  simplification,  however,  offers  new 
aeroelastic  testing  capabilities.  Because  the  mass  scale  can  be  neglected  to  same  extent  the  model  can  be 
equipped  with  more  transducers.This  makes  it  possible  to  measure  directly  the  elastified  steady  and  unsteady 
pressure  distributions.  Conventional  aerodynamic  pressure  ploting  models  are  assumed  to  be  rigid  and  the 
measured  aerodynamics  must  be  elastified  by  theory.  Also  efficiency  tests  3re  possible  with  stiffness  scaled 
models. 

The  classical  aeroelastic  model,  which  is  the  flutter  model,  cannot  be  used  for  this  test  because  too  many 
-.en>or  installations  would  cause  mass  problems.  A  model  structure  cannot  be  built  3s  efficient  as  a  real  A  C 
structure  and  normally  it  is  difficult  to  fulfill  the  mass  similarity.  Therefore  the  "payload"  of  a  dynamically 
scaled  model  is  often  very  small. 

For  the  selection  of  the  length  scale  there  are  no  general  rules,  but  many  restrictions  are  given  by  the 
wind  tunnel  t  blockage,  dynamic  pressure),  the  manufacturing.the  material,  and  the  mode!  suspension  The 
waling  of  aeroelastic  models  is  an  iterativ  process,  that  needs  some  skill  and  experience. 


:  '  Aeroelastic  Models  of  Optimized  Composite  Structures 

C  oncerning  similarity  laws  there  are  no  differences  between  models  of  conventional  metallic 
structures  and  composite  material  structures.  If  a  model  simulates  the  stiffness  distribution  of  a  composite 
material  structure,  the  representation  of  the  anisotropic  character  of  the  material  is  already  included  But 
thi>  i>  not  definite  enough  for  the  check  of  optimization  parameters  like  main  fiber  direction  and  composition 
•f  the  laminate.  Therefore  it  is  best  in  our  opinion  to  build  the  models  with  replica  laminates  of  the  A  C 
'Uuciure.  This,  however,  will  not  be  possible  for  all  details  of  the  A/C  structure. but  having  selected  a 
reasonable  length  scale,  there  should  be  always  a  possibility  to  build  a  replica  of  the  main  carrying  structure 
it  least. 

In  addition  this  design  philosophy  also  offers  the  possibility  to  detect  fabrication  problems  in  advance, 
because  these  models  have  to  be  built  already  in  the  predevelopment  phase 


T  4  An  Example  for  a  Carbon  Fiber  Model  Design 

For  a  transonic  aeroelastic  wind  tunnel  study,  carbon  fiber  models  of  an  aeroelasiically  tailored  fin  and 
i udder  were  designed  and  manufactured.  According  to  the  used  optimization  procedure,  two  different  skins  of  the 
fin  box  were  fabricated  An  example  for  the  composition  of  the  laminate  and  the  fiber  orientations,  which  are  tin- 
output  of  the  optimization  program  is  given  in  Fig  4.  To  be  able  to  build  a  replica  of  these  skins,  the  length 
scale  and  the  design  point  of  the  model  has  to  be  selected  carefully.  As  can  be  seen  in  Fig.  3  a,  scale  for  the 
skin  thickness,  which  is  the  most  important  scale  for  the  replica  design  can  be  found  from  the  similarity  laws 
This  scale  depends  on  length  scale  and  pressure  ratio  of  test  fluid  and  atmosphere,  and  it  gives 
a  small  possibility  to  adjust  the  model  design.  The  skin  thicknesses  of  the  A/C  and  the  replica  model 
structure  are  mainly  determined  by  the  number  of  plies  of  the  laminate  if  the  contribution  of  the  epoxy  resin 
is  neglected.  To  meet  skin  scale  requirements  for  the  model,  the  number  of  plies  has  to  be  reduced  in  a  way 
that  the  percentages  for  the  different  fiber  orientations  of  the  plies  within  the  laminate  composition  are 
similar.  Due  to  this  constraint,  the  exact  required  model  skin  thickness  cannot  always  be  achieved.  This 
deviations  can  be  adjusted  by  a  proper  selection  of  the  pressure  ratio.  According  to  the  reflections  outlined 
above,  it  was  possible  to  design  and  manufacture  the  fin/rudder  model  depicted  in  Fig.  4.  Fig.  5  shows  some 
design  details. 

Fhe  skins  of  the  model  were  fabricated  in  a  negative  mold.  The  core  of  the  model  consists  of  expoxy-Toam  and 
rt-presents  the  honeycomb  of  the  A/C  structure.  To  avoid  expensive  machining  the  core  was  thermoplasically 
formed  by  pressing  the  warmed  foam  together  with  the  prefabricated  skins  in  the  mould.  After  manufacturing 
the  ribs  and  spars,  also  made  from  carbon  fiber  material,  the  model  was  glued  together  in  the  m  uld 
1  he  metal  parts  of  the  models  are  the  rudder  and  fin  attachments.  They  are  also  replicas  of  the  A  C  .j-  .  .  n 


V  TEST  PROCEDU  RES  TO  SUBSTANTIATE  AEROELASTIC  DESIGN  METHODS  WITH  MODELS 

VI  General  Aspects  of  Aeroelastic  Model  Tests 

In  i-ur  opinion  the  main  purpose  of  aeroelastic  models  is  to  check 

mathematical  models  for  the  structural  dynamics 
design  tools  and  aeroelastic  tailoring  strategies 
aerodynamic  theories 

I  he  use  of  the  model  test  results  for  certification  is  limited  because  the  results  are  strictly  valid  only 
for  the  design  point  of  the  model.  However,  having  enough  convidence  in  the  calculations,  checked  by  model 
results  the  certification  procedures  for  the  whole  flight  envelope  can  be  done  by  calculations.  This  combined 
theoretical-experimental  method  was  found  very  effective  and  helps  to  avoid  mistakes 


3-2  Laboratory  Testing 


Before  wind  tunnel  entry  the  model  properties  have  to  be  checked  by  tests.  In  general,  these  are 
stiffness  and  ground  resonance  tests.  Assuming  that  the  model  has  a  replica  structure  and  regarding  the 
similarity  rules,  the  stiffness  test  results  (influence  coefficients)  must  be  comparable  to  the  stiffness 
matrix  of  the  mathematical  A/C  dynamics  model. This  is  demonstrated, in  Fig.  6  for  an  example  of  the  fin/rudder 
model. 

In  this  figure,  the  influence  coefficients  of  two  models,  both  optimized  with  different  type  of  laminates  for 
the  same  requirement,  are  compared  to  calculated  values.  It  can  be  seen  that  two  different  optimization 
procedures  came  to  the  same  results. 

The  ground  resonance  test  has  a  global  check  function.  The  measured  eigenfrequencies  and  modes  as  well  as 
the  generalized  masses  can  be  used  to  check  the  complete  dynamics  model  of  the  A/C  at  v  -  0  m/sec. 


3.3  Wind  Tunnel  Testing  . 

In  the  wind  tunnel  test  the  flying  elastic  A/C  is  simulated  by  an  aeroelastic  model.  Consequently  the  test 
results  are  apt  to  check  and  to  update  the  mathematical  dynamics  A/C  model  including  aerodynamics.  With 
stiffness  scaled  models  static  aeroelastic  effects  and  efficiencies  were  tested  and  the  results  can  be  used  to 
check  and  match  the  calculation.  A  new  and  very  interesting  application  of  stiffness  scaled  models  is  their  use 
as  pressure  plotting  models.  A  stiffness  scaled  pressure  ploting  model  is  spezialized  to  measure  the  air  loads 
and  steady  and  unsteady  pressure  distribution  on  the  elastic  A/C.  This  is  the  only  possibility  to  check  the 
"elastification"  of  the  aerodynamic  data  set  already  in  the  predevelopment  phase. 

The  classical  dynamically  scaled  model  is  mainly  used  for  flutter  and  active  control  investigations. 

Flutter  tests  are  comparable  with  ground  resonance  tests.  Both  tests  simulate  the  complete  equation  of  the 
mathematical  A/C  model  whereas  the  stiffness  scaled  model  tests  represent  just  a  part  of  the  equation. 
Therefore  the  combination  of  both  model  types  gives  the  best  information  for  the  substantiation  of  aeroelastic 
tailoring  strategies. 


4  WIND  TUNNEL  MEASUREMENT  METHODS 

4  1  Aeroelastic  Measurement  Methods 

The  classical  measurement  methods  for  aeroelastic  investigations  are  quasi-  and  unsteady  pressure 
measurements  vibration-,  frequency-  and  damping  measurements.  But  to  substantiate  modern  structural  design 
methods  these  tests  are  not  sufficient  anymore.  Especially  for  static  aeroelastic  investigations  the  air  load* 
and  the  associated  deformations  of  the  structure  are  of  major  interest. 

The  air  loads  of  a  stiffness  scaled  model,  however,  cannot  be  measured  with  a  conventional  wind  tunnel 
balance.  Those  balances  use  strain  gauges  as  sensors  and  are  elastic  by  definition  and  they  would  change  the 
model  deformations  completely. 

Also  photogrammetric  methods  to  measure  deformations  are  complicate  for  wind  tunnel  applications.  This 
demonstrates  that  there  is  a  need  for  new  measurement  methods  for  static  aeroelastic  investigations.  Therefore 
this  report  will  concentrate  on  air  load  measurements  with  a  rigid  balance  and  on  a  simple  opto-electronic 
method  to  measure  deformations. 


4  2  General  Remarks  Concerning  a  'Rigid"  Balance  Based  on  Piezoelectric  Foice  Transducers 

In  general,  high  rigidity  of  the  balance  is  important  in  all  cases  when  measuring  steady  and  unsteady  forces 
for  the  following  reason:  high  rigidity  leads  firstly  to  a  high  natural  frequency  of  the  entire  system  (balan¬ 
ce,  model)  and  secondly  to  low  interference  between  the  individual  force  components  to  be  measured.  Because  of 
these  demands  we  used  a  balance  which  is  based  on  piezoelectric  multicomponent  force  transducers  (Kistler 
'>00 7 ) .  The  high  stiffness  of  the  piezoelectric  force  transducers  is  caused  by  the  fact  that  the  necessary 
measuring  deflections  are  only  a  few  micrometers,  which  is  one  or  two  orders  of  magnitude  smaller  than  in  the 
case  of  strain  gauge  systems.  In  addition,  the  rigidity  of  the  balance  is  further  enhanced  by  using 
multicomponent  load  washers.  Thus  the  mechanical  decoupling  of  the  individual  force  component  is  superfluous 
In  addition,  a  piezoelectric  balance  features  a  broad  dynamic  range  of  about  6  orders  of  magnitude  for  dynamic 
measurements  and  nearly  4  orders  of  magnitude  for  quasisstatic  measurements. 

Concerning  static  measurements  the  suitability  of  a  piezoelectric  system  is  reduced  because  the  exponential 
decay  of  the  charge  with  time  constants  of  10^  to  lO^s,  and  fault  currents  in  the  charge  amplifier  that  cause 
the  zero  point  drift.  But  these  restrictions  are  only  significant  when  measuring  small  forces  (i.e.  small 
charges)  or  when  the  measuring  time  is  very  long. 

On  the  other  hand  it  is  possible  to  reduce  the  error  caused  by  the  zero  shift  by  applying  a  simple 
correction  procedure.  Our  experience  from  measurements  in  a  high-pressure  wind  tunnel  (Ref.  3/4),  the  3  x  3  m 
low-speed  wind  tunnel,  and  the  present  measurements  show  that  the  accuracy  is  sufficient  for  a  wide  range  of 
aerodynamic  force  measurements. 


4.3  Description  of  the  System  Used  for  the  Fin/Rudder  Tests 

The  balance  used  in  this  test  was  manufactured  by  Kistler  Instruments, it  is  a  modified  version  of  the 
"3 -component  dynamometer  Type  9265".  This  force  plate  was  orginally  designed  for  measuring  cutting  forces  on 
machine  tools  (turning.grinding). 


Fig  9  illustrates  the  main  components  of  such  a  force  plate.  Four  3-component  force  transducers  (13), 
which,  have  the  form  of  washers,  are  prestressed  by  elastic  bolls  between  two  rigid  steel  plates.  One  plate, 
which'acts  as  a  b3se  plate  (A)  is  fiaed  to  the  wind  tunnel  wall,  while  the  test  model  is  attached  to  the  second 
force-conducting  top  plate  (C).  Thus  the  shear  forces  on  the  load  washers  can  be  transmitted  by  friction.  The 
assembly  of  the  multicomponent  force  transducer  is  illustrated  in  Fig.  10.  The  four  load  washers  deliver  twelve 
signals,  the  proper  combination  of  which  allows  in  principle  all  six  components  of  the  resultant  force  and  the 
moment  to  be  determined  with  respect  to  the  geometric  midpoint  of  the  four  elements.  For  3-component 
measurements  of  the  drag,  lift  and  pitch  moments,  only  shear  forces  on  the  load  washers  are  required.  Since  the 
sen-unity  of  all  elements  to  the  shear  forces  is  nearly  equal,  related  components  can  be  wired  electrical!) 
parallel  and  routed  to  a  charge  amplifier  IKisrler  5007). 

1  he  following  signals  were  added  by  parallel  X i  +  X*  -  X  l/^  .  X3  +  XA-  X 5  |  \  1/^  and 

y-  *  V»  *  Vy/3  Thus  four  signals  are  produced  for  a  3-component  measurement.  The  sum  of  all  x  -component- 
sields  the  total  X  (drag  force)  and  the  sum  of  all  y  -components  the  lotal  Y  (lift)  The  pilch  moment  M  can 
be  oblained  bv  the  appropriate  differences  M  'Y  (Xt/g  -  X  )  *  lY*/j  -  Y  y/j  1.  The  four  signals  fed  into 
integrating  digital  voltmeters  were  coupled  via  an  lEC-Bus  io  a  computer  which  calculates  the  forces  and  the 
drill  correction  He  used  the  following  drift  correction  procedure.  The  readings  of  the  voltmeter  and 
the  corresponding  lime  were  stored  ai  every  measuring  point.  Knowing  the  location  of  the  zero  point  befoie 
1  flow  speed  u,*,  -  0)  and  after  the  measurement,  where  the  flow  speed  is  zero  again,  we  computed  the  correction 
for  every  point  in  time  by  linear  interpolation.  The  assumption  of  a  liner  drift  is  justified  because  the  shift 
of  the  zero  point  is  dominated  by  the  fault  currents  in  the  charge  amplifier  and  not  by  the  exponential  decay 
•if  (he  charge. 

In  case  that  the  application  of  force  is  inside  and  at  a  maximum  distance  of  0.1  m  above  the  top  plate  the 
maximum  load  may  be  15  kN  while  the  threshold  for  dynamic  measurements  is  as  low  as  0.0 1  N. 

I  he  interference  between  both  components  X  and  Y  is  lower  than  1%  Because  of  the  high  rigidity  of  the  quart/ 
elements  themselves,  the  natural  frequency  is  mainly  determined  by  the  stiffness  of  the  top  plates  of  the 

balance. 

The  balance  was  calibrated  with  weights  in  quasistatic  mode.  Since  balances  based  on  the  same  type  of 
piezoelectric  load  washers  h3ve  similar  properties.  Refs.  5.  4  may  be  consult  for  more  details.  In  these 
references,  the  basic  aspects  of  the  piezo  measuring  technique,  the  force  transducers,  calibration  tests  .and 
fuither  applications  are  described. 


4.4  Deformation  Measurements  in  the  Wind  Tunnel 
4  4.1  Principle  of  the  Opto-electronic  Method 

For  deformation  measurements  in  the  laboratory  the  transducers  are  connected  with  or,  in  case  of  touchless 
>ensors,  very  close  to  the  test  specimen.  In  the  wind  tunnel  this  technique  cannot  be  used.  In  order  not  to 
desturb  the  flow,  the  measurement  must  be  done  either  internally  in  the  model  or  from  outside  of  the  wind 
tunnel  test  section.  At  MBB  an  opto-electronic  method  was  used,  which  measures  the  model  deformation  from 
outside  of  the  wind  tunnel.  This  method  has  the  advantage  to  be  applicable  also  for  very  small  and  solid 
.teiodxnamic  models.  The  principle  of  the  measurement  is  depicted  in  Fig.  II.  For  the  measurement  an  illuminated 
target  point  on  the  test  specimen  is  focussed  by  a  lens  on  a  CCD  Sensor  (Charge  Coupled  Device).  This  sensor  is 
an  array  of  photosensitive  elements  (pixel)  is  used  for  digital  image  sensing.  A  computer  connected  to  the 
xensor  electronics  dedecis  the  pixel,  on  which  the  light,  of  the  target  is  focussed.  When  deforming  the 
xtructure  of  the  test  specimen  the  light  of  the  target  point  is  focussed  on  another  pixel.  The  travel  of  the 
focussed  ray  is  in  first  approximation  proportional  to  the  deflection  of  the  test  specimen.  The  precision  of 
such  a  measurement  is  at  the  present  state  of  our  developement  below  0.1  mm.  This  system  can  only  measure 
deflections  in  the  plane  perpenticular  to  the  specimen  as  can  be  seen  in  Fig.  11.  The  accuracy  of  the 
measurement  method  can  be  deteriorated  by  vibrations  of  the  tunnel  wall  mounted  CCD  sensor  and  refraction 
effects  due  to  density  variations  in  the  air  flow.  The  refraction  effects  cannot  be  excluded  by  calibration 
because  calibration  can  only  be  done  at  zero  airspeed  in  the  tunnel.  But  this  refraction  and  vibration  effects 
were  found  to  be  small.  Some  problems  may  be  caused  by  light  reflections  on  model  and  tunnel  wall,  which  cause 
noise  in  the  sensor  signal. 


4.4.2  Description  of  the  Deformation  Measurement  System  for  Wind  Tunnel  Application 

For  an  effective  wind  tunnel  application  of  the  described  opto-electronic  method  some  modifications  and 
implements  were  necessary.  To  be  able  to  check  structural  design  methods  it  is  favourable  to  measure  the 
deflections  of  a  set  of  points  comparable  with  the  grid  of  the  mathematical  model.  To  reduce  the  number  of  CCD 
sensors  and  associated  cameras  and  electronics  special  lenses  were  used,  which  were  able  to  focus  the  light  of 
3  target  points  on  one  sensor.  Thus,  the  deflection  of  9  points  could  be  measured  with  just  3  CCD  sensors  as 
depicted  in  Fig.  1 2.  The  main  problem,  however,  was  to  install  tiny  light  points  with  high  emitting  intensity  on 
the  mode)  without  changing  the  stiffness  characteristics  of  the  model.  High  light  intensity  was  necessary  to 
achieve  a  reasonable  signal  to  noise  ratio  for  the  CCD  sensor  signal.  This  problem  was  solved  by  installing 
optical  fibers  of  200^i m  diameter  inside  of  the  model.  The  shining  end  of  the  optical  fiber  penetrates  the 
model  skin  at  the  centre  of  the  target  point  to  be  measured.  The  other  end  of  the  fiber  is  connected  to  a 
powerful  light  surce  as  can  be  seen  in  Fig.  12.  For  this  prototype  test  installation  of  the  measurement  system 
also  computer  software  for  data  reduction  wa*  developped  and  applied  successfully 

During  wind  tunnel  test  of  this  system  it  was  found  that  the  measurements  were  performed  fast  and  the 
system  was  simple  to  handle,  which  is  necessary  for  industrial  wind  tunnel  testing. 


STATIC  AEROELASTIC  TESTS  IN  THE  TRANSONIC  RANGE 


5.1  Test  Objectives 

The  main  objectives  of  the  wind  tunnel  test  were  to  measure  derivatives  of  an  aeroelastic  fin  and  rudder 
model  associated  with  the  deformations  of  the  model  structure.  From  this  measurements  the  rudder  efficiencies 
should  be  extracted.  Flutter  investigations  were  only  done  to  a  small  extend,  because  flutter  of  this  optimized 
fin  was  predicted  outside  of  the  wind  tunnel  performance. 


5  2  Description  of  the  Test  Set  Up 

The  sensor  installations  of  the  carbon  fiber  fin/rudder  model  is  given  in  Fig.  13.  At  the  tip  of  the  fin 
two  accelerometers  were  mounted  for  flutter  monitoring.  At  3  sections  3  light  points  for  the  deformation 
measurements  were  installed.  Strain  gauges  were  glued  at  the  middle  and  rear  fin  attachment  to  measure  the  root 
moments. 

The  rudder  is  attached  to  the  fin  with  3  hinges.  It  is  driven  by  a  hydraulic  actuator,  which  is  connected 
to  the  rudder  with  a  spring  element,  soft  in  bending  and  a  scaled  torsional  stiffness.  The  spring  element  is 
also  equipped  with  strain  gauges  to  measure  rudder  hinge  moments.  To  sense  the  "rigid"  rudder  angle,  a  position 
censor  was  installed  at  the  root  rip  close  to  hinge  line.  With  the  help  of  this  sensor  the 
actuator  flexibility  could  be  excluded. 

The  model  was  screwed  on  the  piezo  balance,  which  in  turn  was  rigged  as  stiff  as  possible  on  the  wind 
tunnel  floor.  To  improve  the  boundary  layer  conditions  for  the  model  a  ground  board  was  also  installed  as 
depicted  in  Fig.  13. 


5.3  Static  Aeroelastic  Test  Program  for  the  Fin/Rudder  Model 
Two  model  configurations  were  tested  in  the  wind  tunnel: 

Configuration  I: 

l  m  incidence  (i  •  0®  rudder  angle  ^  variable  f  rom  *2»  +  50to*^«-5B 
Configuration  II: 

Fin  incidence  £  variable  from  fi=  ♦  3®  to$«  -  3°  and  rudder  angle  *£=  0. 

The  tests  were  performed  at  Ma  *  0.7,  0.9,  1.2  at  variable  dynamic  pressures. 

For  both  configurations  the  lift,  the  drag  and  rudder  hinge  moment  were  measured  as  functions  of  the 
dynamic  pressure.  The  model  deformations  under  steady  air  loads  were  measured  for  various  load  cases  too. 


5.4  Test  Results  and  Comparison  with  Theory 
5.4.1  Measurement  of  Air  loads  and  Efficiencies 

Some  results  of  the  balance  measurements  are  depicted  in  Fig.  14/15.  The  measured  lifts  and  hingemoments 
as  functions  of  the  rudder  angle  (fin  incidence)  and  the  dynamic  pressure  look  reasonable.  In  a  follow  on 
effort  the  efficiencies  of  the  fin  and  rudder  were  evaluated  from  the  load  measurements.  The  efficiency  here  is 
defined  as  the  ratio  of  flexible  to  rigid  derivatives.  Because  the  rigid  derivatives  cannot  be  measured  with  a 
flexible  model  by  definition,  it  was  tried  to  find  the  rigid  derivatives  by  extrapolation  of  the  flexible 
values.  For  this  the  evaluated  elastic  derivatives  were  plotted  vs  the  dynamic  pressure.  This  curve  was 
extrapolated  to  zerodynamic  pressure  assuming  that  this  would  be  the  rigid  value  because  at  very  low  dynamic 
pressure  the  deformation  of  the  structure  will  be  also  very  small.  This  extrapolation  is  shown  in  Fig.  16. 

Normalizing  this  curves  with  the  "rigid"  values  will  give  the  efficiencies.These  curves,  however,  are 
completely  different  from  the  classical  efficiency  curves.  To  clear  this,  the  extrapolated  "rigid"  derivatives 
weie  compared  with  the  calculated  derivatives  and  it  was  found  that  the  experimental  values  are  too  low.  The 
exphntion  for  this  gave  the  results  of  the  deformation  measurements. 

5  4  2  Deformation  Measurement  Results 

Fig  17  gives  an  example  for  Jeformation  measurements  for  high  and  low  airloads  as  well.  Analyzing  the 
rudder  deformation  due  to  the  air  loads  it  can  be  seen  that  for  high  airloads  the  rudder  angle  at  the  tip  is 
considerably  higher  than  at  the  root.  That  means  that  the  mean  rudder  angle  is  higher  than  the  commanded  angle 
at  the  i out  But  the  reference  for  all  measurements  is  the  commanded  rudder  angle.  This  is  also  the  explanation 
for  efficiencies  1.0  at  high  dynamic  pressures.  The  twist  of  the  rudder,  which  leads  to  this  high 
efficiencies  is  caused  by  the  bending  of  the  fin  box  in  conjunct.oo  with  the  actuator  and  hinge  positions.  It 
is  a  kind  of  geometrical  coupling. 

The  too  small  values  of  the  extrapolated  "rigid"  derivatives  can  be  explained  by  another  elasti:  effect. 

In  Fig.  17  the  deformation  of  fin  and  rudder  at  low  dynamic  pressure  is  also  given.  In  this  case  the  rudder 
behaves  as  generally  expected  and  the  angle  at  the  tip  is  smaller  than  the  commanded  angle  shown  at  the  root. 

In  Fig.  18  these  two  effects  are  depicted  in  another  diagram,  which  compares  the  commanded  rudder  angle  with 
the  angle  at  the  rudder  tip.  This  picture  shows  a  very  non-linear  behaviour  of  the  rudder,  which  can  only  be 
found  using  stiffness  scaled  models  instead  of  classical  aerodynamic  models.  This  example  also  demonstrates 
clearly  the  necessity  of  deformation  measurements  in  aerodynamic  and  aeroelastic  investigations  to  be  able  to 
interpret  correctly  balance  measurements. 
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6  CONCLUSIONS 

In  a  wind  tunnel  study  on  an  aeroelastic  carbon  fiber  model  it  was  demonstrated  how  the  structural  design 
methods  can  be  checked  by  experiment,  beginning  in  an  early  stage  of  the  design.  Emphasis  was  put  on  the  static 
aeroelastic  investigations,  which  become  more  and  more  important  in  high  performance  A/C  design. 

For  this  measurements  a  rigid  balance  based  on  piezo  force  transducers  and  an  opto-electronic  deformation 
measurement  method  were  used  successfully.  It  was  tried  to  evaluate  rudder  efficiencies  and  a  non-linear 
behaviour  of  the  rudder  was  found  based  on  geometrical  coupling  with  the  fin.  This  should  be  further 
in\estigated  in  detail. 
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PREDICTION  OP  WING  AEROELASTIC  EFFECTS  ON  AIRCRAFT 
LIFT  AND  PITCHING  MOMENT  CHARACTERISTICS 

By  Clinton  V.  Eckstrom 
Aerospace  Engineer 
NASA  Langley  Research  Center 
Hampton,  Virginia  23665-5225 


SUMMARY 


The  distribution  of  flight  loads  on  an  aircraft  structure  determines  the  lift  and 
pitching  moment  characteristics  of  the  aircraft.  When  the  load  distribution  changes 
due  to  the  aeroelastic  response  of  the  structure,  the  lift  and  pitching  moment 
character istics  also  change.  An  estimate  of  the  effect  of  aeroelast icity  on  stability 
and  control  chactecist ics  is  often  required  for  the  development  of  aircraft  simulation 
models  for  evaluation  of  flight  characterstics.  This  presentation  outlines  a  procedure 
for  incorporating  calculated  linear  aeroelastic  effects  into  measured  nonlinear  lift  and 
pitching  moment  data  from  wind  tunnel  tests.  Results  are  presented  which  were  obtained 
from  applying  this  procedure  to  data  for  an  aircraft  with  a  very  flexible  transport  type 
research  wing.  The  procedure  described  is  generally  applicable  to  all  types  of 
aircraft. 


LIST  OP  SYMBOLS 
Symbol:  Definition: 

0^  lift  coefficient 

CLa  lift  coefficient  curve  slope,  per  degree 

Clh  horizontal  tail  lift  coefficient 

horizontal  tail  lift  coefficient  curve  slope,  per  degree 
Cm  pitching-moment  coefficient 

pitching-moment  coefficient  at  zero  angle  of  attack 
pitching -moment  coefficient  curve  slope,  per  degree 
horizontal  tail  pitching-moment  coefficient  curve  slope,  per  degree 
horizontal  tail  incidence  angle,  degrees 
mean  aerodynamic  chord  length,  m  (in) 
free  stream  dynamic  pressure,  N/m2  (psf) 
wing  reference  area,  m2  (ft2) 

distance  from  center  of  gravity  to  wing/fuselage  aerodynamic 
center,  units  of  m.a.c.,  positive  forward 


Cra6fj 

*H 
m.a.c. 
<1 
S 

XA 


a 
aH 

°L*0 
ae  “O 
AaL*o 
iae*o 
AC, 


Ac.g. 


mL»o 

axa 


distance  from  center  of  gravity  to  horizontal  tail  aerodynamic  center, 
units  of  m.a.c.,  positive  aft 

angle  of  attack,  degrees 

angle  of  attack  at  horizontal  tail,  degrees 

angle  of  attack  at  zero  lift,  degrees 

angle  of  attack  for  zero  downwash  at  tail,  degrees 

incremental  change  in  angle  of  attack  at  zero  lift,  degrees 

incremental  change  in  angle  of  attack  for  zero  downwash  at  tall, 
degrees 

incremental  change  in  pi tching-moment  at  zero  lift,  rigid  airplane 

incremental  change  in  wing/fuselage  aerodynamic  center  location,  units 
of  m.a.c.,  positive  forward 


downwash  angle  at  horizontal  tail,  degrees 


Symbol : 
e  a=»o 
«H 
0H 

0HH 

3e 

3a 


Definition: 

downwash  angle  at  zero  angle  of  attack,  degrees 

deflection  angle  of  horizontal  tail  (elevon),  degrees 

deflection  angle  of  flexible  fuselage  at  horizontal  tail 
station,  degress 

deflection  angle  of  flexible  fuselage  at  horizontal  tail  station  per 
unit  horizontal  tail  load,  radians/lb 

partial  of  downwash  angle  with  angle  of  attack,  deg/deg 


Abbreviat ions/S uperscr ip ts/Subscr ipts: 
CS  cruise  shape  (wing) 

FS  fabrication  shape  (wing) 

TO  tail  off 


INTRODUCTION 

It  is  well  known  that  aircraft  static  aeroelastic  characteristics  can  have  a 
significant  effect  on  structural  loadings,  stability  and  control  characterst ics,  control 
surface  effectiveness  and  flight  performance  characteristics  and  therefore  should  be 
considered  during  all  phases  of  the  vehicle  design  process.  One  of  the  areas  where 
static  aeroelastic  effects  must  be  considered  is  in  the  development  of  a  stability  and 
control  data  base  for  use  in  aircraft  simulation  models.  Such  simulation  models  may  be 
used  early  in  the  design  process  for  structural  loading  evaluations,  control  law 
development  and  evaluation  of  control  capability.  The  simulation  models  may  also  be 
used  for  hardware  verification,  flight  plan  preparation,  and  pilot  training.  Usually 
the  wind  tunnel  test  data  on  stability  and  control  as  well  as  performance 
characteristics  are  obtained  from  rigid  models  built  to  a  specific  design  shape.  For  a 
transport  type  wing  the  design  shape  (planform,  airfoil  shapes,  twist  distribution, 
etc. )  is  usually  selected  to  maximize  efficiency  at  cruise  flight  conditions  whereas  for 
a  fighter  type  aircraft  the  wing  design  may  be  selected  for  a  specific  maneuver 
condition  or  capability.  In  either  case  a  structural  deflection  calculation  must  be 
made  to  define  a  fabrication  shape  such  that  the  full  scale  wing  will  deform  to  the 
desired  shape  when  subjected  to  the  loading  expected  at  the  design  condition. 

For  the  example  described  herein  the  aircraft  had  a  transport  type  wing  for  which 
the  given  information  included  (1)  the  wind  tunnel  measurements  of  stability  and  control 
characteristics  for  a  rigid  model  with  a  cruise  shape  wing  (ref.  1)  and  (2)  the 
fabrication  shape  for  the  full  scale  wing  (ref.  2).  What  was  needed  was  a  prediction  of 
the  performance  and  stability  and  control  characteristics  of  the  full  scale  aircraft 
with  a  flexible  wing.  The  approach  was  to  use  a  static  aeroelastic  analysis  procedure 
(ref.  3),  which  has  linear  aerodynamic  and  structural  equations,  to  calculate  the 
aerodynamic  characteristics  of  the  aircraft  with  both  a  rigid  cruise  shape  wing  and  a 
rigid  fabrication  shape  wing  and  also  to  do  the  same  calculations  for  the  aircraft  with 
a  flexible  wing  starting  in  the  fabrication  shape.  The  next  step  was  to  determine  (1) 
the  differences  in  stability  and  control  characteristics  between  the  rigid  cruise  shape 
and  the  rigid  fabrication  shape  and  (2)  the  changes  due  to  flexibility  (aeroelastic 
effects,  defined  as  a  function  of  flight  dynamic  pressure).  These  differences  were  then 
applied  to  the  wind  tunnel  measured  data  as  increments  or  as  ratios  to  give  a  nonlinear 
prediction  of  the  stability  and  control  character ist ics  for  the  flexible  flight 
vehicle.  The  procedure  for  doing  this  was  developed  from  and  is  similar  to  that  of 
reference  4.  The  information  for  the  example  case  presented  herein  includes  the  lift 
and  pitching  moment  characteristics  at  a  Mach  number  of  0.80,  although  the  calculations 
were  performed  for  a  range  of  Mach  numbers. 


AIRCRAFT  CHARACTERISTICS 

The  procedure  described  was  applied  to  a  research  wing  mounted  on  a  drone  vehicle 
(ref.  5).  The  si2e  and  general  arrangement  of  the  research  wing  and  drone  vehicle  are 
shown  in  figure  l.  The  fuselage  is  a  modified  Firebee  II  target  drone  vehicle.  The 
research  wing  was  designed  for  a  2.5-g  maneuver  load  at  a  gross  vehicle  weight  of  1134 
kg  (2500-pounds).  The  wing  structural  strength  and  stiffness  were  determined  using  an 
integrated  design  procedure  which  included  the  use  of  active  controls.  Wing  loading  was 
reduced  using  maneuver  and  gust  load  alleviation.  Wing  stiffness  was  reduced  using 
active  flutter  suppression  (ref.  2).  Therefore  the  wing  is  quite  flexible  in  comparison 
to  most  transport  type  wings  in  use  today.  Also  inertial  effects  are  small  because  the 
wing  has  no  engines,  internal  fuel,  stores,  or  other  large  added  masses. 

A  comparison  of  wing  leading  edge  elevation  (droop)  and  spanvise  twist 
distributions  for  the  wing  in  both  the  cruise  and  fabrication  shape  is  presented  in 
figure  2.  The  leading  edge  of  the  cruise  shape  wing  is  a  straight  line  with  a  very 
slight  downward  slope  toward  the  wing  tip.  The  leading  edge  of  the  fabrication  shape 
wing  droops  downward  considerably  from  the  cruise  shape  wing  to  compensate  for  the 
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upward  bending  that  will  occur  due  to  the  lifting  aerodynamic  loads  experienced  at  the 
cruise  flight  conditions  (M  *  0.80,  Cl  *  .53,  q  -  6080  Newtons  per  square  meter  (127 
psf)).  The  wing  twist  distribution  for  the  cruise  shape  wing  (fig.  2)  was  selected  for 
aerodynamic  efficiency  reasons  relative  to  spanwise  lift  distribution  and  wing  tip 
stall.  The  fabrication  shape  wing  has  a  reduced  negative  twist  distribution  to 
compensate  for  the  negative  twisting  which  will  occur  as  a  result  of  bending  when  the 
wing  is  subjected  to  the  aerodynamic  loads  associated  with  the  cruise  flight  conditions. 


WIND  TUNNEL  TEST  DATA 

The  wind  tunnel  tests  (ref.  1)  were  performed  on  a  rigid  0.237-scale  model  with  a 
cruise  shape  wing.  Data  are  presented  for  tests  performed  at  a  Mach  number  of  0.80  with 
the  model  in  both  the  tail-on  and  tail-off  configurations.  Lift  and  pitching  moment 
coefficient  data  are  shown  in  figure  3.  The  slight  difference  between  the  two  sets  of 
lift  coefficient  data  results  from  the  lift  on  the  tail.  Note  that  the  lift  on  the  tail 
is  downward  until  an  angle  of  attack  of  about  6-degrees  has  been  reached.  The  circles 
and  squares  represent  actual  test  data  points  whereas  the  solid  and  dashed  lines 
represent  equations  which  were  fit  to  the  test  data  points.  The  equations  were  used  to 
define  a  set  of  pseudo  "wind  tunnel*  results  such  that  data  at  smaller  angle  of  attack 
increments  could  be  used  in  subsequent  analyses. 

For  the  pitching  moment  coefficient  data  (fig.  3)  the  difference  between  data  for 
the  tail-on  and  tail-off  configurations  is  considerably  greater.  The  difference  is  the 
lift  on  the  tail  multiplied  by  the  moment  arm  length  between  the  tail  center  of  pressure 
and  the  vehicle  center  of  gravity  (the  c.g.  is  defined  as  being  at  0.25  m.a.c.).  Note 
that  the  two  curves  cross  at  about  6-degrees  angle  of  attack  indicating  that  the  lift  on 
the  tail  changes  from  negative  to  positive  which  is  in  agreement  with  the  lift 
coefficient  data. 

Two  additional  scale  model  wind  tunnel  test  measurements  are  needed  to  determine 
downwash  at  the  tail  location.  They  are  the  horizontal  tail  lift  and  pitching  moment 
coefficient  curve  slopes,  per  degree  deflection.  For  the  example  case  given  these 
parameters  had  values  of  0.0124  per  degree  and  -0.048  per  degree  respectively  and  were 
assumed  to  be  linear  over  the  angle  of  attack  or  horizontal  tail  deflection  angles  of 
interest. 


ANALYSIS  METHOD 

The  tasks  and  procedures  for  obtaining  the  predicted  lift  and  pitching  moment 
characteristics  for  a  flexible  aircraft  are  outlined  in  the  flow  chart  presented  in 
figure  4.  The  wind  tunnel  test  data  for  the  tail-on  and  tail-off  aircraft  configurations 
referred  to  on  the  left  side  of  the  chart  (fig.  4)  have  already  been  presented.  The 
static  aeroelastic  analyses  referred  to  on  the  right  side  of  the  chart  were  performed 
using  the  Flexible  Airplane  Analysis  Computer  Program  called  FLEXSTAB  (ref.  3).  As 
noted  on  the  chart,  static  aeroelastic  analyses  are  required  for:  (1)  rigid  analytical 
models  at  both  the  design  cruise  shape  and  the  fabrication  shape,  and  (2)  a  flexible 
analytical  model  (initially  at  the  fabrication  shape)  subjected  to  various  levels  of 
flight  dynamic  pressure.  In  each  case  analysis  results  are  needed  for  both  horizontal- 
tail-on  and  horizontal-tail-off  aircraft  configurations.  These  linear  analysis  results 
are  then  used  to  define  incremental  changes  in  lift  and  pitching  moment  between  the  two 
rigid  shapes  and  for  the  variations  of  flight  dynamic  pressure  for  the  flexible  model. 
The  incremental  changes  defined  by  the  linear  analysis  method  are  then  used  either 
directly,  or  as  ratios,  to  modify  the  measured  non-linear  wind  tunnel  data  using  a 
procedure  developed  from  and  similar  to  that  of  reference  4. 

A  basic  assumption  associated  with  the  prediction  procedure  is  that  lift  curve 
intercept  changes  determined  by  FLEXSTAB  analysis  should  be  applied  to  the  measured  wind 
tunnel  data  as  a  shift  in  angle  of  attack  for  zero  lift  rather  than  as  a  change  in  lift 
at  zero  angle  of  attack.  As  a  result  the  modified  wind  tunnel  curves  are  translated 
along  the  angle  of  attack  axis  with  no  change  in  the  prediction  of  maximum  lift 
capability.  A  second  assumption  is  that  the  change  in  lift  curve  slope  for  the  flexible 
wing  should  be  proportional  to  the  incremental  change  in  lift.  Therefore  the  correction 
to  be  applied  to  lift  curve  slope  is  a  function  of  both  dynamic  pressure  and  lift  curve 
slope  from  the  original  non-linear  lift  curve  rather  than  just  as  a  function  of  dynamic 
pressure.  These  assumptions  basically  define  how  the  prediction  procedure  is  applied  as 
explained  in  the  following  sections. 

Analysis  Results  for  Lift  Coefficient 

A  comparison  of  the  lift  coefficients  calculated  using  the  FLEXSTAB  analysis  procedure 
is  presented  in  figure  5(a)  for  the  rigid  cruise  shape  wing  and  the  rigid 
fabrication-shape  wing  (tail-off  aircraft  configuration).  FLEXSTAB  results  for  lift  are 
in  the  form  of  a  lift  coefficient  for  zero  angle  of  attack  and  a  lift  curve  slope  from 
which  the  angle  of  attack  for  lift  coefficient  equals  zero  is  determined.  It  is  the 
difference  in  angle  of  attack  at  zero  lift  (Cl  *  0)  between  calculated  results  for  the 
cruise  shape  wing  and  the  fabrication  shape  wing  that  is  the  incremental  value  to  be 
used  in  modifying  the  measured  wind  tunnel  lift  coefficients  to  those  expected  for  the 
rigid  fabrication  shape  wing.  Note  that  for  those  two  rigid  wing  shapes  there  is  a 
shift  in  angle  of  attack  for  zero  lift  but  no  change  in  lift  curve  slope. 

The  next  step  is  to  calculate  the  lift  coefficient  slope  and  intercept  values  for 
the  flexible  wing  (tail-off  configuration)  using  the  FLEXSTAB  analysis  procedure.  Lift 
coefficient  slope  and  intercept  values  for  the  flexible  wing  are  shown  in  figure  5(b). 
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The  effects  of  flexibility  were  determined  at  the  various  non-zero  dynamic  pressure 
values  shown.  Results  for  the  rigid  fabrication  shape  (fig  5(a))  are  presented  at  zero 
dynamic  pressure  for  reference  purposes  as  this  is  the  basline  condition  from  which 
flexibility  effects  are  evaluated.  The  results  for  the  flexible  wing  are  different  from 
those  for  the  rigid  wing  shapes  in  that  there  is  a  change  in  both  the  slope  and 
intercept  values  as  flight  dynamic  pressure  is  changed.  The  changes  in  lift  curve  slope 
occur  because  the  wing  twist  distribution  for  the  flexible  wing  is  a  function  of  wing 
loading  which  in  turn  is  a  function  of  aircraft  angle  of  attack  for  any  given  flight 
dynamic  pressure. 

A  summary  of  the  calculated  incremental  changes  in  angle  of  attack  at  zero  lift  is 
shown  in  figure  6.  These  values  are  needed  as  one  set  of  inputs  for  modifying  the 
measured  wind  tunnel  data  to  account  for  the  wing  rigid  shape  change,  cruise  shape  to 
fabrication  shape,  (shown  in  figure  6  at  zero  flight  dynamic  pressure)  and  for  the 
aeroelastic  effects  which  are  a  function  of  flight  dynamic  pressure.  (These  data  were 
obtained  from  figure  5  at  Cl  *  0).  Note  that  the  incremental  angle  of  attack  changes 
for  the  wing  rigid  shape  change  and  for  the  wing  flexibility  effects  are  opposite  in 
sign.  The  fabrication  shape  wing  has  zero  lift  at  a  larger  negative  angle  of  attack 
than  the  cruise  shape  wing  because,  as  shown  earlier,  the  fabrication  shape  wing  has 
less  negative  twist  along  the  span  than  does  the  cruise  shape  wing.  However  as  the 
flight  dynamic  pressure  is  increased,  the  aft  swept  flexible  wing  will  bend  upwards  at 
the  tip  resulting  in  an  effectively  decreasing  local  angle  of  attack  along  the  span. 

The  values  of  lift  curve  slopes  from  figure  5  (b)  ratioed  to  the  value  of  lift 
curve  slope  for  the  rigid  case  (q  *  o)  are  presented  in  figure  7  as  a  function  of 
dynamic  pressure  multiplied  by  the  lift  curve  slope  for  the  analysis  rigid  case.  The 
curve  defined  in  figure  7  will  be  used  to  determine  the  ratio  by  which  wind  tunnel 
measured  lift  curve  slopes  should  be  modified  or  corrected.  The  abscissa  for  the  data 
in  figure  7  was  chosen  so  that  during  the  modification  process,  when  either  the  flight 
dynamic  pressure  of  interest  is  small,  or  the  slope  of  the  wind  tunnel  lift  curve  is 
small  the  correction  factor,  or  flexible  to  rigid  ratio,  determined  from  the  curve 
(fig.  7)  will  be  nearer  to  1.0  and  the  modification  to  the  wind  tunnel  measured  lift 
curve  slope  will  be  smaller.  In  this  way  the  shallow  slope  of  the  lift  curve  (fig.  3) 
near  maximum  lift  will  receive  only  a  very  small  correction  whereas  those  portions  of 
the  lift  curve  with  highest  slopes  will  get  the  largest  corrections. 

Analysis  Results  for  Pitching  Moment  Coefficient 

Changing  the  wind  tunnel  measured  pitching  moment  coefficient  curve  to  account  for 
wing  shape  changes  is  a  two  step  process.  The  first  step  is  to  establish  the 
incremental  changes  in  pitching  moment  at  zero  lift  as  shown  in  figure  8  for  the 
tail-off  aircraft  configuration.  Pitching  moment  coefficients  as  a  function  of  angle  of 
attack  calculated  for  the  rigid  cruise  shape  and  rigid  fabrication  shape  wings  are  shown 
in  figure  8(a).  Similar  results  for  the  flexible  wing  starting  in  the  fabrication  shape 
are  shown  in  figure  8(b)  for  several  values  of  flight  dynamic  pressure.  Note  that  the 
value  of  pitching  moment  for  zero  lift  determined  at  q  *  0  (fig.  8(b))  is  the  same  as 
for  the  rigid  fabrication  shape  wing  (fig.  8(a)). 

A  summary  of  the  incremental  changes  in  pitching  moment  at  zero  lift  are  presented 
in  figure  9  as  a  function  of  flight  dynamic  pressure  to  show  the  relationship  between 
the  increment  for  changing  from  the  rigid  cruise  shape  wing  to  the  rigid  fabrication 
shape  wing  (at  zero  dynamic  pressure)  and  the  increments  for  the  flexible  wing.  Note 
that  the  increment  between  rigid  shapes  is  opposite  in  sign  to  the  increments  due  to 
flexibility. 

As  previously  mentioned,  changing  the  wind  tunnel  measured  pitching  moment 
coefficient  curve  to  account  for  wing  shape  changes  is  a  two  step  process.  The  first 
step  is  to  establish  the  incremental  changes  in  pitching  moment  at  zero  lift  as  shown  on 
figures  8  and  9.  The  second  step  is  to  change  the  slopes  of  the  pitching  moment 
coefficient  curves  because  of  changes  in  aerodynamic  center  positions  resulting 
from  different  wing  shapes.  Figure  10  presents  the  incremental  changes  in  aerodynamic 
center  location  as  a  function  of  flight  dynamic  pressure  resulting  from  going  first  from 
the  rigid  cruise  shape  to  the  fabrication  shape,  shown  at  a  dynamic  pressure  of  zero, 
and  then  for  increasing  dynamic  pressure  for  the  flexible  wing.  These  data  were 
obtained  directly  from  the  static  aeroelastic  analysis  results  without  additional 
computations.  As  can  be  seen  the  incremental  change  in  aerodynamic  center  location,  due 
to  the  wing  changing  from  the  rigid  cruise  shape  to  the  rigid  fabrication  shape,  is 
negligible  in  comparison  to  the  changes  due  to  flexibility  as  dynamic  pressure  is 
increased. 

Procedure  for  Modifying  Wing  Tunnel  Data 

Lift  coefficient  is  shown  plotted  in  figure  11  versus  both  angle  of  attack  and 
pitching  moment  coefficient  to  illustrate  the  first  few  of  several  steps  in  obtaining 
modified  non-linear  wind  tunnel  data.  The  illustration  shown  is  for  changing  data  from 
a  rigid  cruise  shape  wing  to  data  for  a  rigid  fabrication  shape  wing.  The  dashed  lines 
represent  wind  tunnel  measured  data  for  the  tail  off  model  configuration.  Data  points 
have  been  selected  along  the  dashed  line  in  increments  of  1.0  degree  in  angle  of  attack 
with  the  exception  that  the  data  point  at  Cl  ■  0  is  an  interpolated  value.  Each  of 
these  data  points  also  represents  a  step  in  the  modification  process  as  defined  by  the 
i  «  0  to  i  *  8  notation  in  the  center  of  the  figure.  The  Bolid  lines  are  the  resulting 
non-linear  estimated  data  for  the  rigid  fabrication  shape  wing.  For  lift  coefficient 
versus  angle  of  attack  the  new  data  for  the  rigid  fabrication  shape  wing  is  simply  the 
measured  wind  tunnel  data  (cruise  shape  wing)  shifted  over  on  the  angle  of  attack  axis 
at  each  data  point  by  the  incremental  change  of  angle  of  attack  at  zero  lift  determined 


by  analysis.  This  means  that  each  segment  between  data  points  on  the  new  curve  has 
exactly  the  same  slope  as  the  original  wind  tunnel  data. 

Determining  the  pitching  moment  coefficient  for  the  rigid  fabrication  shape  wing  is 
a  two  step  process.  The  first  step  is  to  shift  the  initial  value  for  pitching  moment  at 
zero  lift  (at  i  *  0)  by  the  incremental  change  in  pitching  moment  at  zero  lift  as  deter¬ 
mined  by  analysis  (fig.  9).  The  second  step  is  to  determine  the  new  incremental  values 
of  pitching  moment  as  shown  by  the  equation  at  the  top  of  figure  11.  The  new  increment 

in  pitching  moment  for  each  step,  i,  along  the  curve  is  equal  to  the  increment  of  the 

original  wind  tunnel  data  plus  the  product  of  the  incremental  change  in  aerodynamic 
center,  times  the  incremental  change  in  lift  coefficient  for  each  step.  As 

presented  earlier,  (fig.  10),  there  was  only  a  very  small  change  in  aerodynamic  center 

in  going  from  the  rigid  cruise  shape  wing  to  the  rigid  fabrication  shape  wing,  therefore 
each  of  the  steps  along  the  two  pitching  moment  curves  are  nearly  parallel.  The  data 
shown  are  for  values  of  lift  starting  at  zero  and  going  positive.  The  same  procedure, 
starting  at  zero  lift  and  going  negative,  is  used  to  determine  data  for  the  fabrication 
shape  for  negative  values  of  lift  coefficient. 

Introducing  flexibility  affects  (as  a  function  of  flight  dynamic  pressure)  into  the 
modification  procedure  makes  changing  the  lift  coefficient  curve  into  a  two  step 
process.  The  first  step  is  to  introduce  the  appropriate  incremental  change  in  angle  of 
attack  for  lift  equals  zero  (fig.  6)  similar  to  what  was  done  for  the  illustration  in 
figure  11.  The  second  step  is  to  work  up  the  incremental  steps  (starting  from  i  »  0) 
in  figure  11  by  multiplying  the  wind  tunnel  measured  lift  curve  slope  by  the  appropriate 
flexible  to  rigid  ratio  for  lift  curve  slope  (fig.  7)  for  each  increment  and  building  a 
new  lift  coefficient  curve  in  this  manner.  The  procedure  for  the  pitching  moment  curve 
remains  the  same  as  previously  described  with  the  appropriate  incremental  changes  in 
pitching  moment  at  zero  lift  and  aerodynamic  center  location  coming  from  figures  9  and 
10  respectively. 

Lift  and  pitching  moment  coefficient  results  for  the  flexible  airplane  in  the 
tail-off  configuration  are  presented  in  figure  12.  Pitching  moment  is  again  presented 
as  a  function  of  lift  coefficient  to  show,  for  the  flexible  airplane,  how  the  large 
changes  in  aerodynamic  center  affect  the  slopes  of  the  pitching  moment  curves.  Data  for 
both  lift  coefficients  and  pitching  moment  coefficients  are  presented  for  lift 
coefficient  values  both  greater  and  less  than  2ero.  The  plots  also  show  the  wind  tunnel 
data  for  reference  purposes.  The  left  side  of  figure  12  shows  how  the  incremental 
changes  in  angle  of  attack  at  zero  lift  coefficient  and  the  changes  in  lift  curve  slope 
with  dynamic  pressure  affect  lift  coefficient  data.  The  right  side  of  the  figure  shows 
how  the  pitching  moment  coefficient  changes  with  the  rigid  shape  change  and  with 
increasing  dynamic  pressure  for  the  flexible  wing. 

Tail  Effects 

Predictions  of  wing  aeroelastic  effects  on  lift  and  pitching  moment  characteristics 
were  also  made  for  the  tail-on  aircraft  configuration.  A  description  of  the  procedure 
(ref.  4)  used  to  determine  these  effects  is  presented  in  the  Appendix.  Figure  13 
presents  the  flow  downwash  angle  at  the  horizontal  tail  as  derived  from  measured  wind 
tunnel  data  by  a  procedure  also  described  in  the  Appendix.  The  flow  downwash  angle  at 
the  horizontal  tail  is  also  effected  by  the  rigid  and  flexible  wing  shape  changes. 

These  effects,  which  are  estimated  using  the  linear  static  aeroelastic  analysis, 
primarily  result  in  shifting  the  curve  of  figure  13  along  the  horizontal  axis  but  there 
are  also  some  moderate  slope  changes  that  result  from  wing  flexibility.  The  changes 
which  occur  to  both  the  angle  of  attack  at  which  the  downwash  angle  is  zero  (intercept) 
and  the  rate  of  change  of  downwash  angle  with  change  in  angle  of  attack  (slope)  are 
presented  in  figure  14.  As  can  be  seen  from  the  curve  for  the  intercept,  the 
incremental  change  resulting  from  going  from  the  rigid  cruise  shape  wing  to  the  rigid 
fabrication  shape  wing  (shown  at  dynamic  pressure  of  zero)  is  larger  in  the  positive 
direction  than  the  negative  increments  for  the  range  of  dynamic  pressure  shown.  The 
changes  in  slope  as  a  function  of  flight  dynamic  pressure  are  very  small.  Note  that  the 
symbols  used  on  the  right  half  of  figure  14  correspond  to  the  dynamic  pressure  values 
used  on  the  left  half  of  the  figure. 

Analysis  results  are  presented  in  figure  15  for  the  airplane  with  a  flexible  wing 
but  a  rigid  fuselage  in  the  tail-on  configuration,  i.e.,  where  the  tail  effects  have 
been  added  as  a  part  of  the  computation  process.  Note  also  that  the  pitching  moment 
coefficient  data  are  now  presented  as  a  function  of  angle  of  attack.  The  wind  tunnel 
measured  data  for  the  rigid  cruise  shape  wing  are  again  included  for  reference 
purposes.  The  data  for  lift  coefficient  looks  very  similar  to  that  for  the  tail-off 
configuration  as  the  lift  on  the  tail  does  not  significantly  change  the  total  lift. 
However,  the  effect  of  the  tail  loading  on  pitching  moment  is  very  significant  as  was 
shown  earlier  in  figure  3.  Note  that  the  reversal  in  the  pitching  moment  curve  between 
two  and  six  degrees  angle  of  attack  smoothes  out  considerably  at  the  higher  dynamic 
pressure  flight  conditions. 

Fuselage  Flexibility  Effects 

Comparisons  of  pitching  moment  coefficients  predicted  for  the  airplane  with  a 
flexible  wing  in  the  tail-on  configuration  are  presented  in  figure  16  for  calculations 
which  both  neglected  and  included  fuselage  flexibility.  Fuselage  flexibility  effects 
the  angle  of  attack  at  the  tail  and  therefore  effects  the  contribution  of  the  tail  to 
the  pitching  moment  coefficient.  Although  the  fuselage  flexibility  effect  is  small  in 
this  case,  it  is  still  noticeable  particularly  for  the  higher  angles  of  attack  and 
dynamic  pressures. 
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Inertia  Effects 

Because  the  example  wing  has  no  engines,  internal  fuel,  stores  or  other  large  added 
masses  the  inertial  relief  effects  were  found  to  be  negligible.  Therefore  the  analysis 
for  the  flexible  analytical  model  were  performed  at  zero  angle  of  attack  for  all  dynamic 
pressures.  If  wing  masses  are  large  and  inertial  effects  significant  it  may  be 
necessary  to  perform  the  analysis  in  a  piece-wise  linear  fashion  to  account  for 
variations  in  g-loadings  with  angle  of  attack  and  dynamic  pressure  conditions. 


CONCLUDING  REMARKS 

o  Wind  tunnel  measurements  of  aircraft  stability  and  control  characteristics  are 
usually  made  on  a  rigid  model  with  the  wing  shaped  for  the  design  condition. 

o  If  flexibility  is  significant  the  wing  for  a  full  scale  aircraft  will  be  built  to  a 
fabrication  shape  which  accounts  for  the  deformation  expected  at  design  flight 
conditions. 

o  Stability  and  control  characteristics  for  the  full  scale  aircraft  should  match  wind 
tunnel  measured  data  at  the  design  flight  condition  but  may  be  significantly 
different  at  off-design  flight  conditions. 

o  A  procedure  has  been  presented  for  using  static  aeroelastic  analysis  results  to 
modify  measured  wind  tunnel  data  to  account  for  aeroelastic  effects  at  different 
flight  conditions. 

o  Example  results  for  lift  and  pitching  moment  characteristics  for  a  highly  flexible 
transport  type  wing  were  presented  which  show  significant  changes  with  dynamic 
pressure  because  of  flexibility  effects. 


APPENDIX  -  ANALYSIS  OF  TAIL  EFFECTS 

Analysis  of  wing  shape  change  and  wing  flexibility  effects  for  the  tail-off 
aircraft  configuration  was  rather  straightforward.  Unfortunately,  the  tail-on  aircraft 
conf iguration  complicates  matters  considerably,  particular ily  when  fuselage  flexibility 
effects  on  horizontal  tail  angle  are  included.  The  analysis  of  tail  effects  is 
presented  in  two  parts.  The  first  part  is  an  analysis  of  tail  effects  for  a  rigid  wing 
shape  change,  i.e.,  in  going  from  the  rigid  cruise  shape  wing  to  the  rigid  fabrication 
shape  wing  (the  fuselage  is  also  considered  to  be  rigid).  The  second  part  is  an 
analysis  of  tail  effects  for  the  addition  of  both  wing  and  fuselage  flexibility 
although,  as  was  done  in  the  text,  the  flexibility  effects  can  be  treated  separately. 

Tail  Effects  for  a  Rigid  Wing  Shape  Change 

Downwash  at  Tail:  In  order  to  determine  the  contribution  of  the  horizontal  tail  to 
lift  and  pitching  moment  characteristics  it  is  necessary  to  calculate  the  flow  downwash 
angle  at  the  horizontal  tail  location.  This  can  be  done  by  comparing  moment  equations 
for  tail-off  and  tail-on  configurations. 


Cmro  *  +  ^to'0 


TAIL-OFF  (1) 


Cm  “  CmO  +  Cma  +  C^h,6H 


TAIL-ON  (2) 


When  the  effective  angle  of  attack  at  the  tail  (oH)  is  zero  then  the  tail  load 
Cm  *8  zero  an<3  cra  Tq*  cm*  Setting  equations  O)  and  (2)  equal  and  solving  for  a. 


as  a  function  of  6 r,  at  which  ag  is  zero, 

CmO  ~  C|"oTQ  *  C"SH-*H 
C™«T0  '  C*“ 


(3) 


The  horizontal  tail  angle  of  attack,  is 

aH  *  a  “  c  +  if!  +  eH  +  5H 


(4) 


The  tail  incidence  angle,  iH,  for  the  example  aircraft  is  zero  and  the  body  bending 
term,  0r,  is  not  applicable  for  the  rigid  case  (flexibility  will  be  added  later). 
Equation  (4)  for  the  rigid  vehicle  is 

*  a  -  e  +  (4a) 


Rearranging  for  downwash  angle,  e,  when  *  o, 

€  -  .  +  «H 

Equation  (5)  is  valid  for  all  a  but  must  correspond  with  zero  tail  load,  i.e., 
aH  •  o. 

*£  .  ,  +  iifi 

3a  3a 

3  6  a 

Going  back  to  equation  (3)  and  differentiating  with  respect  to  a  and  solve  for 


(5) 


(6) 
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results  in 


3  6  H  m«- 

3a 


3e 

3a 


Cm«H 

-  9et  ||  , 

,  C“«TO 

C">a 

C"«H 

tail  load 

from  > 

Cm»ro  " 

C®o 

rai 


H 


and  substituting  into  (5)  to  get  e  for  a  «  o. 

c  -  c 

mo»TO _ ™o _ 

cmSH 

£  =  E  +  —  a 

a=0  3a 


(7) 


(8) 


(9) 


(10) 

(ID 


This  procedure  for  determining  downwash  angle,  e ,  as  a  function  of  angle  of  attack,  a, 
is  used  for  both  the  wind  tunnel  data  and  the  FLEXSTAB  analysis  results.  In  each  case 
it  requires  data  for  both  the  tail-off  and  tail-on  aircraft  configurations.  A 
comparison  should  be  made  of  the  downwash  determined  using  FLEXSTAB  data  with  downwash 
determined  using  wind  tunnel  data  to  assure  that  there  is  a  good  correlation.  For  the 
fabrication  shape  wing  the  incremental  change  in  angle  of  attack  for  zero  downwash  is: 


C  _  £  g=Q 

e  =o  3e/3a 


(12) 


Aae=0  -  (aE=o>FS  "  <ae=o>CS 


(13) 


The  inputs  for  equations  (12)  and  (13)  jme  from  FLEXSTAB  runs  tail-off  and  tail-on  for 
both  the  cruise  shape  and  fabric?*-'o-  shape  wings.  The  curve  for  e  versus  a  determined 
from  evaluation  of  wind  tunnel  .figure  13)  is  now  translated  along  the  angle  of 

attack  axis  by  the  increment  *.ar  (figure  14)  to  obtain  a  new  curve  of  modified  wind 
tunnel  data  for  the  fabrica' .o  uape  wing. 

Horizontal  Tail  Loads;  A.nd  tunnel  data  must  be  evaluated  to  determine  the  lift 
coefficient  for  the  horizontal  tail,  CLh,  as  a  function  of  angle  of  attack  at  the 

tail,  aft .  The  angle  ci  attack  at  the  tail  is  determined  for  the  fabrication  shape 
wing  using  equation  <4a)  and  the  new  values  of  e  for  the  fabrication  shape  wing. 

Lift  Coefficient  (Tail  On):  The  lift  coefficient  for  the  rigid  fabrication  shape 
wing  is 

CL  *  CLTO  +  CL(,  (14) 

Pitching  Moment  Coefficient  (Tail  On):  The  pitching  moment  coefficient  for  the 
rigid  fabrication  shape  wing  is 

cm  =  cmTo  “  CLh’(Xh  ”  XCG )  (15) 


Tail  Effects  for  a  Flexible  Wing  and  Fuselage 

The  fabrication  shape  flight  wing  and  the  flight  vehicle  fuselage  are  both  flexible 
structures  and  therefore  subject  to  deformation  from  aerodynamic  and  inertial  loading. 
The  analysis  procedure  presented  here  accounts  for  only  the  deformation  due  to 
aerodynamic  loading  (no  inertial  loading). 

Downwash  at  the  Tail:  The  procedure  for  determining  the  effects  of  the  flexible 
wing  shape  changes  on  downwash  at  the  tail  are  essentially  the  same  as  for  the  rigid 
wing  shape  changes  discussed  earlier.  However  when  the  flexibility  of  the  fuselage  is 
included  in  the  analysis  there  are  additional  terms  to  consider.  Start  again  by 
comparing  moment  equations  for  tail-on  and  tail-off  configurations. 


TO  =  C"'oT0  +  CmaT0'a 

(16) 

:m  “  CiUq  +  Cnvj’0  +  cmjH'sH 

(17) 

When  the  effective  angle  of  attack  at  the  tail,  aH,  is  zero,  then  the  tail  load 
cMjh*6H  is  zero,  »  Cm  and  we  can  equate  (16)  and  (17)  and  solve  for  a,  as  a 

function  of  5^,  at  which  aH  is  zero. 
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where  0U 


39u 


130) 
(31  ) 


d  o  u 

The  assumption  is  made  that  9  and  are  for  the  tail-off  configuration  and 

n  da 

O 

that  all  body  bending  due  to  tail  loads  is  contained  in  the  last  term.  Rearranging 
equations  (30)  and  (31)  and  solving  for  aH  yields 


V  0HH-CLa,H-<rSj 

id  for  < 

('*-;«) 


(32) 


For  the  example  aircraft  in  *  o  and  for  these  cases  the  elevon  deflection  6H  is  also 
set  to  zero.  Therefore 


(33) 


«  {'  -  9HH-CLaH-<J-Sj 

Lift  Coefficient  (Tail  On):  The  lift  coefficient  for  the  flexible  wing  and  vehicle 
is 

CL  *  CLtq  +  CLa(j-aH  (34) 

Pitching  Moment  Coefficient  (Tail  On):  The  pitching  moment  coefficient  for  the 
flexible  wing  and  vehicle^ is 


Cm  *  C^-  CLaH-aH.(XH  -  Xc.g.) 


(35) 
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Figure  3. -Lift  and  pitching  moment  coefficient  data  from  wind  tunnel  test. 


Figure  4. -Flow  chart  showing  analysis  procedure. 


Figure  7. -Ratio  of  flexible  to  rigid  lift  curve  slopes. 


Analysis  results 


Dynamic 

pressure, 


a,  deg 


a,  deg 


a)  Rigid  shape  change  effect.  b)  Flexibility  effects. 
Figure  8. -Change  in  pitching  moment  cofficient  at  zero  lift. 
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Analysis  results 


Figure  10 .-Incremental  changes  in  aerodynamic  center  location. 


Figure  12. -Analysis  results  for  the  flexible  airplane  -  tail  off. 
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INFLUENCE  DES  DEFORMATIONS  STATIQUES  D'UNE  VOILURE  SUR 
L'AERODYNAMIQUE  INSTATIONNAIRE 

par  Roger  Destuynder 

Office  National  d' Etudes  et  de  Recherches  A£rospatlalea  (ONERAJ 
92322  CHATILLON  CEDEX  -  FRANCE 

RESUME  - 

Lea  avlons  de  transport  modernes  de  grand  allongement,  type  B767  ou  AIRBUS, 
prlsentent,  mgme  pour  un  facteur  de  charge  n  ■  1,  des  deformations  statiq-ues 
lmportantes  caract£rls£es  essentlellcment  par  une  torsion  indulte  due  3  l'angle  de 
fl£che  de  la  voilure. 

Ces  deformations  lmportantes  en  bout  d'aile  modifient  de  faqon  notable  l'6cou- 
lement  autour  de  proflls  du  type  supercritique,  sensible  i  1 'incidence  locale  en  par¬ 
ticular  en  ce  qul  concerne  l'apparltion  de  chocs  &  l'extrados. 

L'lnfluence  de  ces  deformations  sur  le  phenomdne  du  flottement  a  StS  mlse  en 
evidence  par  des  essais. 

Une  serle  de  calculs  utllisant  des  corrections  seml-emplrlques,  extraltes 
d'essais  en  soufflerie,  a  ete  entreprise  pour  reduire  les  hearts  existant  dans  le 
domalne  du  flottement  entre  theorie  et  experience. 

INFLUENCE  OF  STATIC  DEFORMATION  ON  A  WING  IN  THE  UNSTEADY  AERODYNAMIC 
ABSTRACT  - 

The  modern  civil  transport  airplanes,  with  large  aspect  ratio,  like  B767  or 
AIRBUS,  show  even  in  cruise  condition,  important  static  deformations  characterized 
essentially  by  an  induced  torsion  due  to  the  wing  sweep  angle. 

This  deformation  prlncipaly  important  at  the  wing  tip  modify  the  flow  around  a 
supercritical  profil,  very  sensitlv  to  the  local  incidence. 

The  deformation  influence  on  the  flutter  phenomenon  was  proved  by  wind  tunnel 
tests  on  a  elastic  model. 

A  series  of  flutter  calculations  using  semi  empirical  corrections,  extract  from 
wind  tunnel  tests,  was  undertaken  to  reduce  the  existing  difference  between  theory 
and  experience. 
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I  -  INTRODUCTION 

Lea  avions  de  transport  modernes  de  grand  allongement  (type  Airbus  ou  B767)  pr£sentent  sous  fscteur  de 
charge  n  -  1,  en  croisidre,  des  deformations  atatlquea  importantes  en  flexion  et  aurtout  en  torsion  indulte 
par  suite  de  la  £13che  de  la  voilure.  Ces  deformations,  prlncipaleaent  en  bout  d'alle  mod if lent  de  faqon 
non  n<gligeable  l'Ccouleaent  autour  d’un  prof 11  de  type  supercrltlque,  tris  sensible  3  1 'Incidence  locale, 
particulidrement  en  ce  qui  concerne  1 'apparition  des  chocs* 

D' autre  part  si  on  considdre  les  phdnoiadnes  de  flottement,  le  calcul  des  forces  adrodynaalques  insta- 
tionnalres  gfnerallsees,  portant  sur  les  aodes  propres  de  la  structure,  montre  une  grande  senslbllltd  de 
ces  forces  aux  deformations  statiques  du  bout  d'aile  qui  representent  une  contribution  importante  dans  les 
forces  globalea. 

Ce  rapport  s'attachera  prlncipaleaent  i  conslderer  1 'Influence  des  deformations  statiques  dues  aux 
charges  aerodynaalques,  sur  les  probldmes  de  flottement*  Le  probldae  des  non  llnearltes  des  forces  lnsta- 
tionnalres  sur  un  reacteur  en  fonction  de  1' incidence  sera  evoque. 

II  -  POSE  DU  PRQBLEKE 

On  a  tout  d'abord  mis  en  evidence  par  le  calcul  et  pour  des  essals  en  soufflerie  1 'importance  des 
deformation  aeroeiastlques  d'une  voilure  de  grand  allongement  correspondent  3  l'alle  supercrltlque  d'un 
avion  de  transport  aoderne. 

Par  une  rndthode  classlque  de  Rayleigh-Rltz  on  a  calcuie,  connaissant  l'eiasticite  de  la  structure  dans 
sa  base  oodale,  les  deformees  statiques  correspondences  3  differences  charges  repartles.  Les  calculs  ont 
€te  faits  3  Mach  et  incidence  de  reference  constants  (Mach  -  0,78)  (  -  +  1,5*  et«a»“  -  1,5°). 


On  a  determine  le  vrlllage  de  l'alle  correspondent  3  dlffCrentes  altitudes  de  vol  c'est-3-dire  3 
q  ■  \  (?v*  variable.  On  a  ohtenu  les  courbes  des  figures  1  et  2 . 


Fig.  1.  Angle  de  deformation  4lastique  dans  le  Fig.  2.  Angle  de  deformation  6lastique  dans  le 
sens  du  courant  d'air  en  fonction  de  sens  du  courant  d'air  en  fonction  de 

1 '  enverguze .  1  * envergure . 


Les  defonsCes  sont  calcuiees  3  psrtlr  de  la  forme  batie  (Jig  Shape)  sans  charge.  La  courbe  p=  0  bar 
de  la  figure  1  donne  Ze  vrlllage  de  l'alle  resultant  de  1 'application  des  forces  de  gravite.  Les  forces 
sont  positives.  De  l'extrados  vers  l'intrados,  le  bord  de  fulte  descend  tandis  que  le  bord  d'attaque  se 
reldve.  L'angle  de  vrlllage  eat  posltif.  La  variation  de  vrlllage  AS  fonction  de  l'envergure  n  ,  due  aux 
forces  de  gravite,  est  evidemment  lndependante  du  calage  initial  <*t  de  l'alle  (ici  +  1,5  et  -  1,5*). 

Les  forces  de  portance  correspondent  3  un  C*  et  Mach  donnes  ont  ensuite  ete  ajoutees  sur  l'alle  en 
fonction  du  param3tre  q  ■  ^fv*.  Ces  forces  exercent  des  composantes  allant  de  l'intrados  vers  l'extrados. 
Le  bord  de  fulte  de  l'alle  monte  tandis  que  le  bord  d'attaque  descend. 

Les  courbes  de  deformations  ont  it£  calcuiees  3  partlr  de  deux  calages  inltlaux  correspondent  3  deux 
valeurs  d«  C,  ,  A  partlr  de  ces  incidences  locales  calcuiees  par  une  m^thode  iterative  tr£s  rapideaent 
convergente,  on  a  verlfie  sur  une  maquette  de  similitude  dynaalque  utilis£e  en  soufflerie  que  les  deforma¬ 
tions  prevues  etalent  correctes  (figures  3  et  4).  La  figure  3  donne  le  deplacement  du  bord  de  fulte  calcuie 
et  mesure  dans  les  m£mes  conditions  de  chargement.  La  figure  4  donne  l'angle  d' incidence  locale  dS  aux 
charges.  La  comparaison  est  correcte. 


Fig .  3.  Evolution  de  la  cote  du  bord  de  fuite  Fig.  4.  Evolution  de  l'angle  de  vrillage  en 
en  fonction  de  l'envergure ,  th4orique  fonction  de  l'envergure ,  th£oriqve  et 

et  mesur4e.  (en  croisikre)  mesur4e.  (en  croiaikre ) 


XU  -  CALCUL  DES  COEFFICIEMTS  Cx  et  Cm 

La  seconde  partle  du  probldae  a  consist*  d  assurer  lea  coefflcleota  de  portance  et  de  moaent  iosta- 
tlonnaires  pour  lea  dlfflrentes  incidences  localea  d  partlr  de  r€sultats  d'essais  quasi-statlonnalres  et 
inetatlonnalres  effectual  en  aoufflerle  aur  une  aaquette  dlte  rigide  et  ayant  uae  d*form£e  analogue  &  celle 
d’une  aile  d'un  avion  volant  en  conditlona  de  crolsldre  i  M  -  0,78  et  2  -  30000  pleda. 

Lea  hypotheses  Itaient  lea  auivantea  : 

'  II  y  »  proportionnalit*  entre  lea  efforts  locaux  et  la  dAforaatlon  rAsultaote. 

-  L'hypothdse  dea  tranches  sans  interaction  entre  elles  est  prise  coue  preaidre  approx! as t ion. 

L'intArdt  de  cette  aAthode  (analogue  quant  d  son  principe  d  celle  proposAe  par  Caraen  Yates  [1-2] 
est  de  tenir  conpte  des  effets  de  couche  lialte  trla  laportants  dans  ce  type  de  prof 11  trds  chargA  d 
l'arrldre  oO  la  couche  Unite  d  une  Apalsseur  aaxiaua* 

Les  courbes  stationnaires  de  coefficient  de  portance  et  de  sonant,  C2  et  Cm,  en  fonctlon  de  l'enver- 
gure  peuvent  alors  Acre  trades  figures  5  et  6.  On  constate  que  le  coefficient  de  portance  depend  fortenent 
de  la  dAforaAe  locale  due  d  la  charge  statique  rApartie.  La  faible  Avolutlon  du  coefficient  local  CM  avec 
la  charge  est  surprenante. 


Le  coefficient  de  portance  local  et  le  centre  de  poussAe  par  tranche  ont  fait  l'objet  de  coaparalson 
entre  calcul  et  essal  sur  un  noddle  riglde  pour  deux  Incidences  noainales  «  ■  0  et  «  -  +  1*.  Fig.  5bls  et 
6bls.  Enf in  la  courbe  7  donne  le  coefficient  ^Atde  portance  lnstationnaire  pour  2  sections  d  SO  et  75  X  de 
l'envergure  en  fonctlon  de  l'lncidence  de  rAfArence.  La  variation  est  trds  sensible  pour  des  incidences 
positives  de  l'alle  c'est-d-dire  lorsque  le  vrlllage  initial  dAcroft  en  fonctlon  des  charges  crolssantes. 


rig.  5.  Coefficient  de  portance  et  de  moment  W?*  £•  Coefficient  de  portance  et  de  moment 
de  tangage  en  fonction  de  l’envergure.  de  tangage  en  fonction  de  l'envergure. 
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. section  4  extrados 
•  section  6  extrados 

H  =  0,78  3C  /Ba 

0,10) 


-3°  -2°  -1°  0  V 


section  6  (75%) 
section  4  (50%) 


fl° 

2° 


Fig.  ?.  Evolution  do  to  Act  locale  4  incidence 
nomirxale  variable . 


IV  -  ESSAIS  DE  PLOTTEMENT 

Pour  illuetrer  cette  influence  une  deal  maquette  de  flotteaent  aontEe  4  la  parol  a  (tf  rEalis Ee.  La 
voilure  eat  du  type  supercritique,  1 'allongeaent  eat  de  l'ordre  de  /J  -9,2.  Cette  aaquette  eat  EqulpEe 
d'un  rEacteur  penaEable  (figures  8  et  9).  Lea  aodea  proprea  de  la  aaquette  ont  EtE  modifies  par  rapport  4 
1 'avion  de  faqon  4  obtenir,  par  variation  d' inertia,  un  flottement  dans  le  donaine  utlllsable  de  la 
aoufflerie.  Lea  eaaaia  ont  portE  en  aoufflerle  eaaentlelletaent  aur  lea  Mach  1^0,60  en  baa  aubeonique  sans 
choc  et  sur  le  Mach  de  croialEre  M-0,78  4  diffErentes  incidences  noraalea.  A  cheque  noabre  de  Mach  et 
incidence  o<  ,  le  flotteaent  Etalt  recherchE  par  variation  de  la  preaaion  gEnEracrice  de  la  aoufflerle. 

Le  module  Etalt  construit  comae  une  naquette  de  al*llltude(  ayant  une  d£for*£e  atatlque  Equivalence  4 
celle  de  1'avlon  en  croisiEre  pour  dea  charges  analogues,  c'est  4  dire  que  lea  fl4ches  de  la  naquette  et  de 
l'avion  Etalent  dans  le  rapport  des  Echelles  A  ce  qui  s'Ecrit  : 


L  %  it  (H.?  *  Ct.)  U.  ,  E.X„ 

4  ’  ’  (n0  .  <,u5„  vl  c,.  )  L‘„  .  El. 

Ce  qui  lnpllque  la  relation  :  k k"~  s  ^  Its.  (-1) 

evec  Js  kit.  12)  indlce  -  naquette 
L„  indlce  «»-  -  avion 


avec  1'hypothEae  que  les  forces  de  pesanteur  reatent  falbles  devant  les  forces  de  portance,  ce  qui  a  EtE 
vErlfiE  aur  cette  aile. 

L'avion  Etalt  supposE  voler  a  M  -  0,78  et  Z  -  36000  pieda  avec  un  C*  clonnE  et  une  incidence  <*„  correspon~ 
dante  4  celle  du  vol.  La  naquette  tenant  co«pte  de  (1)  avait  lea  *£aea  C,  et  que  l'avion  ainsl  que  les 
laEmes  dEfonaEes  statiques  quelque  soit  «t  . 


Fig.  8.  ftaquette  montSe  4  la  paroi  de  la 
souftlerie  OH&r a  S2Ma. 


c 
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Un  dlsposltlf  partlculier  (figure  10)  permettalt  d'une  part  d 'exciter  la  maquette  2  travera  cea  condi¬ 
tions  Unites  Ispos^es  en  flexion  et  torsion  et  d'sutre  part  donnait  la  possibility  d'lntroduire  autooati- 
quenent  un  anortlssenent  posltif  sur  un  node  critique  par  l'lntermydlaire  d'une  boucle  de  contrdle  si  un 
risque  de  flottenent  apparslssait. 

Dans  le  css  present  le  couplage  ytudiy  ae  faisait  par  l'lntermydlaire  du  node  de  flexion  de  la  vollure 
2  35  He  et  d'un  node  de  tangage  du  r£acteur  2  45  Hz  qui  indulsalt  une  torsion  sur  l'aile. 

Des  calculs  pryilmiaalres  falts  avec  une  nlthode  linyaire  de  doublets  (sans  correction)  avaient  pernls 
d'obtenlr  une  vltesse  critique  de  flottenent  dans  le  donaine  de  la  soufflerle  avec  une  marge  sufflsante 
pour  tenlr  conpte  des  variations  possibles  dues  aux  non  lln£arlt£8. 

Enfln  11  est  2  noter  que  le  flottenent  obtenu  eat  sensible,  par  le  calcul  tout  au  noins,  2 
1 'Introduction  ou  non  des  forces  ayrodynamlques  Instatlonnalres  sur  le  ryacteur.  Lee  essals  ont  montry  qu'2 
iso-presslon  gynyratrice  et  2  Mach  donny  M  -  0,78,  l'entrye  en  flottenent  est  tr2s  sensible  2  1' Incidence 
globale  de  la  maquette.  Un  choc  apparalt  ou  non  sur  l'extrados  de  la  maquette,  dO  en  partlculier  aux 
dyformatlons  statiques. 

La  figure  11  donne  la  reprysentation,  dans  le  plan  des  frSquences,  de  la  density  de  puissance  d'un 
accyiyron2tre  sltuy  en  bout  d'aile,  en  fonction  de  l'incidence. 

On  constate  que  le  couplage  entre  les  nodes  de  flexion  de  l'aile  et  le  tangage  du  ryacteur  est  de  plus 
en  plus  violent  lorsque  l'incidence  de  l'aile  dimlnue  ce  qui  correspond  2  un  dyvrillage  de  plus  en  plus 
faible  de  l'aile. 


Pour  e<  *  -  0,7*  le  mode  de  flexion  est  tr2s  voisln  de  l'lnstablllty  en  flottenent  et  pour  a  •  -  1,5* 
le  aystdne,  sans  boucle  de  contrSle,  est  instable.  L* Introduction  automatlque  d'une  lol  de  contr6le  du 
flnt'emeiit  a  pernls  2  partlr  des  rysultats  en  boucle  ferm£e  d'obtenlr  la  valeur  de  1 'anortlssenent  nygatif 
de  la  boucle  ouverte  (  l,  ■  -  12* /oo). 


La  figure  12  oontre  une  reprysentation  des  parametres  de  fryquence  et  d 'amortissement  des  deux  prln- 
clpaux  modes  coupiys  en  fonction  de  la  presslon  gynyratrice  pour  un  nombre  de  Mach  constant  M  ■  0,78.  Afln 
de  pouvolr  poursulvre  les  essals  dans  le  domaine  Instable  dfl  au  flottenent,  un  syst^me  de  contr£le  automa¬ 
tlque  de  l'armortissement  a  yty  lntrodult  (figure  13). 


1.  Maquette  d'aile 

2.  Conditions  de  rigidite  a  1 ’encastrement 

3.  Axe  de  transmission  @ 

4.  Encastrement  "inf ini"  (?)  \ 

5.  Sy3teme  de  flee  tor  X  x 

6.  Verin  hydraulique  ' 


Demi -maquette  "flottement" 


rig.  10.  Principe  d ’excitation  et  de  security  2 
travers  les  conditions  limites 
d  ’  encastrement . 


Fig.  12.  Variation  de  la  vitesse  de  flottement 
fonction  de  1* incidence. 


rig.  11. 


a  =  -i,5« 

Mesure  impossible  =  flottement 
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V  -  CALCULS  TENANT  COMPTE  DES  DEVRILLAGES  LOCAUX 

Les  calculs  corrigls  par  tranche  par  des  coefficients  quasi-s tationnaires  ont  6t£  falts  avec  les  hypo¬ 
theses  suivantes  : 

a)  Les  corrections  appllqules  ne  dependent  pas  de  la  frequence  r£dulte  t?K  =  — i. 


b)  Les  corrections  Stabiles  a  partlr  d*un  aouveoent  de  tangage  soot  appllqu£es  &  dee  mouvements  de  roulis. 

c)  Les  corrections  tiennent  compte  de  l'angle  d'attaque  local  et  de  la  couche  Unite  mats  pas  des  effets 
d *  interaction  entre  tranches. 

On  a  tout  d'abord  effectu£  trols  calculs  correspondents  i  trois  deformations  en  envergure  donates  par 
trols  cas  de  charges  th£oriques.  L* incidence  de  reference  6tait  de  -  1,5*  *  d  3  Mach  M  ■  0,78. 

On  constate  figure  14  que  pour  les  faibles  presslons  dynamiques  le  comportement  de  l'alle  depend  peu 
du  vrillage.  Au  contraire  pour  les  presslons  dynamiques  plus  inportantes,  la  vitesse  de  flottement  evolue. 
E lie  est  d'autant  plus  eievee  que  le  devrillage  eat  important.  La  tendance  fournie  par  l'essal  est  bien 
retrouvee.  Le  devrillage  de  l'alle  agit  conane  un  terme  atabilisateur  au  sens  du  flottement.  Toutefols  les 
consequences  d'un  devrillage  de  l'alle  variable  avec  la  charge,  ne  saurait  8tre  pris  unlquement  en  compte 
comme  paramStre  agissant  sur  le  flottement. 

VI  -  INFLUENCE  DU  REACTEUR 


Tout  d'abord  si  on  compare  un  calcul  de  flottement  effectue  en  tenant  compte  ou  en  negligeant  les 
forces  inatationnaires  du  reacteur,  on  constate  une  influence  non  negllgeable  de  celles-ci  prlncipalement 
due  au  moment  de  tangage  destabilisateur  indult  par  les  forces  agissant  sur  les  l£vres  du  reacteur  (figure 
15).  Le  calcul  est  fait  sur  le  reacteur  avec  une  m£thode  de  doublets  lln€aires. 


Des  essals  r£cents  ont  aontrg  que  les  coefficients  de  presslons  inatationnaires  sur  un  reacteur  oscil- 
lant  6taient  fortement  non  lin£aires  avec  1 'incidence.  Jusqu'5  un  noobre  de  Mach  M  *  0,70,  les  calculs  et 
les  essais  donnent  un  accord  raisonnable  pour  des  incidences  de  0  8  +  2,5*.  La  figure  16  illustre  ce  r£sul- 
tat.  On  peut  constater  que  seuls  les  20  premiers  pour  cent  du  reacteur  portent,  d 'autre  part  la  partie 


Imaglnaire  pour  cette  frequence  r£dulte 
faible. 

—  —  Deformation  ilaitique  avac  fore 


0,17  (corde  de  r£f£rence  ■  longueur  du  reacteur)  reste 


Pression  genera trice  (bar) 


Fig.  15.  Comparaison  calcul  -  essais , 
Hach  =  0,78,  <x  *  0*. 


Fig .  26.  Influence  de  l1  incidence 
presslons  instationnaires. 
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Par  contre  £  Mach  0,78  et  M  ■  0,82,  une  partie  du  prof 11  externe  du  r£acteur  devieot  supersonique 
(figure  17).  II  en  rSsulte  des  variations  importances  avec  l1 Incidence  ausal  blen  dans  le  cheap  des 
presslons  instatlonnalres  que  dans  le  coefficient  de  moment  global  instatlonnalre  mesur£  par  une  balance 
(fig.  18).  Par  exeople  entre  d  m  0®  et  <A  •  +  2,5®  le  coefficient  quasl-stationnalre  varie  de  0,25  £  0,32 

(  c„ .  !  A. _  x  lo'l).  L'augmentatlon  des  coefficients  instatlonnalres,  due  au  mouveoent  <*>i 

1  ‘I  V  rffSr.nce  D  «  1 

r£acteur,  avec  1* incidence  joue  un  r61e  destabilisateur.  11  faut  noter  que  dans  cette  £tude  1' influence  du 
fan  et  de  la  poussie  du  r£acteur  ont  £t£  nSgllg&ea  en  premiere  approximation. 


Fig.  17.  Influence  de  1' incidence  sur  les 
pressions  instationnaires . 


V. 


Modulus  -35-I 

Ref 

=  c*  =  0,3* 


Quasi -instationnai re 

•  a  =  2,5° 

*  a  =  0° 


0,3? 
0.2  ‘ 
O.Tf 


Mach 

0^  8  * 


Fig.  18.  Variation  du  coefficient  de  moment 
instationnaires  (mi-corde)  avec  le 
nombre  de  Mach  et  1  • incidence 

statique. 


VII  -  CONCLUSION 


Une  £tude  de  l*lnf luence,  sur  le  flottement,  de  1’angle  d'lncidence  d'un  avion  de  transport  civil 
moderne  en  vol,  £  son  Mach  de  crolsi£re,  a  £t£  d€velopp£e. 

Plusleurs  effets  non  lln£alres  r£sultent  de  ce  paramStre.  Tout  d'abord  le  d£vrillage  en  envergure  de 
l'alle  avec  l'incidence  positive  croissante  entraine  un  recul  de  la  Unite  du  flottement  pour  un  nombre  de 
Mach  et  une  presalon  dynamlque  donn£e. 


La  connalssance  exacte  de  la  deformation  sans  charge  est  un  param£tre  Important  £  lntrodulre  dans  les 
calculs.  D'autre  part  les  theories  lineaires  (type  doublets),  cortig£es  par  tranche  dee  valeurs  mesurees 
des  coefficients  de  portance  et  de  moments  Instationnaires,  am£llorent  de  faqon  sensible  la  comparalson 
calcul-essal. 


Les  sethodes  de  calculs  plus  £labor£es  telles  les  petites  perturbations  transsonlques  qui  prennent  en 
charge  les  deformees  de  l'alle,  donnent  la  m£me  tendance. 

Enfin  on  a  montre  que  les  forces  Instatlonnalres  sur  les  r£acteurs  dolvent  8tre  prises  en  compte  par 
des  methodea  non  lineaires.  L'effet  d'lncidence  positive  sur  un  r£acteur  Joue  un  rSle  d£favorable  au 
contralre  du  d£vrlllage  de  l'alle  qui  tend  £  restablllser  l'alle,  qui  auralt  une  tendance  au  flotteoent 
(ceci  £tant  unlqueoent  valable  pour  un  nombre  de  Mach  et  une  preaslon  dynamique  donnfs). 
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ABSTRACT 

The  modern  civil  transport  airplanes,  with  large  aspect  ratio,  like  B  767  or  AIRBUS,  show  even  in 
cruise  condition,  important  static  deformations  characterized  essentially  by  an  induced  torsion  due  to 
the  wing  sweep  angle. 

This  deformation  principally  important  at  the  wing  tip  modifies  the  flow  around  a  3upercitical 
profile,  very  sensitive  to  the  local  incidence. 

The  deformation  influence  on  the  flutter  phenomenon  was  proved  by  wind  tunnel  tests  on  a  elastic 
model. 

A  series  of  flutter  calculations  using  serai -empirical  corrections,  extracted  from  wind  tunnel  tests, 
was  undertaken  to  reduce  the  existing  difference  between  theory  and  experience. 


I.  INTRODUCTION 


The  modern  large  aspect  ratio  civil  transport  airplanes  in  cruise  conditions  (like  B  767  or  AIRBUS) 
exhibit  important  static  deformations  in  bending  and  torsion  along  the  span  (this  last  deformation 
resulting  mainly  from  the  coupled  effect  due  to  wing  sweep). 

These  deformations  which  are  important  mainly  at  the  wing  tip,  modify  the  flow  around  a 
supercritical  profile  which  is  sensitive  to  the  local  twist  angle  particularly  as  far  as  the  shock 
position  is  concerned. 

Regarding  the  flutter  phenomenon,  the  generalized  unsteady  aerodynamic  forces,  calculated  with  the 
structure  normal  modes,  show  a  great  sensitivity  to  the  wing  tip  static  twist  which  thus  gives  a  major 
contribution  to  the  generalized  forces. 

The  present  paper  considers  mainly  the  influence  of  the  static  deformation,  due  to  steady  loads,  on 
the  flutter  problem. 

The  non-linearity  of  the  unsteady  forces  on  an  engine  as  function  of  the  global  incidence  will  also 
be  considered. 


H.  NATURE  OF  THE  PROBLEM 

First  we  have  evaluated,  with  wind  tunnel  tests  and  calculations,  the  magnitude  of  the  aeroelastic 
deformation  of  a  large  aspect  ratio  wing  with  a  supercritical  profile  corresponding  to  a  modern  transport 
airplane. 

By  the  Rayleigh  Ritz  method,  the  elastic  deformation  of  a  flexible  model  under  steady  air  loads  was 
estimated,  using  mode  shapes,  generalized  masses  and  stiffnesses.  Calculations  have  been  made  at  constant 
Mach  number  (Mach  =  0.78)  and  reference  angle  of  attack  (a  =+1.5<>  and  a  =  -1.5°. 

The  wing  twist  corresponding  to  different  flight  altitudes  has  been  achieved.  The  figures  1  and  2 
show  the  variation  of  streamwise  elastic  twist  angle  with  the  span. 


Pig .  X.  Plastic  twist  deformation ,  streamwise 
direction ,  versus  span» 


Elastic  twist  deformation,  streamwise 
direction,  versus  span . 


Pig .  2. 
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The  local  twists  are  calculated  from  the  Jig  shape  without  loads. 

The  first  curve  of  the  figure  1  corresponding  to  P  =  0  shows  the  wing  twist  due  to  gravity  forces 
only.  The  resulting  twist  angle  is  positive,  i.e.  its  contributions  gives  a  downward  deflection  to  the 
trailing  edge  and  an  upward  deflection  to  the  leading  edge. 

The  variation  of  local  twist  with  the  span  ( h)  given  by  the  gravity  forces  is,  of  course, 
independent  of  the  wing  reference  incidence  (here  a  =  +1.5°  or  Qi  =  -1.5°).  The  lift  forces  corresponding 
to  given  and  Mach  number  are,  after  that,  added  as  function  of  the  dynamic  pressure  q  =  i  P  V*. 

These  forces  tend  to  make  the  deflection  upward  at  the  trailing  edge  and  downward  at  the  leading 
edge.  The  twist  curves  are  calculated  for  two  values. 

The  local  twist  calculated  with  a  fastly  convergent  iteration  method  has  been  compared  to  experiment 
on  a  dynamic  model  tested  in  the  wind  tunnel  (figures  3  and  H)  • 

The  figure  3  shows  the  trailing  edge  displacement  calculated  and  measured  with  the  3ame  wing  load 
conditions.  The  figure  *4  gives  the  local  wing  twist  A6  resulting  from  the  loads.  The  comparison  is 
satisfactory. 


Z(o) 


Fig.  3.  Deformation  of  the  trailing  edge 
versus  span  theory  -  tests.  (cruise 
conditions) 


Fig.  4.  Evolution  of  the  twist  angle  versus 
span  theory  -  tests.  (cruise  con¬ 
ditions). 


111.  CALCULATION  OF  THE  CL  and  CM  coefficient 


The  second  part  of  the  study  consists  in  deriving  the  unsteady  lift  and  moment  coefficient  for 
different  local  incidences  from  wind  tunnel  tests  performed  on  a  model  having  a  deformation  similar  to 
the  wii  g  of  an  airplane  flying  in  cruise  conditions. 

The  following  assumptions  have  been  made  : 

-  The  local  loads  and  local  deflections  are  proportional, 

-  The  strip  analysis  is  taken  as  first  approximation. 

The  interest  of  the  method  (similar  to  the  modified  strip  analysis  of  E.C.  Tates  Jr.  ll ,  2])  applied 
to  a  3-D  theoretical  subsonic  method  is  to  take  account  of  the  boundary  layer  effects  which  are  very 
important  for  this  kind  of  profile,  with  important  loads  near  the  trailing  edge  where  the  boundary  layer 
has  a  maximum  thickness. 

The  curves  of  steady  lift  and  moment  coefficients  C^  and  C^  versus  span  can  be  estimated  (figures  5 
and  6). 


It  can  be  seen  that  in  addition  to  the  Mach  number  and  the  global  incidence,  the  lift  local 
coefficient  is  strongly  depending  on  the  local  twist  resulting  from  the  load. 

lq  =  1  P  v2  i  Ps  r  S). 

In  the  same  manner,  the  small  variation  of  the  local  coefficient  is  surprising. 

The  local  lift  coefficient  and  the  center  of  pressure  have  been  an  object  of  comparison  between 
tests  and  calculation  cm  a  rigid  model  for  2  global  incidences  a  =  0  and  a  =  +1°  (figure  6  bis).  Finally 

cz 

the  curve  7  shows  the  unsteady  lift  coefficient  - —  Tor  2  sections  at  50$  and  75$  of  spanwlse  location  as 
function  of  the  nominal  incidence.  ®a 

The  variaton  is  very  sensitive  for  positive  incidences  of  the  wing  that  is  to  say  when  the  twist 
decreases  with  the  loads. 


11-11 


MA  =  0.78  <*  =  «-1.50 


IV.  FLUTTER  TESTS 

To  illustrate  this  Influence,  a  half  wing  flutter  model  has  been  built  and  tested.  The  wing  has  a 
supercritical  profile  with  ar  engine  (without  fan  and  no  thrust)  (figures  8  and  9). 

The  eigen  modes  have  been  modified,  compared  to  the  airplane  to  obtain  a  violent  flutter  in  the 
useful  domain  of  the  wind  tunnel.  The  tests  are  performed  at  Mach  number  M  ♦  0.60  (in  subsonic  flow 
without  shock)  and  principally  in  the  cruise  conditions  (Mach  number  M  =  0.78)  for  different  local 
incidences. 
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Fig.  8.  Half  flutter  model  mounted  at  the  S2 
wind  tunnel  wall . 


.  steady  measurement 
•  steady  *  unsteady  measurement 


V 

Section  III 


Fig.  9  bis.  Bngine  mounted  under  the  wing 
equipped  with  pressure  pickups. 


-fc  <4;  4* 

Accelerometers 


Fig.  9.  Engine  geometry. 


For  each  Mach  number  and  nominal  incidence,  the  wind  tunnel  stagnation  pressure  was  varied  to  reach 
the  critical  flutter  condition. 


The  model  was  built  like  a  Mach  scaled  model  exhibiting  static  deflection  equivalent  to  the  airplane 
deflection  for  similar  loads. 


The  model  and  airplane  deflections  were  related  by  the  scale  ratio  X 
3m  _  (MW  *  q„  Sm  t  l'a  Et  IA  =  model  deflection. 

^  Mag  *  \Sk  ''a  CLA  l’  \  =  alrP1«n«  'Idf lection. 


This  i3  signifiant  if  ^  (elasticity  modulus) 


with  X  -  — -  .  £  l  Sj.,  V  .  M  :  model  data. 
jl.  m  n  n  m  m 
A 

Ba,  1^,  S^,  V^,  M^  :  airplane  data. 

with  the  assumption  that  the  wing  gravity  forces  remain  small  compared  to  the  lift  forces  (that  is 
particularly  true  for  the  model). 


The  model,  taking  into  account  (  1)  had  the  same  and  Cm  on  the  airplane  and  the  same  static 
deformations  for  all  the  values  of  a  but  mode  shapes  were  different. 

A  special  device  (figure  10)  was  used  to  excite  the  model  through  the  root  (fixed  in  bending  and 
torsion)  and  also  to  introduce  automatically  a  positive  aerodynamic  damping  by  means  of  an  active  control 
loop,  if  a  flutter  risk  appears. 


In  the  present  case,  the  main  coupling  involves  the  first  wing  bending  mode  at  37  Hz  and  the  pitch 
engine  mode  at  45  Hz  which  induces  a  wing  torsion. 

Preliminary  calculations,  performed  with  the  doublet  lattice  method  (without  correction)  gave  a 
critical  flutter  speed  within  the  wind  tunnel  domain.  The  margin  being  sufficient  to  take  into  account 
possible  variations  coming  from  the  non-linearity  of  the  phenomenon. 

Finally,  it  is  to  be  noticed  that  the  computed  flutter  characteristics  are  signifiantly  modified  by 
the  introduction  of  the  unsteady  aerodynamic  forces  on  the  engine. 

The  figure  11  shows  the  power  spectral  density  for  an  accelerometer  located  at  the  wing  tip,  for 
several  values  of  the  mean  incidence  (reference  incidence  ot). 
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We  can  notice  that  the  coupling  between  bending  wing  mode  and  engine  pitch  becomes  more  and  more 
violent  when  the  wing  incidence  decreases,  l.e,  when  the  local  untwist  becomes  smaller. 

For  s  -0.7°,  the  bending  mode  is  close  to  flutter  unstability  and  for  a  s  -1.5°,  the  system  is 

unstable  without  control  loop. 


The  automatic  introduction  of  a  flutter  control  law  makes  possible  to  use  close  loop  measurements 
and  to  derive  the  negative  value  of  the  damping  corresponding  to  the  open  loop  configuration  (damping  in 
open  loop  equal  to  -14JU). 

The  figure  12  shows  the  frequencies  and  damping  for  the  two  principal  modes  versus  the  wind  tunnel 
stagnation  pressure  at  constant  Mach  number  M  =  0.78. 

In  order  to  make  possible  to  achieve  the  tests  in  the  unstable  domain,  an  automatic  control  device 
was  introduced  (figure  5). 


1.  Wing  model 

2.  Root  stiffnesses  conditions 

3.  Shafting 


Fig .  10.  Excitation  principle  through  t he  root 
conditions. 


Flutter  half  model 


Fig.  11.  Measurement  impossible  =  flutter 


Fig.  12.  Variation  of  the  flutter  speed  versus 
incidence  a. 


V.  CALCULATIONS  TAKING  INTO  ACCOUNT  THE  LOCAL  TWIST 

\  The  unsteady  aerodynamic  forces  used  in  the  calculations  were  modified  strip  by  strip  using  quasi¬ 

steady  experimental  coefficients. 

The  following  assumptions  were  made  : 

a)  The  applied  corrections  are  independent  of  the  reduced  frequency  t*,  s  — . 

^  V 

b)  The  corrections  derived  from  a  pitch  oscillation  are  also  valid  for  a  roll  motion. 

c)  The  corrections  take  into  account  the  local  twist  angle  and  the  boundary  layer  but  Ignore  the 
Interactions  between  the  strips. 

The  first  three  cases  which  have  been  computed  correspond  to  spanwlse  deformations  given  by  three 
theoretical  load  cases.  The  reference  incidence  angle  was  a  =  -1.5°  at  Mach  number  M  =  0.78. 

Figure  shows  that  for  small  wind  tunnel  stagnation  pressure  the  Influence  of  the  loads  (i.e.  of 
the  deformation)  remains  small.  On  the  other  hand,  for  the  large  stagnation  pressures,  the  critical 
flutter  speed  varies. 

The  speed  Increases  with  the  pressure  that  is  to  say  with  the  untwist.  The  system  is  more  and  more 
stable  when  the  local  twist  angle  decreases. 

VI.  Nevertheless  the  untwist  parameter  of  the  wing  is  not  the  only  parameter  acting  on  the  flutter  speed. 
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Engine  Influence 

First,  if  we  compare  a  flutter  calculation  with  or  without  the  unsteady  forces  on  the  engine,  we 
notice  a  signifiant  influence  which  is  related  to  the  aerodynamic  destabilizing  moment  due  to  pressures 
acting  on  the  engine  lips  (figure  15)  (calculations  are  made  with  a  doublet  lattice  method). 

Recent  tests  show  that  the  unsteady  pressure  coefficients  measured  on  an  oscillating  engine  are 
strongly  variable  with  the  unsteady  incidence. 

Till  Mach  number  M  =  0.70  tests  and  linear  calculations  agree  reasonably  for  the  incidences  from  0 
to  2.5°. 

This  result  is  shown  by  figure  16. 

It  is  possible  to  see  that  only  the  first  20%  at  the  front  of  the  engine  give  a  lift  effect  ;  the 
imaginary  part  for  the  reduced  frequency  a  0.  17  remains  small  (the  reference  chord  being  the  engine 
length) . 

On  the  other  hand,  at  Mach  number  M  s  0.?8,  the  pressures  on  the  external  part  of  the  engine  become 
supercritical  (figure  17). 

From  this  point,  important  variations  with  incidence  are  noticed  in  the  unsteady  pressure  field,  as 
well  as,  in  the  unsteady  global  moment  measured  with  a  balance  (figure  18). 


Fig.  15.  Comparison  theory  -  tests, 
Mach  =  0.78,  a  =»  0*. 

—  -  Elastic  deformation  with 

engine  force*  Theory 

. -  —  Without  force*  on  the  engine 

Tnti  retultt 


Wig.  26.  Comparison  theory  -  tests  pressure 
distribution  on  the  pitch  oscillating 
engine. 


0.32. 


For  example,  between  a  =  0  and  a  =  +2.5°  the  quasi-steady  moment  coefficient  varies  from  0.25  to 
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M  s  0,78  pi  =  0,9  bar  f  =  20  Hz 


Fig.  17.  Influence  of  the  static  incidence  on 
the  unsteady  pressures . 


*c*  0,3 


Quasi-steady  pi  =  1-6  bar 

fa1.  •  *  «  2.5“ 

~  “5a"1  *  ®  =  0° 


0.3* 
0.2  ‘ 
0.7  4 


0.6 


0.7 


0.8  Mach 


Fig.  18.  Evolution  of  the  unsteady  moment 
coefficient  (mi-chord)  versus  incidence 
a  and  Mach  number. 


{C 


m 


1  & 

\  V  40  j 

reference 


The  increasing  value  of  the 
destabilizing  effect. 

It  is  necessary  to  notice  that 
account. 


unsteady  engine  C^  pitch  coefficient  with  the  incidence  has  a 
in  this  study,  the  fan  and  engine  thrust  effects  are  not  taken  into 


VII.  CONCLUSION 


An  investigation  of  the  variation  of  the  flutter  characteristics  with  incidence  of  a  modern  civil 
airplane  in  cruise  flight  conditions  has  been  carried  out. 

Different  non-linear  effects  have  been  found. 

First,  the  spanwise  untwisting  effect  associated  to  positive  incidences  tends  to  increase  the 
flutter  limits  for  given  values  of  the  Mach  number  and  the  dynamic  pressure. 

An  exact  knowledge  of  the  wing  deflection  due  to  static  loads  is  necessary  to  make  the  calculation 
valid. 

The  linear  theory  modified  by  the  strip  theory  using  experimental  lift  and  moment  coefficients 
improves  the  comparison  between  tests  and  theory. 

More  sophisticated  calculations  like  the  small  transonic  perturbations  which  take  into  account  the 
local  wing  twist  give  the  same  tendency. 

Finally,  it  was  shown  that  the  unsteady  aerodynamic  forces  on  the  engine  must  be  taken  into  account 
by  non-linear  methods. 

The  effect  of  a  positive  incidence  on  an  engine  has  an  unfavourable  effect  opposite  to  the  wing 
untwist  which  tends  to  restabilize  the  system. 
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MESURE  DeS  DEFORMATIONS  DES  MAQUETTES  EN  SOUFFLERIE 
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RESUME  - 


La  Direction  de  la  Physique  g€n6rale  et  la  Direction  des  Grands  Moyens  d'Essals  de  l'O.N.E.R.A. 
ont  d^fini,  mis  au  point  et  experiments  des  afthodes  et  taoyens  d'essai  qui  permettent  de  determiner  avec 
une  precision  satlsfaisante  les  deformations  sous  charges  aerodynamiques  et  masslques  de  la  plupart  des 
maquettea  essay£es  en  soufflerie. 

Les  techniques  utlllsees  font  appel  : 

-  3  la  photographic  de  mires  ref lechlssantes , 

~  3  la  mesure  falte  par  un  torslorndtre  3  faisceau  laser  de  l'angle  entre  le  falsceau  incident  et 
le  faisceau  refiechi  par  une  mire  retro-dif fusante  polarisee, 

~  3  la  poursuite  par  un  detecteur  optique  de  position  de  sources  luoineuses  creees  par  des  fibres 
optiques, 

-  au  calcul  de  deformee,  3  partir  de  mesure  de  contraintes  sur  une  maquette. 

Ces  dlfferentes  ir£chodes  d'essai,  utilisees  de  mani3re  industrlelle  dans  les  grandes  souffle- 
ries  permettent  aux  constructeurs  de  s'assurer  que  leurs  maquettes  se  comportent  blen  sous  charges  selon 
leurs  previsions  ;  les  developpeaents  en  cours  devraient  permettre  3  teroe  d'accrottre  les  precisions  de 
mesure  alnsi  que  la  rapldlte  d'acc£s  aux  resultats  definittfs. 

MEASUREMENT  OF  MODEL  DEFORMATIONS  IN  WIND  TUNNELS 


ABSTRACT  - 


The  Physics  and  Large  Testing  Facilities  Department  at  ONERA  has  defined,  developed  and  tested 
means  and  methods  for  determining  with  satisfactory  precision  the  deformations  most  wind  tunnel-tested 
models  undergo  under  aerodynamic  and  body  loads. 

The  techniques  used  are  : 

-  photography  of  reflecting  patterns 

-  torsiometer  measurement  of  the  angle  between  the  Incident  and  reflected  laser  beam  on  a 
polarized  back  scattering  target 

-  tracking  the  posit  Ion  of  Luil  fiber  light  sources  with  an  optical  detector 

-  computation  of  the  strain  from  stress  measurements  on  the  model. 


With  these  various  test  methods,  used  undustrially  in  large  wind  tunnels,  manufacturers  can 
insuT  s  that  the  their  models  behave  correctly  as  predicted  under  load.  The  developments  under  way  should 
make  it  possible  in  the  end  to  Increase  the  accuracy  of  the  measurements  and  reduce  the  time  needed  to 
obtain  the  final  results. 


l  -  INTRODUCTION 


II  y  a  d#j3  Men  des  ann4es  que  lea  constructeurs  9e  sont  soucl6s  de  donner  aux  maquettes  passant  en 
soufflerie  les  formes  que  prennent  les  afironefs  reels  en  vol  sous  charge,  car  les  performances  de  ceux-cl 
peuvent  Itre  notablement  alt€r«es  par  des  modifications  de  geometric  qui  semblent  a  priori  mlneures  ; 
l 'incidence  ou  la  forme  d'un  profil  au  vois inage  du  bord  d'attaque  sont  par  exemple  des  paramdtres  qui 
influent  consid^rablement  s^r  les  repartitions  de  pression  autour  de  ce  profil.  La  prevision  de  ces  for¬ 
mes  au  niveau  du  projet  n'est  pas  alsCe  et  leur  restitution  sur  la  maquette  est  rendue  tr£s  difficile 
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corapte  tenu  des  noabreux  cas  de  vol  1  explorer  et  de  la  difference  tr«*s  importance  de  structure  qui  exls- 
te  entre  l'atronef  et  la  maquette.  Les  cas  les  plus  diff idles  3  blen  representer  sont  probablement  ceux 
oQ  les  structures  font  appel  aux  aateriaux  composites  (fibres,  resines)  et  qui  sont  soumlses  3  des 
efforts  centrifuges. 

Dans  la  plupart  des  cas,  la  forme  de  la  maquette  est  calculie  pour  un  cas  de  vol  en  tenant 
compte  de  la  difference  de  deformation  qul  exlste  entre  le  vol  et  l'essal  en  soufflerte.  Cecl  etant,  (1 
est  important  de  verifier  que  les  deformations  obtenues  en  soufflerte  sont  blen  celles  qul  Stalent 
prevues  ou  du  mo t ns  qu'elles  s'en  §cartent  trds  peu.  C'est  dans  ce  but  que  l'O.N.E.R.A.  a  developpe  ces 
derniSres  ann6es  des  methodes  de  oesure  de  deformation  en  cours  d'essai  avec  vent,  adaptees  aux  diffe- 
rents  cas  d'essats. 

Ce  document  recense  et  presente  Les  difference  types  d'essais  effectues  au  centre  O.N.E.R.A.  de 
Modane-Avrleux  dans  lesquels  ont  6t€  effect Ivement  raises  en  oeuvre  des  techniques  pennettant  de  mesurer 
la  deformation  des  maquettes  ou  parties  de  maquette  ;  la  plupart  de  ces  techniques  font  appel  3  des 
methodes  optlques  qui  ont  €t§  developpees  par  la  Direction  de  la  Physique  Generale  de  I'O.N.E.R.A. 

De  nouveHes  methodes  de  mesure  des  deformations  sont  actuellement  en  cours  d'etude  i 
I'O.N.E.R.A.,  nocamment  au  Centre  d'Etudes  et  de  Recherches  de  Toulouse,  et  ont  d6)3  donn§  des  resultats 
prometteurs.  N’ayant  pas  encore  £t6  appllquees  en  soufflerte,  elles  ne  sont  pas  presentees  dans  ce  docu¬ 
ment. 


2  -  MESURE  DE  LA  DEFORMATION  CLOBALE  D'UNE  AILE  ET  D'UN  SUPPORT  PE  MISSILE 


Le  probl3me  consiste  en  la  mesure  de  la  deformation  globale  d'une  alle  et  d'un  pod  support  de 
missile  3  M  -  0,95  dans  la  veine  transsonique  de  la  soufflerte  S2MA  de  section  1,75  x  1  ,77  m^.  Des  mires 
retrodlf fusantes  sont  placees  sur  l’avlon  pour  donner  la  reference  de  la  mesure  et  sur  le  missile.  Les 
mires  ont  une  epaisseur  de  0,11  mm.  Elies  sont  constltuees  d'une  pellicule  adhesive  recouverte  de  bllles 
de  verre  de  dlam£tre  volsln  de  50  microns  leur  conferant  des  propriStes  catad loptrlques  :  quelle  que  soit 
1* Incidence  du  falsceau  sur  la  mire,  les  bllles  renvotent  la  iumi3re  vers  sa  source.  Une  consequence 
dlrecte  de  cette  particularite  est  que  pour  photographler  les  mires,  11  faut  Imperat tvea»ent  que  la  source 
lumlneuse  qul  les  eclalre  solt  plac€e  3  proxlmite  Immediate  de  l'axe  de  prise  de  vue.  La  divergence  du 
faiaceau  retrodlf fuse  est  de  l'ordre  du  degre,  et  le  flux  lumineux  qu'il  transporte  varie  de  notns  de  10% 
lorsque  1' incidence  du  falsceau  sur  la  clble  crott  de  0  3  40°.  Une  photographie  est  falte  sans  vent  a 
1'lncidence  desire  (25  degree  dans  notre  cas)  puis  une  autre  3  M  ■  0,93.  La  superposition  des  deux  Ima¬ 
ges  en  prenant  comme  reference  les  mires  placees  sur  l'avion  donne  dlrecteraent  la  deformation  recherchee. 
On  notera  que  dans  le  cas  presente  lei  (figures  1.2)  la  deformation  n'est  pratiqueroent  qu'une  translation. 
Cette  technique  de  mesure  alsement  mlse  en  oeuvre  perraet  d'obtenlr  des  filches  avec  une  precision  de 
+  0,2  mm  (sur  les  12  mm  mesures)  et  une  precision  sur  l'angle  de  torsion  de  +  0,1  degr§. 


(Fig.  I )  DEFORMATION  GLOBALE  DUNE  AILE  ET  D'UN  SUPPORT  DE  MISSILE 
(SCHEMA) 


(FIG.  2)  DEFORMATION  6L0BALE  D'UNE  AILE  ET  D'UN  SUPPORT 
DE  MISSILE  (PHOTO) 


3  -  MESURE  DU  DEVRILLACE  D'UNE  PALE 


Le  problEme  consiste  en  la  mesure  du  dEvrillage  d’une  pale  d’une  hEllce  transscmique  de  l  m  de 
diamdcre  pouvant  tourner  3  5000  tr/mn,  placEe  3  M  •  0,75  dans  la  velne  d'essai  de  8  m  de  diametre  de  la 
soufflerle  SIMA  du  centre  de  Modane-Avr leux  (figure  3).  Pour  ce  faire,  des  mires  retrod! ffusantes  sont 
collEes  sur  le  saumon  d'une  des  pales  et  sur  le  carEnage  fixe.  II  y  a  deux  mires  sur  le  saumon,  l'une 
vers  le  bord  d'attaque,  l'autre  vers  le  bord  de  fulte  ;  la  droite  lea  jolgnant  dEflnit  une  corde.  Le 
rEseau  de  mires  placE  sur  le  car£nage  fixe  permet  de  dEfinlr  le  trlidre  de  rEfErence  dans  lequel  sera 
dEterminE  le  calage  global  du  saumon  J  rEsultant  de  la  somae  du  pas  de  1'hElice  et  de  son  dEvrillage 
(figure  A).  On  apparell  photographique  placE  sous  le  plancher  photographie  les  mires  lorsqu'elles  sont 
eclairEes  par  l'Eclair  d'un  stroboscope  dEclenchE  par  un  dlspoaltlf  116  3  la  partle  tournante.  Cinq 
photographies  sont  prises  pour  cheque  point  de  mesure.  La  durEe  de  1’Eclalr  du  stroboscope  calculEe  au 
1/3  de  1'intensltE  maxiraale  de  son  pic  est  de  1,2  ft  s  ce  qui  donne  un  flou  de  0,3  mm  pour  une  vitesse  de 
rotation  de  5000  tr/mn.  Un  exemple  de  photographie  prise  en  essai  est  donnE  en  figure  5.  Son  exploitation 
est  faite  sur  un  rEcepteur  grosslssant  EquipE  de  deux  rEticules  mobiles  qui  permet  d'obtenir  les  distan¬ 
ces  XI  et  Yl  (figure  3)  avec  une  prEclslon  de  _+  0,1  mm.  La  comparison  des  calages  globaux  obtenus  avec 
rotation  de  1'hElice  durant  deux  essais  (avec  et  sans  vitesse  d'Ecoulement  amont)  et  en  tenant  compte  des 
afflchages  du  pas  permet  d'accEder  aux  angles  de  dEvrlllage  des  pales  de  1'hElice  avec  une  prEclslon  de 
+  0,25  degrE. 


C  14  009 


(Fig.  3)  MONTAGE  D'UNE  HELICE  TRANSSONIOUE  DANS  LA  VEINE 
D'ESSAI  DE  SIMA 
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(Fig.  A)  MESURE  DE  DEVRILLAGE  D  UNE  PALE 


Mires  d'extremite 
de  pale 


Mires  fixes 


(Fig.  5)  EXEMPLE  DE  PHOTOGRAPHIE  PRISE  EN  ESSA1 


4  -  DETERMINATION  DE  LA  DEFORMATION  DU  BORP  DE  FUITE  D'UNE  AILE 
ET  DE  SA  TORSION  CLOBALE  MESUREE  SUR  SON  SAUMON  D'EXTREMITE 


Les  me8ures  sont  faltes  aur  l'aile  d'une  demi-maquette  d'avion  civil  montSe  au  plancher  de  la 
veine  d'essai  n°  1  de  la  soufflerie  SIMA  (voir  figure  6).  L'esaai  est  conduit  dans  une  gamme  de  Mach 
comprise  entre  M  -  0,5  et  M  ■  0,8,  et  pour  des  incidences  comprises  entre  0  et  3,5  degr£s.  La  deml- 
envergure  de  la  maquette  est  de  3,80  m. 


(Fig.  6)  DEMI -MAQUETTE  MONTEE  AU  PLANCHER  OE  LA  SOUFFLERIE  SIMA 


4.1  -  Mesure  de  la  deformation  du  bord  de  fuite 


Le  bord  de  fuite  de  la  maquette  est  fcqulpe  de  11  mires  retrod! f fusantes  num£rot£es  de  0  a  10 
(voir  figure  7).  La  mire  0  sert  d'origine  pour  Sexploitation  des  photographies  (voir  figure  8). 

Deux  mires  rSf lfchissantes  A  et  B  placSes  au  voisinage  de  la  voilure  permettent  de  dfiflnir  avec 
precision  sur  chaque  cliche  le  systeme  d'axe  par  rapport  auquel  les  raesures  sont  effectu£es  (voir  figure 
8). 


L'appareil  photographique  assoc i£  a  sa  torche  flash  est  place  dans  un  caisson  au  dSbut  di  dif- 
fuseur  de  la  soufflerle  (voir  figure  6). 

La  restitution  se  fait  sur  un  appareli  de  projection  £quip6  de  deux  reticules  orthogonaux  114s 
a  un  dlsposltlf  automatique  de  numfrisation  donnant  les  coordonn£es  X  et  Y  de  chaque  mire  par  rapport  a 
I'origine  des  axes  (mire  A,  B  et  mire  0).  Un  des  sin  repr§sentant  1' image  vue  sur  l'fleran  de  projection 
est  present#  sur  la  figure  8. 

La  deformation  brute  du  bord  de  fuite  de  la  voilure  est  obtenue  en  faisant  la  difference  des 
coordonnSes  des  mires  obtenues  au  cours  d'un  essai  avec  vent  et  au  cours  d'un  essal  sans  vent-  Cette 
deformation  brute  est  ensulte  corrig£e  de  la  deformation  en  roulis  de  l'ensemble  dynamometr ique  qui  mesu- 
re  les  efforts  aerodynamiques  sur  la  maquette. 

La  figure  9  presente  Involution  des  deformations  du  bord  de  fuite  de  la  voilure  en  fonctlon  de 
son  envergure  relative  pour  cinq  norabres  de  Mach  i  une  incidence  de  2  degres.  A  c6t£  du  reperage  du  nom- 
bre  de  Mach  est  porte  le  produit  Qo  x  C2  qui  represente  la  charge  sp€cifique  moyenne  sur  la  voilure  ;  si 
les  courbes  avaient  4te  tracees  en  valeurs  r£dultes  deformation  elles  auralent  pratiqueraent 

Qo  x  Cz 

confondues  ;  la  voilure  se  comporte  comae  un  systime  elastique  sur  lequel  le  repartition  des  charges  est 
peu  influencee  par  Involution  du  norabre  de  Mach. 


(Fig  8)  EXPLOITATION  D  UNE  PHOTOGRAPHIE  DU  BORD  DE  FUlTf. 


DEFORMATION 


(Fig  9)  DEFORMATION  DU  BORD  DE  FUITE  DE  LA  VOILURE 

DEFORMATION  DU 
BORD  DE  FUITE 


Chaque  courbe  de  la  figure  9  est  en  fait  d€finie  par  la  moyenne  de  5  cliches  cons(cutifs  dont 
la  dispersion  donne  une  id£e  du  niveau  de  vibration  de  la  vollure  ;  la  figure  10  moncre  pour  M  ■  0,5  et 
M  -  0,8  les  (carts  crgte  3  crgte  relevis  le  long  de  l'envergure.  Ces  (carts  crSte  3  cr(te  crolssent  avec 
1‘ incidence  (non  montr£  ici)  et  avec  le  nombre  de  Mach  pour  attelndre  8  mm  au  niveau  du  saumon  d'extrStni- 
t€  de  voilure  5  M  »  0,8. 

4.2  -  Me8ure  de  la  torsion  globale  d'une  alle  mesurge  sur  son  sauraon  d*extr(mlt( 


La  mesure  de  la  torsion  de  l'aile  est  effectufie  I  1'aide  d'un  torsiomStre  dit  OP-BBT  assocK  i 
une  cible  r(trodlf fusante  polarisSe  coll€e  sur  l'extr(mlt(  de  la  voilure.  L'adaptation  de  l'apparelllage 
de  base  aux  essais  en  soufflerie  a  fait  I'objet  de  travaux  tr3s  importants  men£s  3  bien  par  la  Direction 
de  la  Physique  G(n(rale  de  l'O.N.E.R.A.  [1]. 

4.2.1  -  Pr_inc^pe_de^  la  mesure 

Le  detail  de  la  technique  de  mesure  ainsi  que  les  precautions  3  prendre  pour  obtenir  une  bonne 
precision  sont  d£crlts  dans  le  document  pr(cit§  ;  nous  ne  donnerons  ici  que  le  principe  de  fonct ionneraent 
du  torsiom£tre. 

Le  torsiom3tre  est  constitu§  d'un  Imetteur  r£cepteur  et  d'une  cible  r£tro  diffusante  polarisfie 
coll$e  sur  le  saumon  d'extremit(  de  voilure  (voir  fig.  11). 

L'Smetteur  r£cepteur  coraporte  un  laser  dont  le  faisceau  incident  polarise  par  un  prisme 
polarlseur  tournant  (claire  la  cible  3  travers  une  boblne  de  Faraday  qui  module  le  plan  de  polarisation. 
Le  principe  de  la  mesure  est  le  suivant  :  la  cible  etant  eclalr£e,  on  fait  tourner  le  prisme  polarlseur 
de  maniSre  3  obtenir  l'extlnctlon  du  faisceau  r€fl(chi.  Cette  position  du  prisme  polarlseur  definit 
l'orlgine  des  mesures  angulalres.  Si  maintenant  la  cible  tourne  d'un  angle  ex  11  faudra  faire  tourner  le 
prisme  polarlseur  d'un  angle  <x  pour  obtenir  a  nouveau  l'extlnctlon.  La  mesure  de  la  position  angulaire 
du  prisme  polariseur  permet  done  de  d(finir  les  angles  de  rotation  de  la  cible  polaris(e-  Une  boblne  de 
Faraday  plac€e  sur  le  faisceau  incident  et  allment&e  en  courant  alternatif  module  l'orlentat ion  du  plan 
de  polarisation  de  ce  faisceau. Cette  modulation  permet  de  g€n£rer  le  signal  d'erreur  qui  sert  3  asservir 
la  position  du  prisme  polariseur  tournant  3  la  position  de  la  cible.  Cette  presentation  condens£e  de  la 
technique  de  mesure  ne  doit  pas  faire  oublier  les  difficult^  rencontr£es  au  cours  de  la  raise  au  point  ni 
les  recommandatlons  essentlelles  suivantes  : 


ANALYSEUR  MESURE  NUMERIQUE 


(Fig  11)  T0RSI0METRE 


-  travailler  sans  hublot,  ni  miroir  entre  l'(metteur  et  la  cible  ; 

-  positionner  l'(metteur  et  la  cible  de  manlere  3  n'avoir  que  de  faibles  angles  du  faisceau  incident  sur 
la  cible  ; 

-  trier  les  clbles  pour  avoir  une  bonne  plan(it(  et  une  bonne  uniformity  du  plan  de  polarisation  ; 

-  positionner  le  rayon  Incident  toujours  au  m«*rae  endroit  sur  les  cibles. 

4.2.2  -  Im£lant_at_ion__dii  t_o_rsi_om3t_r£  dans_la_  sou  f £1  er ie 

La  raaquette  mont(e  au  plancher  de  la  soufflerie  est  £quip§e  de  deux  clbles  r£trodl f fusantes 
colKes  l'une  sur  le  saumon  d'extrymlty  d'aile,  l'autre  sur  le  fuselage.  Cette  derni3re  sert  de 
r(f (rence  ;  e'eat  la  difference  d'angle  de  torsion  entre  ces  deux  cibles  qui  donne  l'angle  de  torsion 
global  de  la  voilure.  Le  torsiom3tre  montS  sur  une  platine  artlcuKe  suivant  deux  axes  orthogonaux  est 
fixe  au  plafond  de  la  veine  d'essai  (figure  12).  Cette  disposition  et  ce  montage  permettent  de  position- 
ner  success ivement  le  faisceau  laser  sur  chacune  des  cibles  quelles  que  solent  les  variations  de  posi¬ 
tions  de  celle8-ci  (fonction  de  l'incidence  de  la  maquette  et  des  d(f ormations)  avec  de  faible9  angles  du 
faisceau  incident  sur  les  clbles.  Le  pointage  du  faisceau  laser  sur  les  cibles  en  utilisant  la  platine 
articulfie  tyiycommandfie  se  fait  3  l'alde  d'une  camera  vldlo. 
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(Fig  12)  IMPLANTATION  DU  TORSIOMETRE  DANS  LA  SOUFFLERIE  SIMA 


Des  mesures  d'angles  sont  faites  sans  vent  pour  lea  dlff£rentes  positions  gSom^trlques  de  la 
maquette  (correspondant  aux  positions  prises  par  la  maquette  quand  on  fait  varler  son  Incidence)  ;  la 
difference  entre  les  taesures  avec  vent  et  celles  sans  vent  faites  dans  les  m§mes  conditions  donne  les 
angles  de  torsion  sous  charge. 


4.2.3  -  Resultats. 

La  figure  13  oontre  Involution  de  I’angle  de  torsion  en  fonction  de  la  charge  de  portance  sur 
la  voilure  ;  c’est  approxlmativement  une  droite.  Les  groupes  de  points  donnent  une  id£e  de  la  dispersion 
des  raesures. 


4.3  -  Valldlte  des  resultats  obtenus 

La  platine  articul£e  n€cessalre  3  la  poursuite  des  clbles  dans  le  paragraphe  4.2  est  SqulpSe  de 
potent lomdtres  pennettant  de  restituer  la  position  du  saumon  d*extremlt§  de  la  voilure.  La  difference  de 
posit lonneraent  avec  et  sans  vent  donne  la  deformation  globale  du  bord  de  fuite  de  la  voilure  qui  est  com- 
paree  dans  le  tableau  ci-dessous  aux  resultats  obtenus  par  la  technique  photographique  du  paragraphe  4.1. 


30 


55 


10 


75 
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Ces  valeurs  sont  assez  voisineB  pour  qu'une  confiance  rataonnable  se  dtgage  des  rtsultats  obte- 

nus. 

La  torsion  de  la  voilure  a  aussl  ttfc  mesurte,  en  utlllsant  la  technique  photographique  du  para- 
graphe  4.1  prtctdent,  pour  le  point  le  plus  chargt  oO  1’ angle  de  torsion  est  de  -  1,3  degrt.  Les  huit 
clichts  exploit's  donnent  dee  valeurs  de  l'angle  de  torsion  compris  entre  -  1,17  et  **  1,34  degrt,  qui 
entourent  bien  les  mesures  effectutes  avec  le  torsloattre. 


4.4  -  Coaparaison  calculs  -  essaia 

L’ Aerospatiale  avait  calcult  lee  deformations  qui  devalent  fitre  obeervtes  sur  la  maquette  en 
essal.  La  figure  14  montre  la  coaparaison  entre  les  calculs  AS  et  les  mesures  faites  en  soufflerie.  La 
concordance  est  tout  3  fait  satisf alsante. 


(Fig  14)  C0MPARAI50N  CALCUL  -  E55AI 


5  -  DETERMINATION  DE  LA  DEFORMATION  DU  BQRD  DE  FUITE  D^JNE  VOILURE 
A  L* AIDE  ~~D* UN  DETECTEUR~ OPTIQUE  DE  POSITION 


La  connalssance  precise  de  la  position  d'un  pelgne  de  slllage  par  rapport  3  la  voilure  d'une 
maquette  placte  d  son  araont  a  ntcesstrt  la  mise  au  point  par  la  Direction  de  la  Physique  de  I'O.N.E.R.A. 
d'un  dttecteur  optique  de  position  [l]  (2]  |3].  Cet  appareil  qui,  associt  au  mtcanisroe  de  dtplaceraent  du 
pelgne,  est  capable  de  poursuivre  pas  a  pas  differences  sojrces  lumineuses,  a  donnt  en  complement  de  sa 
fonction  d’origine  la  deformation  du  bord  de  fuite  de  la  voilure. 

La  description  d€talll§e  du  fonct lonnement  du  dttecteur  optique  alnsi  que  sa  validation  en 
laboratolre  sont  donntes  dans  [  l )  ,  nous  ne  prtsenterons  icl  que  son  utilisation  dans  le  cadre  d'un  essal 
effectut  sur  une  maquette  d'avion  civil  raontte  dans  la  velne  d'essai  de  la  soufflerie  SIMA. 


5.1  -  Description  de  l'^qulpement  et  de  son  fonctlonoement 

La  maquette  et  son  pelgne  de  slllage  sont  roontts  sur  le  m§me  dard  support  ;  le  mgcanfstne  de 

deplacement  du  pelgne  supporte  aussi  le  dttecteur  optique  (figures  15  et  16)  et  peut  se  deplacer  sulvant 

les  3  axes  de  coordou.'.ees  rectangulalres  X,  Y  et  Z  llts  3  la  maquette.  Les  positions  du  dttecteur  (ou  du 
pelgne)  par  rapport  3  ce  tritdre  sont  calcultes  a  partir  des  slgnaux  des  potentlom3tres  du  mScanistne  de 
dtplaceraent. 

La  voilure  de  la  maquette  est  equlpte  de  3  fibres  optiques  A,  B,  C,  dont  les  extr§tnit£s  se  ter- 

minent  3  3  positions  difftrentes  en  envergure  (figure  16)  dans  le  bord  de  fuite  de  la  voilure  donnant 

vers  l'aval  3  falsceaux  lumineux  d'angles  d'ouverture  44  degree.  L'fclalrage  est  assurt  par  un  lllumina- 
teur  compost  d'une  lampe  a  lode  et  d'un  condenseur  assurant  1 ' lntroduct ion  de  la  lumitre  a  l'lnttrleur 
des  fibres.  Cet  ensemble  est  sltut  3  environ  10  m  de  la  maquette. 

La  partle  sensible  du  dttecteur  est  constitute  de  2  plages  photo  senslbles  Juxtapostes  (figure 

17).  Quand,  par  exemple,  l'onsemble  du  disposltlf  est  plact  plus  bas  que  le  bord  de  fuite  de  la  voilure, 

le  faisceau  lumineux  prove na it  de  l'une  des  fibres  optiques  tclalre  plus  la  plage  photo  sensible  du  bas 

du  dttecteur,  celul-ci  fournlt  un  ordre  de  montte  au  mtcanisme.  Cet  ordre  s'annule  quand  l’tclairage  est 

ldenttque  sur  les  deux  plages  ;  le  dlspositif  est  alors  positlonnt  en  face  du  bord  de  fuite  et  I'on  reld- 
ve  ia  valeur  des  slgnaux  dee  potent lomttres  placts  sur  le  mtcanisme  afin  de  calculer  la  position  de 
celut'-cl  dans  le  tritdre  X,  Y,  Z.  Les  differences  de  positions  relevtes  avec  et  sans  vent  donnent  les 
valeurs  des  deformations  du  bord  de  fuite  sous  charge. 
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(Fig  15)  MAQUETTE  ET  SON  PEIGNE  DE  5ILLAGE  MONTES  DANS  SIMA 
Fibres  optiques 


Les  coordonnfes  Xi  et  Yi  de  chacune  des  3  extrfmltfis  des  fibres  optiques  sont  d^tertninfies  avant 
l'essal,  sans  vent.  Le  d€tecteur  optlque  n’aglt  sur  le  m£canisme  de  deplacement  que  pour  effectuer  des 
mouveroents  sulvant  l'axe  des  Z  et  rattraper  les  deformations  de  la  vollure  sous  charge. 


5.2  -  Rgsultats 

Des  mesures  de  deformation  ont  §t5  faltes  3  M  -  0,5  -  0,7  et  0,85  en  ajustant  3  chaque  fols 
l'incldence  de  la  maquette  afln  d'obtenlr  un  coefficient  de  portance  constant  6gal  3  0,4.  Les  resultats 
sont  presentla  sur  la  figure  18.  L*etagement  des  courbes  ne  correspond  pas  3  un  effet  de  Mach  mals  3  une 
difference  de  charge  sur  la  vollure  correspondent  3  l'augmentat ion  de  la  presslon  clnetique  avec  le  nom- 
bre  de  Mach,  la  soufflerle  SI  travaillant  3  presslon  generatrlce  constante  £gale  3  la  presslon  atmosph£- 
rlque. 

Dans  les  cas  d'essais  sans  vibration  la  precision  des  mesures  est  de  1'ordre  de  0,1  mm  et  est 
llmltee  par  la  resolution  des  potent lom£ tree  places  sur  le  mecanlsme  de  deplacement  ;  la  senslblllte  du 
detecteur  lui-m£me  est  voislne  de  0,01  mm. 
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(Fig  18)  FLEXION  DU  BORD  DE  FUITE  DE  L'AILE  POUR  CZ-U  4 


6  -  MESURE  DES  DEFORMEES  D'UNE  PALE  PE  ROTOR  D1  HELICOPTERS 
PAR  INTEGRATION  DES  CONTRAINTES 


6.1  -  INTRODUCTION 


Les  pales  d'ua  rotor  d'hf licopt3 re  en  fonct lonneraent  subi9sent  des  deformations  sous  l'effet 
des  forces  a6rodynamiques  et  masslque9  qul  leur  sont  appllqu^es  ;  la  connaissance  de  ces  deformations  est 
n6cessalre  I  plusleurs  titres  : 

-  pour  entrer  dans  les  methodes  de  calcul  des  rotors  corame  un  element  Indispensable  d3s  que  le  calcul 
atteint  un  certain  stade  de  perfect lonneraent  ; 

-  pour  completer  les  mesures  de  presslon  sur  le9  pales  en  fournissant  les  element  necessalre9  pour  le 
calcul  de  l1 incidence  aerodynaolque  reelle  ; 

-  enfln,  $ventue  1  lement ,  corame  une  contribution  3  l'4tude  des  phenom3nes  vibratolres  du  rotor. 


6.2  -  CARACTERISTIQUES  DU  PROBLEME 


Ce  paragraphe  presente  les  grandeurs  3  raesurer  et  rappelle  les  conditions  des  essais  de  rotor 
d 'heiicopt^re  effectues  dans  la  soufflerie  SI  du  centre  de  Modane-Avrieux. 

6.2.1  -  Crandeur£  £  “eJLuI.e.E. 

Les  deformations  3  connaitre  en  premier  lieu  sont  la  torsion  et  la  flexion  en  battement 
(figures  19  et  20). 

I  AXE  DU  ROTOR 


TORSION 
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La  corde  de  la  pale  du  rotor  e89ayg  est  de  210  millimetres.  Une  torsion  de  1/10  de  degrfi  lnduit 
une  difference  de  niveau  entre  le  bord  d’attaque  et  le  bord  de  fulte  d’envlron  0,4  millimetre. 

Pour  un  regime  etf.bll  les  deformations  sont  des  fonctlons  perlodlques  du  temps,  de  mgme  perlode 
que  la  rotation  du  rotor. 

6.2.2  -  Cojnd^t^onsjde  V 'esaa^  (figures  21  et  22) 

Rotor  trlpale  ) 

Dlaodtre  :  4  metres  )  plenitude  <T  -  0,10 
Corde  :  210  mm  ) 

Prof  11  ;  NACA  0012  sans  vrlllage  sur  toute  la  longueur  de  la  pale 

Excentrlclte  de  1 'articulation  de  battcment  ;  79  nm 
Realm's  de  rotation  :  -  870  a  1  100  tr/mn. 

Vttesies  en  bout  de  pale  :  II  -  180  &  320  cn/s. 

Incidence  de  1'arbre  du  rotor  :  «q  de  -f  8°  a  -  32°;  posslbUlte  de  placer  I'axe  horizontal. 

Pas  da  rotor  ^  :  de  -  2°  1  +  17°. 

Angle  de  battement  p  :  Jusqu'3  +  5°  au  cours  d'un  tour,  soit  un  deplace¬ 
ment  lu  bout  de  pale  de  ^  170  mm  autour  de  la  position  moyenne. 


0,5. 


Pour  ces  essals  la  vltesse  varle  de  0  3  100  ra/s,  et  le  parametre  d'avancement  A 


V. 

u 


de  0  a 


(Fig  21) 
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(Fig  22)  ROTOR  D'HELICOPTERE  EN  FONCTlONNEMENT  DANS  LA 
SOUFFLERIE  SIMA 


6.2.3  -  t_lf^ue_  mentUU#  du_prob  1  ime 

Toute  la  dtfflcult£  de  la  mesure  des  deformations  apparalt  dans  la  comparalson  des  elements  de 
ces  deux  paragraphes  :  au  niveau  du  bout  de  pale  il  faut  mesurer  des  deformations  de  l'ordre  du  millime¬ 
tre  sur  un  objet  evoluant  3  200  m,'t»  sur  une  trajectoire  qul  depend  de  nombreux  param£tres  *  ®Q*  J  .  fb 


6.3  -  PRINCIPE  DU  CALCUL 


En  cours  d'essai  des  ponts  de  jauges  mesurent  lea  moments  de  flexion  en  battement  et  de  torsion 
appliques  3  la  pale  et  il  est  en  prlncipe  possible  de  calculer  les  deformations  3  partir  de  ces  niesures. 
Pour  les  premiers  essais,  ces  calculs  ont  ete  effectues  avec  les  hypotheses  simplif icatrlces  sulvantes  : 

-  les  deformations  sont  elastiques,  done  additives.  Il  est  possible  de  calculer  separement  les  deforma- 
tlons  sous  charges  moyennes  et  les  deformations  sous  charges  dynamiques,  la  deformation  totale  est  la 
aomme  des  deux  (figure  23)  ; 

DEFORMATION  TOTALE 


(Fig  23) 
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-  lea  coefficients  de  tarage  determines  aous  charge  atatlque  sont  supposes  valables  sous  charges  dynaml- 
ques  (des  precautions  sont  prises  lors  de  leur  mesure  pour  qu'll  en  solt  alnsi)  ; 

-  les  ponts  de  Jauges  sont  blen  rfallsta  et  blen  places,  c’est  3  dire  que  chacun  d'eux  n'est  sensible 
qu‘3  un  seul  type  de  deformation.  Un  pont  de  flexion  en  batteaent,  par  exemple,  ne  donne  pas  de  signal 
lorsqu'on  applique  un  couple  de  torsion.  II  eat  done  adals  qu'on  peut  calculer  lnd(pendaoaent  les  deux 
deformations  de  la  pale  (torsion,  batteaent)  ; 

-  la  courbe  de  repartition  des  aoaents  en  fonctlon  de  l'envergure  est  la  courbe  la  plus  tendue 
passant  par  les  different*  points  de  aesure  (figure  24).  Une  courbe  telle  que  celle  trac&e  en 
pointing  correspondral t  3  des  syst^aes  d'efforts  coapllquis  ou  blen,  dans  le  cas  des  vibra¬ 
tions,  3  des  vibrations  de  frequences  £lev£es  donnant  des  amplitudes  faibles,  superposees  3 
une  vibration  fondamentale  (courbe  plelne).  Dans  l'un  et  l'autre  cas,  pour  une  premiere 
approximation,  seule  la  courbe  tendue  est  consld§r6e. 

La  courbe  de  repartition  des  aoaents  en  fonctlon  de  l'envergure  fctant  trac£e,  liquation  de  la 
deformee  de  la  pale  peut  £tre  calculle  :  par  une  double  integration  dans  le  cas  de  la  flexion,  par  une 
simple  Integration  dans  le  cas  de  la  torsion. 


(Fig  24) 


Flexion  (figure  25) 

x  :  Distance  de  l'axe  d'art iculat ion  de  la  pale  en  batteraent  (O^)  a  une  section.  Positive  vers 
l’exterleur  du  rotor  (figure  26). 

M  :  Moment  de  flexion.  Fonctlon  de  x. 

E  :  Module  d'Young  du  materlau. 

I  :  Moment  d' Inert  le  de  la  pale  pour  la  flexion  conslderfe. 
r  :  Rayon  de  courbure  de  la  d£formee.  Fonctlon  de  x. 

B  :  Angle  entre  deux  sections  de  la  pale  apr^s  deformation, 
y  :  replacement  perpendlculalre  3  la  pale  lndult  par  la  deformation, 
f  :  Fldche  de  la  pale,  valeur  de  y  3  l'extremlte  de  la  pale. 

1  :  Longueur  de  la  pale,  de  l'orlgine  au  bout  de  pale. 

La  pale  etant  conslderee  comme  un  corps  eiance,  11  est  possible  de  lul  appllquer  les  equations 
elemental  res: 

1  =  i —  z.  A—  -  H  dx 

r  £1  d  *z  d  -x1  el 


En  Integrant  2  fois  : 


c  e 
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En  prenant  pour  la  section  orlgine  x  »  0  •  0  et  yQ  •  0 


Torsion 

C  :  Couple  de  torsion,  fonctlon  de  x. 

G  :  Module  de  torsion. 

lt  :  Moment  d'inertie  en  torsion. 

Z  :  Angle  de  torsion 

ir  :  Rotation  en  bout  de  pale. 

Autres  notations  inchangSes. 


MOMENT 


(Fig  25)  (Fig  26) 


6.4  -  DIACRAMHF.  DES  MOMENTS 


L'axe  des  x  est  l'axe  de  la  pale,  dans  le  plan  de  symStrie  de  la  pale,  parallSle  au  bord  d'at- 
taque  3  25  Z  de  profondeur,  posit  If  vers  1'extSrieur  du  rotor.  L'orlglne  est  cholsie  en  Oj ,  axe  d’artl- 
culatlon  en  battement  (figure  26).  Lorsque  la  pale  est  libre  autour  de  son  articulation,  le  moment  de 
flexion  est  nul  en  Oj. 

Les  slgnaux  Slectrlques  fournts  par  lea  ponts  de  jauges  sont  transformSs  en  momenta  et  traces 
en  fonctlon  du  temps  (done  de  l’azlmut  ).  I  Is  prSsentent  les  caractSres  sulvants  (figure  27)  : 

-  ils  sont  pSrlodlques,  leur  pSriode  est  le  tour  ; 

-  les  moments  dStectSs  par  les  diffSrents  ponts  sont  en  phase  ; 

-  leurs  valeurs  Doyennes  sont  mal  dSflnles  ;  elles  sont  connues  3  15  Z  pres,  parfols  molns  blen  ; 

-  sous  charges  dynamlques  le  matSriau  des  pales  se  coraporte  comme  un  corps  Slastique  et  la  partie 
dynamique  des  slgnaux  est  rSguliSrement  pSrlodique  en  amplitude,  frequence  et  phase  d£s  que  les 
conditions  d'essai  sont  fixSes. 

Pour  un  type  de  deformation  choiai,  par  exemple  la  flexion  en  battement,  plusieurs  dlagrammes 
de  repartition  des  moments  en  fonctlon  de  l'envergure  seront  traces  (ffgure  28)  :  l'un  pour  la  valeur 
moyenne  des  moments,  les  autres  pour  les  valeurs  dynamlques  instantanees  des  moments  qui  correspondent 
aux  azlouts  oO  tous  lea  moments  passent  slmultanement  par  un  maximum  ou  un  minimum  :  par  exemple  sur  le 
dessin  de  la  figure  27  MA1 ,  Mgj  et  pour  l'azlmut  ^  et  le  temps  tj. 

A  partlr  de  chacun  de  ces  dlagrammes  on  calculera  1 'Squat ion  d’une  dSformSe  SlSroentalre  de  la 
pale  ;  la  dSformSe  totale  de  la  pale  3  un  Instant  donni  sera  trouvSe  par  comblnalson  de  ces  dSformSes 
SlSmentalres.  Ainsi  pour  l'azlmut  $lt  3  l'lnstant  tj ,  la  dSformSe  totale  est  la  comblnalson  de  la 
dSforsSe  moyenne  et  de  la  dSformSe  dynamique  3  l'lnstant  . 

Cette  fa;on  de  proefider  permet  de  donner  une  bonne  description  de  Involution  de  la  dSformSe  de 
la  pale  au  cours  d'un  tour. 
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MOMENT 


(Fig  27) 


(Fig  28) 


MOMENT 

MOYEN 


6.5  -  VALEUR  DF.  E.I  (on  Cl,) 


\ 


ABC 

1 


MOMENT  MOMENT  MOMENT 

DYNAMIQUE  DYNAMIOUE  DYNAMIQUE 

POUR  Vi  A  U  POUR  V2  A  t2  pOUR  V3  A  t  j 


»  I  A  B  C  ( 


ABC  x 

I 


x  ABC  x 

1 


DEFORMEE  OEFORMEE  DEFORMEE  DEFORMEE 

MOYENNE  DYNAMIQUE  DYNAMIOUE  DYNAMIQUE 

A  LTNST  ANT  ti  AL'INSTANTt2  ALTNSTANTtj 


Le  mat€riau  des  pales  €tant  coraplexe,  11  est  difficile  de  calculer  les  tertnes  El  ( C 1 1 )  -  Ces 
coefficients  ont  done  £t£  determines  experimentalement .  Par  exerople,  dans  le  cas  de  la  flexion  en 
battement,  la  pale  est  encastr$e  3  son  attache  et  chargee  3  son  extr£mit£  llbre  (figure  29).  En  mesurant 
1  et  f  il  est  possible  de  calculer  El,  en  effet  : 


PI3 

3EI 


El 


PI3 

3f 


Valeurs  mesureea  pour  lea  pales 

flexion  en  battement  :  EIj,  “  1  690  Nm^ 
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6*6  -  EXEMPLE  DE  CALCUL 


La  suite  du  document  est  exclusl  veroent  consacr^e  &  1  'appl  Icatlon  de  la  m6thode  pour  la  flexion 
de  batteraent,  sur  un  cas  d’essai  inoyen,  a  partlr  des  slgnaux  relev£s  en  cours  d’essai. 

La  figure  30  montre  Involution  du  moment  de  flexion  en  battement  en  fonctlon  de  l'envergure  de 
la  pale  (x)  pour  la  valeur  raoyenne  et  les  valeurs  dynamlques  aux  az  trouts  ■  71°,  172°  et  315°.  La  posi¬ 
tion  des  ponts  de  Jauges  sulvant  l'envergure  est  rep6r6e  2  ,  3  ...  8  . 

La  figure  31  montre  Involution  de  l'angle  8  entre  les  sections  successlves  en  envergure  trace 
en  fonctlon  de  l'envergure  de  la  pale  (x).  Les  trots  courbes  correspondent  aux  charges  dynamlques  pour 

les  azlrauts  *  71",  172°  et  315°  et  sont  obtenues  (au  facteur  ^  pr£s)  par  Integration  des  courbes 
correspondante?  de  la  figure  30  prec^dente. 


La  figure  32  montre  les  d6forra§e$  de  la  pale  sous  les  charges  dynamlques  pour  les  azlrauts 
“  71°,  172°  et  315°  ;  el  les  sont  obtenues  oar  Integration  des  courbes  correspondences  de  la  figure  31 
pr£cedente. 

La  figure  33  presente  dlrecteraent  la  d6forra£e  rooyenne  de  la  pale  obtenue  par  double  Integration 
a  partlr  des  valeurs  moyennes  du  moment  de  flexion  presente  sur  la  figure  30. 

Les  deform6es  totales  sont  obtenues  par  corablnalson  des  courbes  des  figures  32  et  33  et  sont 
presentees  sur  la  figure  34.  L'axe  ox  represente  la  pale  non  deformee  ;  c’est  cette  direction  qui  est 
representee  dans  l'espace  par  l'angle  battement  fb  .  La  valeur  de  la  deformee  en  extern!  te  de  pale  corres¬ 
pond  a  la  fldche  qui  pourrait  €tre  mesuree  sur  le  saumon  d’extremite.  C'est  Involution  de  cette  fl^che 
en  fonctlon  de  1'aziraut  qui  est  represente  sur  la  figure  35  (en  s'aidant  de  calculs  non  presentes  lei). 

MOMENT  DE  FLEXION 
EN  BATTEMENT 


9(x)  = 


M(x)  dx 


(Fig.  32)  DEFORMEES  SOUS  CHARGES  DYNAMIQUES 


(Fig  33)  DEFORMEE MOYENNE 


(TEMPS) 
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6-7-  CONTROLS  EXPERIMENTAL  DE  LA  METHODE 


L'lnconv^nlent  de  la  irfthode  est  que,  faute  de  moyens  de  recoupement,  on  ne  salt  quelle 
confiance  accorder  3  ses  resultats.  Un  contrQle  experimental  sans  vent  a  £t£  effectu§  3  l'occasion  de 
travaux  executes  sur  le  rotor  d 'heiicoptere. 

Les  pales  sont  encastr&es  sur  le  taoyeu  ;  le  rotor  est  Immobile.  Un  pot  d'excitatlon  entraine 
1* ext remit?  de  la  pale  dans  un  oouvement  sinusoidal  impose.  La  frequence  et  la  force  d'excitatlon  peuvent 
Stre  r?giee8,  ce  qul  permet  de  d?tecter  les  frequences  naturelles  des  pales,  flexions  en  battement 
(figure  36). 

Pour  la  frequence  du  fondamental  de  flexion  en  battement  la  deformee  de  la  pale  est  relevee, 
alnsl  que  l'amplltude  de  la  force  appllquee  et  le  deplacement  du  point  d'excitatlon.  Slmultanement  les 
stgnaux  fournis  par  les  ponts  de  jauges  sont  tralt§s  pour  obtenir  liquation  de  la  defcrmee.  II  est  alors 
possible  de  comparer  les  resultats  du  calcul  aux  mesures  expferimentales.  Le  tableau  cl-dessous  donne  les 
termes  de  cette  comparalson. 


Force 

d'exci¬ 

tatlon 

Grandeurs 

caracterls- 

ques 

Expe¬ 

rience 

Calcul 

par  Integration 

Fondamental  de  fle¬ 
xion  en  battement 

0,2  N 

Flgche  en 

5,6-  mm 

6 , 0  mm 

0,1  N 

d'al le 

2,70  turn 

3,0  mm 

L'accord  entre  les  resultats  de  l'experience  et  du  calcul  est  bon  surtout  si  on  considere  que 
le  trace  du  diagramme  des  moments  est  approximatif  du  fait  au  petit  noobre  de  ponts  de  jauges  disponl- 
bles. 


AXE  OU  ROTOR  P0T  D'EXCITATION 


MOYEU 

I 

i 


(Fig  36) 


7  -  CONCLUSIONS 


La  direction  de  la  Physique  G€nera1e  et  la  Direction  des  Grands  Moyens  d'Essals  de  l'O.N.E.R.A. 
ont  deflnl,  mis  au  point  et  experiraente  des  methodes  et  moyens  d'essai  qui  permettent  de  determiner  avec 
une  precision  satlsfaisante  les  deformations  sous  charges  aerodynamlques  et  masslques  de  la  plupart  des 
maquettes  essayees  en  soufflerle. 

Les  techniques  utlllsees  font  appel  : 

-  3  la  photographie  de  ml  ret  r6f  lech  issantes , 

-  3  la  mesure  falte  par  un  torslomOtre  3  falsceau  laser  de  I 'angle  entre  le  falsceau  incident  et 
le  falsceau  refiechi  par  une  mire  retro-dif fusante  polarlsee, 

-  3  la  pour9ulte  par  un  detecteur  optlque  de  position  de  sources  luraineuses  emlses  par  des  fibres 
optiques, 

-  au  calcul  de  d?form?e,  3  partlr  de  mesure  de  contraintes  sur  une  maquette. 

Ces  dlffOrents  moyens  d'essai,  utilises  de  manl3re  industrlelle  dans  les  grandes  soufflerles  per¬ 
mettent  aux  constructeurs  de  s'assurer  que  leurs  maquettes  se  comportent  bien  sous  charges  selon  leurs 
provisions  ;  les  dOveloppements  en  cours  devralent  permettre  3  terme  d'accrottre  les  precisions  de  mesure 
alnsl  que  la  rapldlt?  d’accSa  aux  resultats  dOflnitlfs. 
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Ten  papers  were  presented  at  this  specialists'  meeting,  half  of  which  were  concerned 
with  aeroe 1  as t ic-anal y s i s  methods  for  specific  types  of  aircraft.  Three  of  the  latter 
focused  on  combat  aircraft  (papers  by  Sharpe  and  Newton,  by  Petiau  and  Brian,  and  by 
Schmidinger  and  Sensburg),  and  two  involved  transport-type  aircraft  (papers  by  Roustan 
and  Curbillon  and  by  Bckstrom).  Of  the  remaining  papers,  two  were  on  static  aeroelastic 
effects  on  flutter  (by  De3tuynder  and  by  Yates  and  Chu),  two  were  concerned  with 
designing,  building,  and  testing  static  aeroelastic  models  (by  Honlinger,  Schweiger ,  and 
Schewe  and  by  Charpin,  Armand,  and  Selvaggini),  and  one  addressed  the  problem  of 
divergence  (by  Niblett).  This  distribution  of  papers  seems  reasonably  representative  of 
the  emphasis  currently  being  given  to  the  subject  matter. 

The  paper  by  Sharpe  and  Newton  showed  that  even  for  a  relatively  close-coupled  cranked- 
delta-wing/canard  fighter  configuration,  fuselage  flexibility  and  freedom  can 
significantly  influence  roll  effectiveness  and  that  even  though  fighter  aircraft  are 
designed  for  high  load  factors,  inertia  loads  can  significantly  affect  comparisons  of 
longitudinal  stability  for  the  "fixed"  and  "free"  conditions.  Thus,  aeroelastic 
modeling  of  the  entire  aircraft  is  needed  as  early  as  possible  in  the  design  process. 
Additionally,  store  loads  (both  Inertial  and  aerodynamic)  are  shown  to  have  substantial 
effects  on  wing  distortion  and  loads  for  a  variable-sweep  fighter.  Although  important, 
early  design  consideration  of  such  loads  is  difficult  because  of  the  multiplexity  of 
store  combinations  most  fighters  are  intended  to  carry. 

Starting  from  basic  principles  and  assumptions,  Petiau  and  Brun  presented  a 
comprehensive  tutorial  review  of  the  aeroelastic  analysis  methodology  employed  at  one 
aircraft  company,  including  the  organization,  management,  and  efficient  use  of  finite- 
element  structural  models  and  both  linear  and  nonlinear  aerodynamic  methods  in 
application  to  a  range  of  static  and  dynamic  aeroelastic  problems  for  complete  aircraft 
configurations.  Some  familiar  problems  were  addressed,  such  as  the  structural- 
aerodynamic  interface,  use  of  influence-coefficient  methods  and  modal  methods  including 
truncation  sensitivity,  use  or  a  load-basis  method  for  problem  size  reduction,  and 
modification  of  the  computational  model  by  use  of  measured  data.  For  application  to 
control,  maneuver,  and  dynamics  problems  in  general,  unsteady  aerodynamic  forces  are 
represented  by  the  usual  methods  of  rational-f ract i on  approximation  or  unitary  response 
by  means  of  Fourier  decomposition.  A  few  applications  of  these  state-of-the-art 
procedures  were  presented. 

The  paper  by  Schmidinger  and  Sensburg  begins  with  a  review  of  some  established 
procedures  for~making  aeroeTastTc "correct  ions  to  aerodynamic  coefficients  and 
derivatives  by  use  of  increments  and  f lex-to-r igid  ratios  and  illustrates  their 
application  to  the  roll  maneuver  of  a  fighter  configuration  with  and  without  wing- 
mounted  stores.  The  results  emphasize  again  the  importance  of  combined  consideration  of 
aerodynamic  and  inertia  forces  and  their  effects  on  aeroelast Ic  deTorma  t ions  and 
performance.  This  paper  also  presents  some  results  of  a  design  study  to  configure 
flaperon  controls  to  meet  specified  roll  requirement  while  minimizing  hinge  moment  and 
weight  of  the  composite  structure.  This  seemingly  modest  and  simply  stated  problem 
involved  conflicting  requirements  and  constraints  and  became  a  fairly  complex  exercise. 
The  need  for  multidisciplinary  computer-aided  design  opimization  processess  is  again 
clearly  indicated. 

The  paper  by  Roustan_and  Curbillon  3et  forth  procedures  for  making  aeroelastic 
calculations  and  corrections  based  largely  on  linear  aerodynamic  and  structural  behavior 
and  illustrated  them  in  application  to  transport- ty pe  aircraft.  Variations  of 
coefficients  with  Macn  number  in  forms  like  those  for  the  rigid  aircraft  are 
represented,  however,  and,  of  course,  deformations  and  their  effects  on  loads  may  not  be 
linear.  Effects  of  aeroelastic  deformation  on  aerodynamic  derivatives,  loads,  handling 
qualities,  control  effectiveness  and  reversal,  and  divergence  were  considered. 
Requirements  for  aeroelastic  analyses  and  information  at  various  stages  of  the  design 
process  were  pointed  out,  and  the  need  to  incorporate  flexible-aircraft  characteristics 
in  flight  simulators  was  also  Indicated. 

The  paper  by  es _and _Chu  presented  an  attempt  to  calculate  the  effects  of  angle  nf 

attack  and  associated  aeroelastic  deformation  on  the  flutter  of  a  highly  swept 
supercritical  wing  for  which  experiments  had  shown  unconventional  transonic  flutter 
boundaries  for  angles  of  attack  of  one  degree  or  more.  An  iterative  procedure  was 
established  so  that  flutter  and  the  statically  deformed  shape  about  which  the  flutter 
oscillation  occurred  could  be  calculated  at  the  same  dynamic  pressure.  The 
unconventional  backward  turn  of  the  flutter  boundary  was  calculated  and  shown  to  be 
caused  by  variations  in  mass  ratio  rather  than  by  static  aeroelastic  deformations  as  had 
been  suspected.  Consideration  of  the  latter,  however,  may  be  necessary  for  quantitative 
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accuracy.  Calculated  flutter  speeds  were  unconservative  because  of  the  well-known 
deficiencies  of  potential-flow  theory  in  predicting  steady-state  shock  strengths  and 
locations  at  Mach  numbers  near  one.  Calculations  are  continuing  with  a  coupled  boundary 
layer . 

The  paper  by  Niblett  examines  the  trim  conditions,  deformations,  loads,  and  divergence 
calculated  for  a  highly  simplified  rectar.gular-wi ng/ body / ta i 1  configuration  in  free 
flight  and  compares  the  results  with  conditions  at  fixed-root  divergence  speed.  It  is 
shown  that  as  speed  increases  at  trimmed  condition,  the  increasing  wash-in  deformation 
of  the  wing  must  be  compensated  by  an  opposing  change  in  angle  of  attack.  Also,  at  a 
speed  near  fixed-root  divergence,  the  hor i zontal- tai 1  angle  change  required  to  produce  a 
given  increment  of  normal  acceleration  goes  to  zero. 

The  paper  by  Honl Inger , _ Schwelger,  and  Schewe  discusses  scaling  requirements,  design, 

wind-tunnel  testing,  measurements,  and  Fnterpre ta 1 1  on  of  results  for  aeroelastic  models 
with  emphasis  on  the  modeling  of  aircraft  and  components  with  composite  structures. 
Models  with  replica  laminations  are  recommended  in  order  to  reproduce  anisotropic 
properties  faithfully.  The  design  and  testing  of  an  aer oel ast i ca 1 1 y  tailored  fin-rudder 
model  are  presented  as  examples.  The  development  of  a  piezoelectric  force  balance  is 
described  as  an  attractive  alternative  to  the  conventional  strain-gage  balance  which 
introduces  unwanted  flexibility.  For  the  measurement  of  model  deformations  under  load, 
an  opto-electronic  system  ha3  been  constructed.  This  system  employs  charge-coupled 
devices  which  are  focused  on  points  on  the  model  which  are  illuminated  by  the  ends  of 
optical  fibers  imbedded  in  the  model.  it  would  be  interesting  to  compare  the  features 
and  limitations  of  this  system  with  the  old-fashioned  optical  lever. 

The  paper  by  Eckstrom  employed  procedures  similar  to  those  used  by  an  aircraft  company 
to  combine  linear  aeroelastic  analyses  with  nonlinear  wind-tunnel  data  for  rigid  models 
in  order  to  obtain  estimates  of  aerodynamic,  stability,  and  control  characteristics  for 
a  flexible  aircraft.  For  example,  at  a  given  Mach  number,  calculated  increments  were 
applied  to  angle  of  attack  for  zero  lift  as  a  function  of  dynamic  pressure,  and 
calculated  f lex-to-rlgid  ratios  were  applied  to  lift-curve  slope  as  a  function  of 
dynamic  pressure  times  rigid-wing  lift-curve  slope.  Thus,  maximum  lift  was  not  changed, 
and  the  nonlinear  character  of  the  wind-tunnel  data  was  preserved.  Application  of  the 
procedure  to  a  pilotless  airplane  with  a  very  flexible  transport- type  research  wing  gave 
reasonable  looking  results,  but  no  flexible-wing  data  were  shown  for  validation. 

The  paper  by  Destuy^nder  examined  by  calculations  and  experiments  the  effect  of  static 
deformation  on  the  steady  and  unsteady  aerodynamics  and  flutter  characteristics  of  a 
supercritical  transport-type  wing  model  with  pylon-mounted  nacelle  at  angles  of  attack 
between  plus  and  minus  1.5  degrees.  Calculated  deformations  were  confirmed  by 
experiments.  In  flutter  experiments  at  Mach  number  0.78  and  constant  stagnation 
pressure,  flutter  occurred  as  angle  of  attack  was  decreased  to  -1.5  degrees  -  a  result 
that  is  qualitatively  consistent  with  flutter  calculations  by  Yates,  Wynne,  and  Farmer 
(fig.  8  of  ref.  1  in  the  paper  by  Destuynder)  for  a  more  highly  swept  supercritical  wing 
at  Mach  numbers  0.95  and  0.98.  Modification  of  the  unsteady  aerodynamic  forces  by  use 
of  experimental  steady-state  section  coefficients  to  account  for  wing  deformation 
improved  agreement  between  calculated  and  measured  flutter  results  and  showed  trends 
with  Increasing  stagnation  pressure  that  were  similar  to  those  described  by  Yates  and 
Chu.  The  results,  however,  were  significantly  influenced  by  nacelle  aerodynamics,  and 
the  experimental  flutter  mode  involved  a  considerable  amount  of  nacelle  pitching.  This 
is  >et  another  indication  of  the  need  to  assess  and  incorporate  the  aerodynamics  of 
pylon-mounted  nacelles  in  flutter  calculations,  especially  for  aircraft  with  high- 
bypass-ratlo  engines. 

The  paper  by  Charpin,  Armand,  and  Selvagginl  described  several  methods  which  have  been 
developed  for  determining  the  deformations  of  models  during  wind-tunnel  testing. 
Applications  are  shown;  accuracy  and  limitations  are  assessed.  These  methods  include 
(1)  photography  of  reflecting  patterns  such  as  the  long-used  procedure  of  superimposing 
or  double-exposing  wind-on  and  wind-off  images  of  multiple  markings  on  the  model  or 
light  reflected  from  mirrors  on  the  model.-  The  use  of  phosphorescent  paint  and 
ultraviolet  illumination  can  enhance  this  capability.  Exposure  times  can  also  be 
lengthened  to  yield  a  measure  of  model  vibration  amplitude.  The  latter  technique  was 
used  years  ago  to  measure  natural  vibration  modes  of  flutter  models.  Deformations  of 
rotating  models,  such  as  propellers,  are  obtained  by  stroboscopic  illumination;  2  ' 
torsionmeter  measurement  of  laser  light  back  sea t ter ed  from  a  polarized  target.-  This  is 
an  interesting  technique  that  has  produced  useful  results,  but  it  does  not  appear  to  be 
readily  adaptable  to  the  determination  of  general  displacements  at  multiple  points  on  a 
model  surface;  (3)  use  of  fiber-optic  light  sources  and  optical  detectors.-  A  similar 
method  was  described  by  Honlinger,  Schweiger,  and  Schewe.  The  present  method  employs 
detectors  supported  on  a  secondary  sting  behind  the  model  and  thus  may  cause  flow 
disturbances;  (  H)  calculation  of  displacements  by  integration  of  measured  strains. - 
This  procedure  is  most  appropriate  when  model  geometry  and  deformations  are  of  simple 
form  and/or  wher  displace-'0'' he  :  re  sizeable  relative  to  model  dimensions.  The 
defoimalion  oi  '  .icopter  rotor  blades  or  of  h i gh-aspec t -ra t i o  wings  fits  these 
conditions.  Acceptable  accuracy  has  been  obtained  with  these  methods,  but  there  is 
still  need  for  a  general  method  for  measuring  arbitrary  deflections  at  multiple  points 
on  models  of  varying  size  and  shape  without  flow  interference  and  with  minimum 
sensitivity  to  v i bra t i ons -- i n  a  cryogenic  environment! 


The  emphasis  on  methodology  for  combat  aircraft  in  this  specialists’  meeting  is  entirely 
appropriate  because  of  the  severity  of  static  aeroelastic  problems  involved  in  achieving 
adequate  maneuverability  and  agility  of  such  aircraft  in  all  speed  ranges  and  operating 
conditions  without  unacceptable  weight  penalties  associated  with  added  structural  mass 
and/or  additional  control  surfaces  and  actuators.  It  is  essential  not  only  that  we  be 
able  to  analyze  these  aeroelastic  problems  accurately  ana  reliably ,  but  that  we  be  able 
to  design  appropriate  light-weight  structures  and  appropriate  control  systems  and  to  do 
it  early  in  the  design  process  rather  than  as  a  late-stage  fix.  The  importance  of  these 
requirements  was  emphasized  during  recent  visits  to  seven  major  U.S.  aircraft  companies 
by  NASA  Langley  personnel.  The  companies  still  rely  on  linear  aerodynamic  and 
structural  models  to  calculate  aeroelastic  deformations  and  loads.  The 
aerodynamic/structures/ inertia  interface  still  causes  difficulty,  and  the  relations 
between  structural  stress  models  and  aeroelastic  models  are  still  not  handled  In  routine 
fashion.  There  is  also  still  a  major  need  for  efficient,  reliable  methods  for 
calculating  aerodynamic  loads  on  arbitrary  aircraft  configurations  at  transonic  speeds 
and  at  high  angles  of  attack.  Experimental  validation  of  such  methods  will  be 
especially  difficult  because  of  the  importance  of  Rey nol ds -numbe r  scaling  and  wind- 
tunnel  wall  effects. 

With  regard  to  design,  we  have  already  seen  that  even  the  relatively  limited  design 
problem  addressed  by  Schmidinger  and  Sensburg  ended  up  being  rather  involved.  in  view 
of  the  multitude  of  design  variables  associated  with  controls  and  control  systems,  as 
well  as  those  involved  with  aeroelasticaily  tailored  composite  structures,  it  is  obvious 
that  such  design  problems  should  be  addressed  within  the  framework  of  computer-aided 
interdisciplinary  design  processes,  and  the  SMP  should  encourage  and  promote  that  kind 
of  activity  within  the  constituent  countries  with  all  deliberate  speed,  recognizing, 
however,  that  methods  disclosure  may  be  limited  by  proprietary  interests. 

With  regard  to  aeroelastic  analysis,  we  saw  methods  involving  a  wide  range  of 
complex! ty--from  the  relatively  simple  adjustment  of  wind-tunnel  data  given  by  Eckstrom 
to  the  comprehensive  analysis  outlined  by  Petiau.  Various  levels  of  analysis  are  needed 
for  various  purposes.  Consequen t ly ,  the  SMP  should  continue  to  encourage  the 
development  of  varied  capabilities  and  the  reporting  of  them  through  its  meetings  and 
publications.  There  appears  to  be  no  reason  to  encourage  restrictive  s ta nda rd i za t i on  of 
methodology  nor  to  promote  any  particular  favored  method  at  this  time. 

The  papers  by  Destuynder  and  by  Yates  and  Chu  serve  to  remind  that  when  aerodynamic 
behavior  is  nonlinear,  static  characteristics  (aeroelastic  or  other)  can  affect  unsteady 
aerodynamics  and,  hence,  dynamic  behavior.  Moreover,  as  was  shown  in  those  two  papers, 
the  static  effects  can  be  quite  substantial.  The  basic  message,  therefore,  is  that  for 
conditions  involving  nonlinear  aerodynamic  behavior,  dynamic  response  and  flutter  should 
be  calculated  (or  measured)  about  a  correct  static  shape  and  loading  corresponding  to 
the  relevant  geometrical  and  flow  conditions  of  interest.  The  SMP  should  continue  to 
monitor  and  report  such  static/dynamic  interactions  as  appropriate. 

Similar  comments  apply  to  the  subject  of  aeroelastic  modeling  and  testing.  Especially 
important  is  the  measurement  of  deflection  under  load  and/or  -he  calculation  of 
deflection  from  measured  loads  and  structural  influence  coefficients.  Accurate 
measurements  of  pressures  and  forces  are  of  little  value  unless  the  configuration  shape 
that  generated  them  is  also  accurately  known. 

Finally,  those  invplved  in  these  and  subsequent  SMP  activities  should  continue  to  bring 
to  the  attention  of  the  A eroel ast i c i ty  Subcommittee  Information  on  significant  problem 
areas  in  static  as  well  as  dynamic  aeroelastic  i  ty  (e.g.,  aeroservoel ast  1  c  i  ty  )  ,  including 
those  problems  that  were  perhaps  not  covered  in  this  specialists’  meeting. 
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